AD-A275  588 


‘X  b\  D\A 


I 


I 


I  * 


MWMWV  OROW  RM  ABKMMCt  HEaCAMH  t  DCVaOPMENT 

7  RUE  ANCELLE  92200  NEULLY  SUR  SBNE  FRANCE 


t, 

■( 

I 


aoaud  lkum  tMit  iM 

» 

Research  and  Development  of 
Ram/Scnuqjets  and  Ibrboramjets 
in  Russia 

(La  Recheidie  et  le  D^vdoppement  des  Stator^cteurs, 
des  Stator^acteuis  k  Combi^on  Supersonique 
et  des  T\i]i)ostator6acteiirs  en  Russie) 


ThtmamM  in  Mtp^itOcatkmmatsaenMed  to  support  a  Lecture  Series 
under  the  sponaorsh^oftke  Propulsion  ondEnertrtks  Panel  and  the 
ConsulmnttmdExdimf§tPropirnrneofAGARDpresaued<m 
lsh‘2ndDacertdterl993inLmatl,Mar3dmd,  UnhedStates, 
ISdt-“I4dtJorutoryI994iHKdtn,  Gertrtmy  and  I7di—18di  January  1994 
bt  Paris,  France, 


i 

/ 

i 

) 


i 

i 


|;  PUMMM  Oeomber  1993 

L  OlalrhHitonmHlAradtidhyonBeiekCom 

t?. 

- -  -  — ■  -  ...<•■,  i  , 

I 


AQARD-L8-194 


ADVISORY  GROUP  FOR  AEROSPACE  RESEARCH  &  DEVELOPMENT 

7RUEANCELLE  92200  NEUILLY  SUR  SEINE  FRANCE 


AGARD  LECTURE  SERIES  194 

I  Research  and  Development  of 

I  Ram/Scramjets  and  Turboramjets 

I  in  Russia 

I  (La  Recherche  et  le  Developpement  des  Statoreacteurs, 

f  des  Statoreacteurs  a  Combustion  Supersonique 

I  et  des  Turbostatoreacteurs  en  Russie) 

I 

\ 

I 

t 


I  The  material  in  this  publication  was  assembled  to  support  a  Lecture  Series 

I  under  the  sponsorship  of  the  Propulsion  and  Energetics  Panel  and  the 

»  Consultant  and  Exchange  Programme  of  AGARD  presented  on 

1st— 2nd  December  1993  in  Laurel,  Maryland,  United  States, 

13th— I4th  January  1994  in  Koln,  Germany  and  17th— 18th  January  1994 
in  Paris,  France. 


North  Atlantic  Treaty  Organization 
Organisation  du  Traitd  de  I’Atlantique  Nord 


94  2  01  01  4 


I 


f' 

) 

I 

i 

The  Mission  of  AGARD 


According  to  its  Charter,  the  mission  of  AGARD  is  to  bring  together  the  leading  personalities  of  the  NATO  nations  in  the  fields 
of  science  and  technology  relating  to  aerospace  for  the  following  purposes; 

—  Recommending  effective  ways  for  the  member  nations  to  use  their  research  and  development  capabilities  for  the 
common  benefit  of  the  NATO  community; 

—  Providing  scientific  and  technical  advice  and  assistance  to  the  Military  Committee  in  the  field  of  aerospace  research  and 
development  (with  particular  regard  to  its  miiitarv  application); 

—  Continuously  stimulating  advances  in  the  aerospace  sciences  relevant  to  strengthening  the  common  defence  posture; 

—  Improving  the  co-operation  among  member  nations  in  aerospace  research  and  development; 

—  Exchange  of  scientific  and  technical  information; 

—  Providing  assistance  to  member  nations  for  the  purpose  of  increasing  their  scientihe  and  technical  potential: 

—  Rendering  scientific  and  technical  assistance,  as  requested,  to  other  NATO  bodies  and  to  member  nations  in  connection 
with  research  and  development  problems  m  the  aerospace  held. 

The  highest  authority  within  AGARD  is  the  National  Delegates  Board  consisting  of  officially  appointed  senior  representatives 
from  each  member  nation.  The  mission  of  AGARD  is  carried  out  through  the  Panels  which  arc  composed  of  experts  appointed 
by  the  National  Delegates,  the  Consultant  and  Exchange  Programme  and  the  Aerospace  Applications  Studies  Programme.  The 
results  of  AGARD  work  are  reported  to  the  member  nations  and  the  NATO  Authorities  through  the  AGARD  series  of 
publications  of  which  this  is  one. 

Participation  in  AGARD  activities  is  by  invitation  only  and  is  normally  limited  to  citizens  of  the  NATO  nations. 


The  content  of  this  publication  has  been  reproduced 
directly  from  material  supplied  by  AGARD  or  the  authors. 


Publi.shed  December  1993 

Copyright  C  AGARD  1 993 
All  Rights  Reserved 

ISBN  92-835-0732-0 


I  Primed  by  Specialised  Printing  Services  Limited 

40  Chigweil  Lane,  Laughton,  Essex  IGIO  3TZ 


II 


Abstract 


Russia  has  a  long  tradition  of  achievement  in  ramjet  research  and  development.  This  tradition,  and  aspirations  toward  new  and 
effective  products,  have  led  to  establish  Russian  priority  in  the  ramjet  field. 

This  Lecture  Series  will  present  and  discuss  the  scientific  problems  of  the  development  of  ramjets/scramjets  and  turboramjets. 

Some  specific  aspects  of  liquid/solid  ramjet  development,  the  concepts  of  LH2  high  efficiency  RAM  combustors,  the  results  of 
full  scale  turboramjet  testing,  scramjet  or  CFD  analyses  and  their  ground  flight  tests  will  be  studied. 

This  Lecture  Series,  endorsed  by  the  Propulsion  and  Energetics  Panel  of  AGARD,  has  been  implemented  by  the  Consultant  and 
Exchange  programme. 


Abr^e 


II  existe  en  Russie  une  longue  tradition  de  realisations  dans  le  domaine  de  la  recherche  et  le  developpement  des  statoreacteurs. 
Ces  traditions  et  ces  ambitions  de  produits  nouveaux  et  cfhcaces  ont  contribue  a  I'etablissement  de  la  primaute  russe  dans  le 
domaine  des  stator^cteurs. 

Ce  cycle  de  conferences  presente  et  expose  les  problemes  scicntifiques  poses  par  le  developpement  des  statoreacteurs,  des 
statoreacteurs  a  combustion  supersonique  et  des  turboreacteurs. 

La  conference  etudiera  certaines  particularites  du  developpement  des  statoreacteurs  liquide/solide,  les  concepts  des  chambres 
de  combustion  RAM  LH2  a  rendement  eleve,  les  resultats  des  essais  des  turboreacteurs  a  grandeur  reelle,  les  statoreacteurs  a 
combustion  supersonique,  les  analyses  a  I’aide  de  I'aerodynamique  numerique  et  les  essais  au  sol. 

Ce  cycle  de  conferences  est  presente  dans  le  cadre  du  programme  des  Consultants  et  des  Echanges,  sous  I'egide  du  Panel 
AGARD  de  Propulsion  et  d'Energetique. 
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INTRODUCTION  AND  OVERVIEW 

by 

Prol.,  D.Sc.  V.SOSOUNOV 
CIAM  (Ceiiliiil  Instimie  of  Aviiitioii  Motors) 

2,  Aviitinoloniiiyii  S(. 

111250  MOSCOW 
RUSSIA 


SUMMARY  OF  LECTURE  SERIES. 

Rnmjets,  iiirboriitiijets  and  scmitijets  are 
studied  very  intensively  in  many  advanced 
countries  as  very  effective  propulsion  for  missiles 
and  high  velocity  planes  including  aerospace 
pliines  during  their  acceleration  in  the 
atmosphere. 

All  these  types  of  airbreathing  engines  have 
the  .similar  elements:  ram  ducts.  That  fact  allows 
ns  to  unite  the  discn.ssion  on  R  &  D  problems  of 
all  these  engines  in  the  frame  of  the  Lecture 
Series. 

Russia  has  quite  large  experieitce  in 
re.searclt  and  developnteitl  of  high  velocity 
airhreathiitg  eitgines  for  tittittatined  vehicles  aitd 
fittnre  aero-  attd  aerospace  platies.  This 
experiettce  is  connected  first  of  all  with  ratiijets  or 
combined  eitgities  having  ramjet  dttct,  attd  also 
with  the  tise  of  .solid,  liqttid  attd  hydrogett  fuels. 

The  traditioits  of  ramjet  developtttettt  go 
back  to  prewar  period  and  to  the  afterw-ar 
aspiration  to  ttew  achievements  which  led  to  well 
known  Rii.ssiait  priority  in  ramjet  Held.  The  short 
historical  overview  as  well  as  the  survey  of  the 
contemporiiry  .state  of  high  speed  etigittes  R  &  D 
in  Russia  are  giveti  m  this  overview  lecture. 

The  following  part  of  Lecture  Series  is 
devoted  to  disctiss  the  resitlt  of  R  &  D  of  solid 
propellant  ramrockets,  liqttid  fitel  ratnjeis  and 
experimental  hydrogett  ram  combustors. 

The  ttext  lectttres  are  devoted  to 
tnrboramjets.  The  results  of  the  large  program  of 
itive.stigatioti  of  the  feattires  and  performance  of 
experimental  fttll  .scaled  litrboramjets  developed 
at  CIAM  iire  disctts.sed.  The  secottd  .stage  of 
aerospace  platie  iicceleration  to  Mach  nttmber  10 
-  12  (attd  more)  matty  connect  now  with  the  use 
of  scramjet  ettgittes,  which  are  stitdied  itt  the  ttext 
two  parts  of  Lecture  Series.  Itt  the  first  of  thent 
the  ftatttres  attd  perforntiiitces  of  scratttjets  and 
also  the  resttit  of  their  groititd  attd  flight  tests  are 
discttssed.  The  la.st  part  of  Lecture  Series  is 
devoted  to  Scramjet  CFD  methods  attd  attalyses 
esults  review. 


NOMENCLATURE 


D.d  - 

diatneter; 

U  - 

iiltittide: 

Hu  - 

itta.ss  heat  of  combtistioii; 

Hv  - 

voittmetric  heat  of  contbustioii; 

1 

tnass  specific  iittpiilse; 

Iv  - 

vohittietric  specific  impul.se; 

L  - 

length; 

M  - 

ittach  miittber; 

P 

pressure; 

T  - 

tetiiperatiire; 

t 

time; 

V 

tlight  velocity; 

V 

volume; 

w 

air,  gas  velocity; 

ABBREVIATIONS 

ABE 

-  airbreathiitg  engiites; 

ASP 

-  aerospace  pl;me: 

ATR 

-  airtiirborockel; 

DMSCRJ  -  dual  tttode  scramjet; 

FD 

-  tlying  distaitce; 

FV 

-  tlying  vehicle: 

1 

-  Itta.ss  specific  impulse; 

JP 

-  hydrocarbon  fuel,  kerosene: 

■^v 

-  volumetric  specific  impulse: 

LFRJ 

-  liquid  fuel  ramjet; 

LIh 

-  liquid  hydrogen; 

LR^ 

-  liquid  rocket; 

PR 

-  pressure  ratio; 

PS 

-  propiil.sion  system; 

RJ 

-  ramjet  engine; 

SCRJ 

-  scramjet; 

SCRJ- 

R  -  scram-rocket  engine; 

SFC 

-  specific  fuel  consumption; 

SPRR 

-  solid  propellant  rantrocket; 

SR 

-  solid  rocket; 

SSTO 

-  Single  stage  to  orbit  ASP; 

TF 

-  turbofan: 

TRJ 

-  tiirboramjel  engine; 

TSTO 

-  Two  stage  to  orbit  ASP. 

1.  INTRODUCTION 

It  is  well  kttow  that  the  use  of  rattt/.scratttjet 
prittciple  pertitit  to  broaden  the  sphere  of 
airbreathiitg  ettgittes  application  to  the  high  attd 
Itypersottic  flight  speeds  area  especiitlly  whett 
tisiitg  H2-  fitel  (Fig.  I.l). 


Presented  at  an  AGARD  Lecture  Series  on  'Research  and  Development  of  Ram/Scramjets  and  Turboramjets  in  Russia',  December 
IW  to  January  IW4. 
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Riiin  propulsion  ciin  be  divided  into  three 
groups  which  chiinicterized  by  type  of  engii'e, 
fuels  iind  iippliciitioii  (Fig.  1.2): 

I.  Ramjets  or  ramrockets  for  missiles  which 
equipped  with  power  boosters.  They  ii.se  liquid 
fuels  (LFRJ)  or  solid  propellants  (SPRR).  The 
pos.sible  Mach  mimber  flight  range  txteiuis  from 
1.5-2  to  }  -  4.5. 

1  Cwnbiiwd  enginen  (TRJ  ATR  wnd 
others)  with  ram  duct.  The  ga.sturbine  core  engine 
of  them  iisnally  is  switching  off  near  the  flight 
Mach  number  of  3.  The  ntaximiim  flight  Mach 
mimber  of  ram  duct  work  extends  up  to  4  -  4.5 
by  using  of  kerosene  and  up  to  6  -  7  by  using 
cryogenic  (LH2)  fuel  which  has  big  cooling 
capacity.  Their  application  may  be  on  hypersonic 
cruise  aircraft  or  on  aerospace  planes  for  the  first 
stage  of  their  acceleration. 

3.  .Supersonic  combustion  ramjets  using 
LHt  h;ive  the  operating  Mach  number  range 
from  5  -  6  (dual  mode  sub/supersonic 

combustion  SCRJ:  from  3  -  4)  up  to  10-15  and 
more  if  the  o.vygen  boosting  is  used.  The 
application  of  such  engines  may  be  realized  on 
hypersonic  cruise  or  aerospace  planes.  Scramjeis 
can  power  hypersonic  cruise  missiles  when  using 
heavy  licpiid  fuels,  for  instaiKC  eiidolhoiiuit 
hydrocarbon  fuels.  In  such  case  the  FV  cooling 
problems  restrict  the  maximum  value  of  flight 
Mach  number  on  6  -  7  limit. 

The  first  group  of  ram  propulsion  is  iii 
quite  wide  service  or  under  development  011 
different  missiles,  but  the  second  and  the  third 
groups  of  engines  are  on  different  stages  of 
scientific  study,  research  and  development. 

Unlike  the  aviation  gasturbiiie  engines  the 
use  of  ram  propulsion  connects  with  application 
of  different  kinds  of  fuels;  from  common 
kerosene  to  slush,  .solid  propellants  and  cryogenic 
fuels,  such  as  LH2  and  CH4.  This  problem  mu.st 
be  overs’iewed  (121. 

Mendeleev  Table  of  chemic.il  elements 
gives  us  only  7  elements  with  the  mass  heat  of 
combustion  Hu  >  25  M.l/kg  (Fig.  1.3).  Hydrogen, 
beryllium  and  boron  have  the  most  mass  heat  of 
combustion,  and  boron,  beryllium,  carbon  and 
metals;  aluminium  and  magnesium  -  the  most 
volumetric  heat  of  combustion. 

The  ma.ss  heat  of  combustion  Hu  is 
preferable  for  large-size  FV  and  volumetric  Hv  - 
for  small-size  FV  (so  called  "low-volume"),  as  by 
the  geometric  similarity  the  relative  vehicle 
volume  is  proportional  to  the  characteristic  size: 


V  “  D  (Fig.  1.4).  Here  boron  is  beyond  the 
concurrence. 

The  above  mentioned  elements  can  be  used 
as  fuels  directly  either  in  chemical  compounds  or 
mechanical  mixtures  each  with  other  (Fig.  1.5). 

For  the  manned  FV  it  is  practically 
rea.sonable  to  use  hydrogen  and  hydrocarbons  as 
fuels.  In  the  past  (in  the  .50s)  they  attempted  to 
u.se  Mw  borj.»l^yttrk1e<  iu  llw  aircnfl  tui  the 
toxicity  of  the.se  fuels  and  the  viscous  boron  oxide 
formation  while  burning  made  attempts  unreal. 

For  small  unmanned  FV,  that  is  for  ramjet 
powered  missiles,  more  heavy  fuels  are  suitable 
such  as  heavy  and  synthetic  hydrocarbons,  solid 
fuels  with  metals  (Al.  Mg)  or  boron  as  the 
components.  It  is  possible,  in  principle,  to  use 
the  boron  as  a  powder,  or  as  a  slusli  of  boron 
powder  in  kerosene,  or  as  a  liquid  hydrocarbon 
chemical  compound. 

The  ;ibove  mcnlioiied  three  ram 
propulsion  groups  are  overviewed  below. 

2.  RAM  PROPULSION  FOR  MISSILE.S 
Short  Historical  Review 

Ramjet  as  the  simple.st  type  of  airbreathing 
engine  w'hich  has  low  value  of  fuel  consumption 
during  the  flight  m  the  atmosphere  in  comparison 
with  rocket  engine  long  since  attract  the  attention 
of  scieiili.sts  .Mid  eiigiiieeis  in  iiiaiiy  countries. 

The  fust  niiniel  ide;i  was  offered  in  France 
by  Reiie  Loriii  m  I9I3  |l|.  In  Russia  the  base  of 
r.imjet  airbrealluiig  engine  theory  was  developed 
III  1929  by  ITS.  Stechkin  |2|,  who  became 
afterwards  famous  ,scieiiti.st  in  the  aviation 
gasturbine  engine  Held,  academician. 

The  first  actions  devoted  to  development  of 
experimental  ramjets  began  in  Russia  before  the 
War  II,  At  the  beguming  of  30s  Professor  Yu. A. 
Pobedouostsev  was  testing  the  ramjets  on  artillery 
projectiles.  The  first  development  and  flight 
testing  of  subsonic  ramjet  w'ere  done  by  engineer 
I.  Merkiilov  in  1939.  The  engine  was  attached  to 
the  flying-bed  aircraft  and  ignited  in  flight. 

At  the  War  11  end  oeriod  the  work  on 
ramjet  development  was  continued,  and  in  1944 
it  was  been  concentrated  at  special  De.sign 
Bureau  headed  by  Chief  Designer  M.M. 
Bondaryuk.  M.M.  Bondaryuk  who  had  the  great 
talent  as  a  designer-organizer  and  scientist  has 
created  high  qualified  team,  scientific  and 
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designer’s  school,  tliiit  permitted  to  develop  some 
effective  riimjet-systems  iiiid  afterwiirds  to 
siiimiiarize  the  ramjet  development  experience  in 
some  books,  one  of  which,  written  by  M.M, 
Bonclaryiik  and  S.M.  Iljashenko,  |3|  is  well 
known  in  the  world. 

The  scientific  heritage  of  M.M.  Bondaryiik 
is  quite  broad  (Fig.  I.()): 

-  d''velopment  of  basic  ramjet  theory,  methods 
of  its  calculation  and  design; 

-  study  of  duct  gas  dynamics;  supersonic 
intakes,  ram  combustors,  controlled  jet  nozzles; 

-  effective  fuel-air  mixing,  flame  stabilization 
and  combustion; 

-  research  of  different  energy  sources:  chemical 
and  nuclear; 

-  melhoilology  of  ramjets  development,  ground 
and  flight  testing. 

Pre-war  initial  activity,  the  Bondaryuk 
Design  Bureau  actions,  the  activity  of  the 
tt.ilK>>\ iii^  l)esij;ii  flurt.iit.s,  the  poixeTlul  CtAM, 
Tsai.i  and  other  institutes  .scientific  siippoil  have 
created  tin*  great  Rikscih  tr.'idiiusris  iiiul  piinritv 
III  ramjets  field 

Later  in  bOs  -  SOs  the  developments  of 
ramjets  ratnrockets  systems  were  carried  out  in 
several  Design  Bureaus. 

The  basic  knowledge  on  ramjets  .ind 

ramrockets  one  can  have  got  from  releiences 
II. ..(,|. 

First  Ramjet  Cienerations 

The  description  of  ramjet  missile 

generations  given  by  B.  Crispin  |8|  divided  the 
generations  by  the  grade  of  propiilsion/inissile 

dart  integration  (Fig.  1.7). 

The  first  generation  of  missile  has  The 
ramjet  nacelles  outside  the  dart.  Russia  has  not 
luivulrs  of  swtr  The  wvtud  geiuT-rUnw  *tt 

missiles  has  integrated  ramjet  and  missile  dart, 
but  boosters  are  mounted  e.xternally  in  tandem  or 
parallel  position. 

Russian  operational  stirface  to  air  tnissile  of 
second  generation  SA-4  GANEF’  using  kero.sene 
ramjet  is  well  know  |2I|.  It  has  circular  intake 
with  long  forebody  and  shorter  air  duct  between 
inlet  and  combustion  chamber  than  the  missile 
with  tip  intake.  This  layout  is  better  for  guidance 
system  arrangement  and  maintenance  but  there 
iire  .some  troubles  by  flight  on  big  tingles  of 
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attack.  Ramjet  of  this  missile  was  developed  at 
Bondaryuk  Bureau. 

There  is  not  so  known  another  Russian 
ramjet  missile  of  the  second  generation:  the 
"Burya"  Mach  .1  class  large  cruise  missile  (Fig. 
I.K).  The  cruise  missile  was  designed  for  an 
intercontinental  range  and  had  the  total  weight  of 
130-ton  class  |I0|.  Lwo  liquid  boosters  were 
installed  under  missile's  delta  wing.  The  ramjet 
engine,  designed  by  M.M.  Bondaryuk.  was 
integrated  in  the  fuselage  of  19  meters  length  and 
had  a  tip  intake,  connected  with  the  combustion 
chamber  by  a  long  cylindrical  duct.  Around  the 
duct  was  displaced  a  ring-shaped  kerosene  lank. 

The  ramjet  had  3-shock  high  efficient  inlet 
and  siibseqiienl  launches  sliowed  reliable  action 
of  ignition  .system  and  efficient  fuel  burning 

The  "Burya"  cruise  missile  development 
began  m  1954,  and  since  1957  were  carried  out 
iiiaiiy  l.iiiiiciies.  but  despite  ol  sntccssfiil  Ib^lit 
tests  this  splendid  project  was  stopped  after 
succr's'sl'u]  laiiiu.'li  ol  I  tie  RuxsiAii  R7 
intercontinental  ballistic  missile. 

Despite  of  its  cancellation  the  "Burya" 
project  gave  the  large  technology  experience 
especially  in  ramjet  field. 

New  (ieneiation  of  Full  lut^iited  Ramj^ 

The  first  missile  of  the  third  generation 
which  used  low  volume  full  integrated  ram/rocket 
construction  was  the  Russian  low  altitude 
surface-to-air  system  ZRK-SD  Kiib  (3M9)  well 
know  as  SA-b  "Gainful"  in  NATO  code  |211. 

Show'll  in  the  Fig.  1.7  and  1.9  the  missile 
SA-b  has  an  integral  ram/rocket  propulsion.  The 
solid  propellant  insert  booster  gram  accelerates 
die  missile  for  4  second  To  .i  speed  of  Mach  1.5. 
Then  after  ejection  of  booster  rocket  nozzle 
mwsiV  «  Jry  a 

ramrocket  sustamer,  whicli  is  fed  with  ram  air 
from  four  inlets  in.stalled  along  the  dart.  For  22.5 
seconds  maximum  speed  is  reached,  according  to 
Mach  number  of  2.8  |2I  |. 

Being  for  the  long  time  in  worldwide 
service  the  SA-b  missile  was  developed  by  the 
Toropov  Design  Bureau  in  cooperation  with 
TsAGI,  CIAM  and  other  organizations  and  in  the 
middle  of  bOs  has  gone  to  mass  production  |9|. 

The  SA-b  missile  has  opened  the  new  stage 
of  ramjet  propulsion  development.  Now  the  low 
volume  integral  rain/rockets  become  more 
compatible  with  rocket  propulsion  on  different 
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types  of  missiles.  The  SA-6  is  now  the  iiiiKiiie 
nun  propulsion  sy.stem  using  solid  propellant 
ramrocket  type  as  the  siistainer. 

The  low  volume  ramjet  propulsion  of 
integral  type  is  characterized  by  four  main 
principles  (Fig.  I.IO); 

1.  Full  integration  of  propulsion  and  Hying 
vehicle  in  unit  dart.  One,  two,  four  intakes  are 
installed  laterally  an  the  dart. 

2.  Ram  combiKstor  and  booster  (grain  or  case 
with  grain)  are  combined. 

3.  U.se  of  liquid  or  .solid  fuels  with  high  value  of 
volumetric  heat  of  combustion. 

4.  Use  of  ejection  action  of  sustained  solid 
propellant  in  ramrocket  to  increase  the  fioni  area 
specific  thrust. 

As  It  has  been  shown  (see  Fig.  1.4)  the 
SPRR  using  heavy  solid  propellants  with  high 
volumetric  heat  capacity  are  more  suitable  for 
rather  small  nus.siles  needed  more  simple 
operation  conditions.  But  the  last  requirement 
may  lead  to  SPRR  .tppliaiice  on  iiiiicli  more 
bigger  vehicles. 

The  examples  of  third  generation  of  .iir-to- 
siirface  missiles  with  integral  liquid  fuel  ramiets 
are  shown  in  the  Fig.  Ml  |9|:  Russian  Kh-31P. 
French  ASMP,  both  are  in  service,  and 
French/Ciermaiiic  ANC  is  iii  development  stage. 
The  solidity  of  the.se  missiles  coiistructioii  is  very 
impressive. 

The  common  view  of  Russian  Kli-3IP 
missile  IS  shown  m  tlie  Fig.  I  12.  Iliere  w.is 
developed  in  Rtissi.i  another  bigger  anti  ship 
missile  with  rocket/ramjet  propulsion  system:  so 
called  ASM  -  MSS,  which  has  air  launch  and 
surface  launch  variants  |22|.  The  ASM  -  MSS  as 
well  as  the  Kh  -  3IP  propulsion  .systems  were 
developed  by  Soyiiz  Turaevo  Machine  Design 
Bureau,  the  successor  of  the  Bondaryuk  Design 
Bureau. 

R&D  of  Integral  Ramjet/ Ramrocket  Problems 

As  the  integral  rauijets/ramrockets  are  tlie 
new  combined  sy.stems,  there  are  many  varinits 
of  their  construction  and  many  problems  of  then 
development  and  testing. 

We  will  not  touch  upon  an  aerodynamic 

because  it  is  not  the  subject  of  this  lecture  series. 
Many  such  problems  were  described  in  details  in 
the  previous  AGARD  Lecture  .Senes  No  1.^6. 
l‘)S4.  The  engine  internal  processes  are  of  our 
main  interest. 


.Some  scientific  problems  of  integral  solid 
propellant  ramrockets  development  must  be 
analyzed,  such  as: 

-  Integration  of  ram-  combustor  and  booster. 

-  Energy  capabilities  of  different  ramjet  solid 
propellants  and  their  application. 

-  Effectiveness  of  gasified  fuel  combustion  iii 
ram  combustor  and  fuel  supply  devices  |20| 

-  Methodology  of  model  and  full  scaled 
rain/rocket  systems  ground  testing  |20|. 

-  Pos.sibilities  of  ramrocket  improving  by  fuel 
flow  rate  control  ...  and  others 

Some  problems  of  integral  liquid  fuel 
ramjets  development  must  be  .studied: 

-  The  integration  of  ramjet  combustor  and  solid 
rocket  booster. 

-  Duct  flow  instability  during  the  ejection  of 
booster  case 

-  Fuel  supply  devices  and  .‘fleet  iveiiess  of 
combustion  m  ramjet 

-  Ffficient  adaptive  control  ol  nimiet  on 
different  trajectories  ol  llighi 

The  miegr.il  ramiet/r.imrockel  svsieiiis  .iie 
one  of  the  most  promising  propulsion  lor  missiles 
of  different  type  Longer  range,  adaptive  value  of 
thrust  by  flight  at  different  altitudes,  bigger  uie:ui 
trajectory  speed  of  missile,  that  are  the  mam 
advantages  given  by  integral  ram  propulsion 


^  PROIHILSIDN  FOR  lllCill  VFl.tKlTY 
FLU  ill  I 

Cre;ilioii  possib.lity  of  reiis.ihle  .leiospjce 
ysteuis  (two  sl.ige  v.ni.mtl  .iiid  Iheii  .AHL 
propulsion  w.is  under  intensive  stialy  from  the 
begiuuuig  of  (lOs.  However  only  .it  List  ye.irs  the 
progress  m  aviation,  astronautics,  propulsion, 
materials  made  real  the  programs  of  research  :iik1 
development  m  this  held.  The  tempting  go:il  to 
create  iii  the  next  century  the  aerospace  system 
(especially  single  stage  one)  inspired  scientists 
.iiid  designers  iii  iiiiiiy  countries.  I  lie  .ASF 
projects  have  been  pro|H>sed  m  the  LiSA.  the 
11 K,  Germany.  Riissii  ,nid  ;ire  developing  in 
some  other  coiiiitries  (France,  .lapaii.  :md  other). 

New'  giials  gave  the  power  impulse  to 
rvtse.vrvFi  awA  vkvtFo.pviw.n\  v.onvbmv‘v(  .md 
ramjet  engines  for  high  supersonic  and  hypersonic 
speed  flight.  The  results  of  theoretical  and 

trvUfeU  'v»  Wicb 

which  was  conducted  m  ClAM  and  other 
organizations  in  Russi:i  at  60  -  90s,  are  the  base 
experience  for  start  of  new  stage  of  practical 
action  |ll|.  This  experience  includes: 


A 
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coiiceplu;il  tlieorctical  mvcstigiilioiis  ut 
:ierosp;K'e  phines  ;iiid  tlieir  coinbiiied  propulsion 
systems  of  difl'ereiit  type  using  luiind  hydrogen. 

-  tlie  works  round  directed  on  developing  ;nid 
investig.ition  of  experunent;il  tiirbonimiets  using 
hydrocMibon  tiiels; 

-  expernnent;il  works  complex  mtended  to  solve 
pructicul  problems  of  using  LUi  m  :nrbre;illinig 
engines,  such  ;is  hydrogen  supply  and  effective 
burning,  developing  of  turbofan  engine  using 
ciyogeinc  fuels:  hydrogen  and  methane,  llights  of 
experimental  "hydrogen "  aircraft  with  this  engine. 

the  search  of  rational  scramjet  types, 
mathematical  modeling  of  processes  m  its  duel.', 
model  .scramieis  research  on  ground  test  laciliiies. 
the  first  Might  tests  of  model  scramjets. 

Propnlsavm  -Sy^t^itl  C  I^r  Aerospace  I’l.nie 

The  ClAM  with  Ts.ACil  and  other  avi.ition 
industry  organizations  (I4|  carry  out 
investigations  of  propulsion  systems  for  v.irioiis 
types  of  aerospace  vehicles  (Fig.  11.^): 

-  single  .st.ige  earth-to-orbit  vehicles  (miiuI.ii 

"NASP"); 

-  two  stage  vehicles  (similar  ".Sanger"); 

-  two  stage  vehicles  (orbit  plane  launch  from 
subsonic  heavy  aircraft).  These  vehicles  are 
intended  for  transport  of  payloail  to  iie.ii-e.nth 
orbit  1 1 1 1 

The  single  stage  earth-to-orbit  vehicle  c.in 
be  provided  with  altertiative  propulsion  systems 
such  as  aTR  with  gas  generator  of  expander 
cycles;  tnrboramiet.  tiirbofanramjet  -  for  first 
phase  of  acceleration  (O  <  M  <  ."^-b).  For  greater 
Mach  nnmbers  (from  M  =  3  ...5  to  M  =  12  15) 
apphea'ion  of  scramjet-rocket  is  ;issumed 
Further,  np  to  orbit  velocities  vehicle  will  be 
powered  by  liquid  rocket  engines 

For  the  First  stage  of  two  stage  vehicles 
such  types  of  engines  as  turboramjet  with 
throiigh-llow-cycle  or  combined  turbojet +du;il 
mode  scramjet  can  be  proposed.  The  second 
stage  of  T.STO  is  powered  with  liquid  mcket 
engines. 

The  lirst  .stage  of  two-stage  vehicle  based 
on  subsonic  aircraft  '"MRIA"  is  powered  by 
turbofan  engines  DIST.  For  second  stage  liquid 
rocket  engine  are  envisaged. 

The  final  choice  of  PS  for  aerospace  plane 
mu.st  be  done  on  base  of  analysis  and 
optimization  of  various  concepts  and  some 
practical  consideration. 

For  efficiency  analysis  of  alternative 
propulsion  system  concepts  the  complex  program 


(vehicle  synthesis  and  analysis)  was  created  in 
Cl  AM.  riiis  soil  ware  complex  makes  it  possible 
the  optimization  ol  following  components: 

-  acceleration-climb  trajectory  wiih  accoiinl  to 
limitations  for  dyn;muc  pressure, 
aeroiherniodyiiamic.  acceleration  loads,  etc.; 

-  operation  regimes  ol  engines  (liie|/au  ratio, 
range  of  Mach  iiumbers); 

-  mam  eugiiie  cycle  p;iranielers; 

-  engine  and  vehicle  matching  parameters 
(thrust  to  tot.il  weight  ratio,  wing  loading,  engine 
static  thrirst  per  unit  inlet  area,  inlet  to  wing  .irea 
ratio) 

Ihe  modem  iiiathematical  melliods  of 
optimi/alion  are  iiseil. 

|■ngnle  Types  tor  the  Inst  Stage  ot  ASP 

.Acceleration 

The  propulsion  of  ASP  on  the  lirst  stage  ot 
accelenitioii  up  to  M  5-7  c.in  lu'l  be  re:ili/ed 
with  engines  of  convenlion;il  type  by  two  re.iscuis. 

The  first  is  more  broad  region  of  llighi 
.M.ich  number  The  use  of  combined  engine  must 
be  the  necessity 

Ihe  sect'inl  is  the  use  v)|  l.lls  liiel  i>u  ASP 
Ihe  unK|ue  properties  ol  1,1  Ij.  such  .is  gre.ii  he. it 
of  combustion,  big  cooling  capacity  .md  high 
energy  caipacily  .is  ;i  working  medium,  .illow  iis  to 
study  ;uul  develop  ;i  gre.il  number  ol  new  tvpes  of 
l.lb  -  ABE  with  complex  thermodynamic  cycles 
having  a  siibstantuilly  belter  cluiracteristics  and 
p.irameters  -  specific  thrn.st,  specific  impulse, 
thrust 'weight  nilio.  maximum  tlighi  speed,  .iiid 
with  possibilities  of  engine  components  cooling 

All  such  engines  must  be  provided  by  ram 
duct.  From  the  end  of  'sO-s  in  various  countries 
.nid  companies  (in  flAM  also)  there  w.is  .iii 
intensive  work  for  searching  the  optimal  types  of 
combined  propulsion  system  using  conventioii.il 
fuel  and  LH2  for  high  Mach  number  cruise  FV 
and  ASP.  The  prmcip.il  review  of  this  problem 
was  done  in  monogniph  |6|  and  some  results 
were  published  in  many  previous  and 
contemporary  works,  for  example  |15|,  |I6|. 

Typical  schemes  of  engines  for  ASP 
acceleration  up  to  M  -  5. .7,  for  landing, 
maneuvering  and  for  ferrying  are  shown  m  Fig. 
1  14,  The  variants  of  airtiirborocket,  turbof;m  and 
turboramjet  engines  are  studied  on  present  time. 
Tlie  choice  of  engine  type  depend  on  many 
factors:  working  range,  required  dimension-mass 
and  Ihrtist-fiiel  consumption  performance, 
technology  capabilities. 
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C’lA Vi  F- xiH' I ime iit;il  Tmhonimjets  1 1 1 1  1 17|  ( IS| 

The  ground  Jests  of  experiiiieiitiil  full-scale 
tiirboramjels  were  carried  on!  at  ClAM  in  70-80s. 
The  experimental  tnrhoramjet  engines  was 
assembled  from  units  ol  soviet  series  produced  TJ 
and  IF  engines  (Fig.  1,15).  The  deep  theoretical 
researches  of  inrboramjet  performances, 
structures  and  application  possibilities  were 
carried  out  before  experimental  work  beginning 

|7|. 

F.xperimental  investigations  was  carried  out 
at  ClAM  special  cell  with  high  speed  flight 
conditions  simnlatioti  (Mi,,.,^  =  4-4,5).  This  cell 
was  equipped  with  inlet  air  heating  and  ejector 

testing  parameters  of  inlet  air  were  T  =  288-1000 
K.  P  =  0. 1-0.2  MPa. 

The  mam  goals  of  experimental  research 

were: 

-  complex  study  of  operation. 

-  afterburner  and  ramjet  combustor  operation, 

engines  switching  ptodes  (M  .1)  and 
operation  stability. 

-  .vindmilling  mode, 

-  p.avvigc  hydiMJtTic  cliaiMcieriVtcii 

-  power  output  possibilities, 

-  raniiet  operation  mode  characteristics  (M  > 
2.5), 

-  ramjet  combustor  and  nozzle  cooling  at  M  - 
.1.5-4. 5. 

-  cooling  system  impact  on  thrust  ;md  SFC, 

-  structure  heat  state  and  traiisinission  opera¬ 
bility. 

In  Fig.  1.16  are  shown  the  results  of 
tiirboramjet  transient  mode  experimental 
research,  riiis  process  is  needed  of  special  control 
of  bypass  switching  device  and  engine  nozzle  area 
to  avoid  unstable  operation  and  surge  of  engine 

This  work  was  intended  lor  cruise  I  V  using 
conventional  JP-fnel.  Rut  inspire  of  this  matter 
tile  etfii' riciice  giinKcl  in  tins  'inique  exqiei  '"  ■■SU:il 
round  may  be  very  useful  by  solving  ASP  power 
system  problems 

Lil 2 1)1  ABF  and  F'V  Experience 

We  have  realized  some  programs  to  solve 
the  problems  of  using  hydrogen  in  ABF.  devoted 
tu  .snbsermc  .tnd  supersonic  FV  .  These  programs 
were  coordinated  by  ClAM  as  the  head 
organization.  Main  results  were  discussed  in 
previous  author  papers  |I2|  |l.l|.  Here  they  will 
be  brietly  overviewed: 


1) .  File  III  "sligalions  round  of  model 
afterburning  and  raniiet  direct-tlow  conjbnstjqn 
chambers  wiili  H2  -  gasifying  fuel  diffusion 
combustion  in  subsonic  How  with  solving  such 
problems  as: 

-  flame  .stabilization  behind  fuel  nozzle  edge; 

-  ignition  and  flame  spread  to  all  nozzle: 

-  iiicrea.se  of  nozzles  number  and  chamber 
length  reduction; 

-  separate  combustion  without  coiiniieiice  of 
flames; 

-  uniform  spre;id  of  fuels  and  air  in  chamber 
section. 

Willie  meeting  tins  conditions  the 
combustion  chamber  using  the  hydrogen  can  be 
UvwliP  1-2  '  as  short  as  a  ciirtUwvtJ,ir  iisitiy 
the  kero.sene  with  high  burning  completeness 
(Fig.  1.17). 

2) .  R&l)  of  l.lh  -  engine  fuel  feed  system 
as  a  complex  of  systems  and  aggregates  vvliich 
functions  are  lull  feeding  :md  control  of  the 
engine  at  all  stages  of  its  operation.  Tw'o  cl.isses 
of  ‘aich  ssMtms  were  researched:  open  loop  and 
closed  loop  schemes.  The  lirst  one  was  developed 
and  applied  to  experimental  Lib  -  engine  of 
S.am.ovi  Scu'HUtiic-IVjuliuliinU  'iv\(w't:u i>'4j  jSSf’M 
"Triid'. 

.1).  File  creaiion  ol  e,x[X'rmieiiial  l.Hg- 

tnrbofan _ NK-88  al  the  Design  bureau  of 

academician  N  I).  Kuznetsov  (SSPA  "Triid")  with 
ClAM  co-operation.  Fhis  engine  b;ised  on  the 
NK-8-2C  tiirbofan  which  is  n.sed  on  ’lu-1.54 
aircraft.  It  has  such  mam  hydrogen  aggreg;ites 
(Fig.  1.18):  liirbopnmp.  heat  exchanger  -  I  lls 
gasificator,  miilli-nozzle  combustion  chamber 
equipped  with  special  Ha-air  nozzle  modules  of 
selected  type.  :ind  also  special  hydrogen 
equipment:  lubes,  valves,  container,  s;ifety 
protection  syMem  and  so  oti  The  NK-88  can  be 
easily  converted  for  running  on  the  liquid  natural 
gas  (methane). 

4i  Tiic  criMtum  j->r 

‘'.''v'TIi  Tii-I.a.l  111  design  bureau  of 
academician  A.A.  Tupolev  using  one  NK-88 
tnrbofan.  .Special  t;mk.  fuel  supply  and  safety 
proUction  .systems,  .mlield  coniplex  were 
developed. 

The  Tu-I55  aircraft  (Fig.  1.19)  in  the  rear 
Trtsela^  l>art  has  a  sf-ecvnl  •retfwm  m  which  hw 
liquid  hydrogen  tank  of  volume  18  m^  and  fuel 
systems  are  loc:ited.  For  the  .sake  of  safety  in  case 
of  possible  hydrogen  leakage  the  fuel  .section  is 
either  filled  with  nitrogen  or  contimionsly  purged 
w'lth  air  from  the  conditioning  system  of  the 
aircraft  The  aircr;ifl  h;is  a  helium  system  too. 
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which  is  used  for  pipeline  scuvenginj!  as  well  as 
for  valve  control  of  hydrogen  fuel  sysleni. 

Flying  tests  were  curried  out  after 
cotnpletion  ot  tlie  iltmiMe  growui  heuclt  tests  of 
the  engine  and  the  individual  eletnents  of  the  tiiel 
system  and  also  functional  checl^  of  the  whole 
aboard  hydrogen  complex  with  a  nmuing  engine 
as  a  whole. 

Tlw  wiJIr  iiikr  eiigjjie  using  ilie 

hydrogen,  made  its  first  historic  llight  on  April 
15,  19SS.  The  first  llight  la.sted  21  minutes.  The 
following  test  llights  lasted  twice  as  much.  Next 
year  on  January  18,  1989  the  same  modified 
aircraft  named  as  Tu-156  has  m:  de  the  first  llight 
with  one  engine  NK-89  running  on  lit|uid 
methane. 

Successful  tlight  tests  of  the  experimental 
vehicles  showed  the  validity  of  the  accepted 
technical  principles  and  approaches  lor  their 
developing.  In  such  a  way  the  investigations  on 
Using  the  altern.itive  fuels  in  the  avialion  being 
under  way  in  Russia  for  more  than  twenty  recent 
years  have  given  the  practical  results. 

The  experience  on  hydrogen  engines,  their 
special  components,  aircraft  and  air  field  systems 
v5bt,‘iiitcd  111  iiTciniv  rrcd  w.-.rks  cim  be  itcd 

III  development  of  ASP  first  stage  acceleration 
combined  propulsion  sy.stems,  such  as 
tiirboramjets  and  others. 


4  SCRAMJFT  -  NF.\V  STAC  if  OF  RAM 

ENQJNFS  l)F''FITiPMI^T 

Russian  traditions  in  ramjets  helped  to 
carry  on  theoretical  ;md  experimental  works  on 
scramjets  using  hydrogen  as  a  fuel. 

Hydrogen  scramjet  siippo.sed  to  be  one  of 
the  most  perspective  engines  for  livpersoinc 
vehicles  and  aerospace  planes  in  pailicniar  lor 
SSTO.  In  the  Fig.  1.20  are  shown  some  results  of 
study  of  two  SSTO  vehicle  concepts:  with  and 
without  scramjet  engine  (DMSCRJ).  The  analysis 
allows  ns  to  conclude  that  a  successful  design  of 
single  stage  earth-to-orbit  with  acceptable  value 
of  paylvxd  cm  he  fultillcvl  only  wIk'u  uvmg 
scramjet  engine  m  combined  propulsion  system 

Ikwevrr  fv.t  cr-<:+liug  u  ts 

necessary  to  solve  a  set  of  large-scale  problems: 

-  optimum  engine-tiircraft  integration. 

-  high  combustion  efficiency  with  supersonic 
gas  velocity  being  in  the  combu.stor, 

-  heat  protection  :i;id  cooling  in  high-enthalpy 
gas  flow. 


-  advanced  material  technology, 

-  flight  Mach  number  range  extension 

The  last  factor  is  of  very  importance 
hecaust*  of  stn'Ug  iutluencv  of  scranuet  tlig’lu 
Mach  number  working  range  on  llight 
effectiveness  of  ASP.  So  it  is  necessary  to  choice 
of  suitable  .scramjet  .scheme  (Fig.  1.21).  Scramjet 
with  fixed  How  passage  geometry  having  more 
simple  and  realizable  construction  takes 
irmisjvireid  avivumage  Ruf  it  Irw  llie-  ri-fuively 
narrow  tlight  Mach  number  nmge  from  M  =  b...7 
to  M  =  IT  . 15. 

The  llight  Mach  number  range  extension 
may  be  obtained  as  the  engine  with  more  flexible 
operating  process,  for  e\:imple.- with  the  variable 
How  passage  geometry  is  used.  In  particular,  the 
dual-mode  .scramjet  (ramjet/scramjet)  application 
allows  us  to  reduce  the  low  limit  of  Mach 
number  range  from  M  ■  6.  .7  to  M  -■  T  .4. 

At  high  llight  Mach  number  (M  >  lOi  the 
scramjets  effectiveness  may  be  oxygen  boosting. 
The  hydrogen-oxygen  scramjet  specific  impulse  is 
lower  a  little  then  that  one  of  hydrogen  .scramjet, 
StU  vohmKiriv  lmptlV^c  c-Vihc  first  engmo  Va  M 
12-20  IS  2. ..3  times  greater  Unis,  oxygen 
application  ni:i\  be  the  acceptable  meamiig  to 
I'^slucc  fuel  t;nik  tHuss  ;md  votume  .ukI  l  mcfc;v:,e 
the  aerospace  plane  etfectiveness. 

The  .study  of  .senimjets  development 
problems  can  be  made  by  three  mam  directions: 
CFD  analyzes,  ground  testing,  use  of  llight 
laboratories  and  experimental  Hying  vehicles 

^  ^l!I>P'OTLA'T'*y^L''  £•' 

Hecaiise  of  lest  possibilities  limitation  and 
difficulties  of  lue.isiirements  m  high 
speed/enthalpy  Hows  the  computer  analysis  of 
scramjet  behaviour  bec.ime  of  great  importaiice. 
It  seized  as  a  powerful  stimulus  in  C'iT) 
development. 

The  program  complex  for  the  compulation 
of  the  two-  and  three-dimensional  scramjet  duct 
How'  field  is  developed  with  the  use  of  the 
modular  slriiclures  of  .softw'are.  The  How  region  is 
dtvtded  into  ■.•lettV-MUs  tdrelKvly.  nilet.  cowl, 
combustor,  nozzle  and  afterboily.  Th:it  software 
complex,  w'hich  will  be  described  m  these  Lecture 
VrieK.  also  inciudr-x  tlvr  fuiKuFiUiy  for  Uie 

optimization  of  scramjet  elements,  for  example, 
nozzle  -  tifterbody.  There  is  the  2-D  or 
axisymmetric  unified  "no.se-to-tail"  How  field 
model. 
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The  inixing  enhiinceineiu  in  scniinjei 
ch;imber  niiiy  be  reiicheci  with  Hie  aid  of  Hie  3- 
ditneiisioiial  elTecl.  The  mixing  of  the  hydrogen 
Jet  from  elliptical  or  rectangular  nozzle  with  the 
stream  is  more  intensive,  then  in  the  case  of 
axisymmelric  nozzle. 

The  example  of  calculation  of  the  3-D 
hydrogen  jets  and  air  .stream  turbulent  mixing 
with  burning  in  the  rectangular  channel  is  shown 
in  Fig.  1.22.  The  results  are  obtained  with  the  ii.se 
of  parabolized  Navier-Stokes  equations. 

One  of  the  greet  problems  is  that  of  cooling 
the  scramjet  structures  under  high  enthalpy  gas 
How  operation. 

At  the  example  of  the  fuel  supplying  strut 
CFD  analyzes  it  is  shown  that  maxinium  heat 
Ilux  is  ill  region  of  shock  waves  interaction  and 
bouiidaiy  layer  separation.  The  fact  that  one 
cannot  predict  location  of  lamiiiar-to-iiirbuleiit 
transition  makes  to  provide  cooling  for  the 
greater  liealiiig  lates  wiTli  margin. 

So.  complete  experimental  study  of  the 
pfivi'Ksfs  (Uiting  bnnnng  ,'mJ  hear  trautiVr  lo 
scramjet  combustor  elements  is  of  great  necessity. 

Scramjet  Models  Ground  Testing 

The  .scramjet  ground  testing  pulls  out  very 
dilTiciilt  and  expensive  requirements;  high 
pressure  and  enthalpy  airtlow  and  LH2  or  (ilh 
fuel  supply,  huge  amount  of  .iir  supply  for 
ei,iv4lKler.l  syvii'tti  wi(tl  ajeftor  Jo  ;*clwvf  JugJi 
altitude  conditions  and  so  on.  These  requirements 
become  extremely  hard  when  using  free  jet  test 
method.  So,  the  existent  scramjet  test  facilities 
with  coiitiiiiioiis  air  supply  ;ire  mteiided  tor 
testing  lather  small  SCRJ-modules  by  not  very 
high  nmtthers,  lew  tifh  «rglh.  Tlie  -(ivecrd 
field  of  testing  are  the  shock  tubes  in  which  the 
test  duiation  is  \ery  short  to  study  .some  SC'R.I 
working  processes. 

CIAM  has  some  SCR.I-test  facilities  which 
can  provide  the  testing  the  models  up  to  200x200 
mm  and  300x300  mm  size  with  Mach  number 
simulation  up  to  6-S.  These  facilities  allows  us  to 
test  models  both  in  the  free  .stream  How  and  with 
the  comtcMed  diKi. 

In  the  Fig.  1.23  is  shown  one  of  that 
I'lcditifs  ft  coHiiH  I'T  iM4t4Hk  cU-Jittbct,  flkctjjcuf 
and  fire  air  heaters,  nozzle,  thrust  meter  .system, 
ejector  and  exhausted  section  sy.stem.  Two  type 
of  heaters  give  capability  to  estimate  effect  of  air 
composition  in  engine  inlet.  The  facility  has  such 
capabilities:  simulated  Mach  number  -  up  to  S; 


liot  air  How  rate  -  25  kg/s;  total  air  temperature 
and  pres.siire  -  up  to  2.S00  K  and  20  MPa; 
hydrogen  flow  rate  -  up  to  1.4  kg/s  and  oxygen  - 
up  to  10  kg/s.  These  parameters  can  be  iiicrea.sed 
by  test  cell  modernization  because  of  wliole 
energetic  supply  of  C'lAM  experimental  center  is 
very  large. 

There  were  designed  at  CIAM  and 
manufactured  in  co-operation  with  Tiiraevo 
"Soynz”  Design  Bureau  two  models  of  dual  mode 
.scramjet;  axisymmetric  and  2-D  one  (Fig.  1.24). 
The  model  inlets  were  of  three-shock-wave,  fixed 
geometry  »ype  with  design  Mach  number  M  ~  6. 
Gaseous  H2  is  u.sed  as  a  fuel.  Axisymmetric 
DMSCRJ  is  intended  to  te.sting  on  flight 
laboratory.  The  sizes  of  models  were;  0,2x0.2m2 
of  2D  and  inlet  diameter  0.223m  of  axisymmetric 
one.  Both  the  models  were  thoroughly  studied  in 
free  jet,  and  the  results  were  widely  published 


■Scramjet  Models  Flight  1 

Flight  tests  are  of  very  great  impoiiance 
not  only  for  comparison  the  ground  and  llight 
texting  roll  Its  Fm  fwansr  joitii  teoci,  iif 

many  .specialist  developing  engine,  fuel  supply 
and  control  systems,  on-board  LH2  tank,  ground 
and  on-board  telemetry  systems,  ground 
infrastructure  and  kiiinch  .system,  mobile 
hydrogen  refueling  complex,  rocket  booster  and 
Its  iii-llight  control  and  so  on.  All  these  specialists 
intended  to  ricli  the  common  practical  goal.  Such 
complicated  work  gave  us  integral  experience  and 
i  I  Cute  titc  St  (mug  flTV'i.-t 

The  many  years  program  of  tliglit  lab 
development  and  test  preparation  was  carried  out 
by  the  ClAM  m  co-operation  with  Air  l-orce, 
missile  De.sigii  Bureau  "Fakel",  engine  Design 
Bureau  "St'vw/.",  v\>Utr^'4  BwevtJ 

"Temp"  and  the  other  organizations  of  industry. 

As  the  llight  test  model  was  u.sed  the  CIAM 
axisymmetric  scramjet  (Fig.  1.24)  and  as  a 
booster  system  was  chosen  one  of  old  ground-to- 
air  mi.ssile.  The  scramjet  flight  laboratory  on  the 
start  position  is  shown  in  Fig.  I.2.S. 

The  first  flight  test  was  carried  out  in 
KiizaWvM.in  .u  Ihe  end  of  IWl  and  flw  second 
one  with  participation  of  France  party  at  the  end 
of  1992.  Both  flight  tests  were  successful.  The 
jcsMlfs  of  scr-urqe^  :Mialyfed  in 

these  Lecture  Series. 

The  use  of  hypersonic  llight  labor.itories 
and  small  unmanned  research  vehicles  with 
scramjets  seems  to  be  very  fruitful  because  of 
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finiiiiciill  restrictions,  from  one  side,  iind  the 
aviiilability  of  powerful  rocket  boosters  as  the 
result  of  demilitarization,  from  other  side. 

In  that  situation  the  CIAM  and  other 
Russian  organization  experience  and  scientific- 
technological  achievements  in  scramjet  testing 
field  become  especially  valuable. 


5.  SCIENTIFIC  SUPPORT  OF  ENGINES 
R&D  IN  RUSSIA 

The  creation  probh*m  of  principle  new 
propulsion  for  high  speed  flight  vehicles,  for 
example  ASP.  is  e.xtremely  hard  and  complex  and 
requires  the  participation  of  great  number  of 
scientific  and  design  organizations  and  even 
international  cooperation. 

The  R&D  organization  of  such  PS  in 
Russia  has  the  important  peculiarities,  which  are 
in  the  significant  concentration  of  scientific  and 
experimental  inve.stigations  in  re.search  institutes, 
that  become  really  co-operation  of  developing 
organizations  with  design  bureaus  (Fig.  1.2b).  The 
design  bmeaiis  lit  a  lesser  degite  eunduet  Ihe 
inve.stigations  and  work  at  design  .iiid 
drb-lopmenl  oT  ftw  illifiiil  rtf 

which  are  produced  in  co-operation  with 
institutes. 

The  leading  institutes  of  aviation  industry 
are:  Central  Aerohydrodynamic  Institute  TsAGr’ 
(aerodynamic  of  FV  and  PS.  airframe  durability); 
Central  Institute  of  Aviation  Motors  "CIAM"  (all 
engine  problems);  All-Riissia  Institute  of  Aviation 
Materials  "VIAM"  (materials  for  airframes, 
engines  and  all  FV  systems).  Institutes  work 
together  each  with  other  and  with  aircraft  and 
engine  design  bureaus.  Under  contracts  the 
inve.stigation  are  conducted  as  in  institutes  of  the 
Russian  Academies  of  Science  and  Engineering 
and  in  educational  institution  laboratories. 

The  head  organization  devoted  on  ;iviation 
engines  of  all  types  is  CIAM.  the  large-scale 
scientific  center.  The  main  directions  of  CIAM 
activity  are: 

-  fundamental  investigation  on  gas  dynamics, 
combustion  and  heat  exchange,  structural 
durability,  theory  of  control; 

-  research  in  the  field  of  ABE  theory  and 
optimization  of  advanced  engines  performances; 

-  fundamental  and  applied  investigations  of 
advanced  engine  components  and  systems; 

experimental  investigations  of  the 
demonstrators  and  of  all  Russian  engines  under 
development,  of  its  components  and  .systems; 

-  engines  certification. 


The  .structure  of  CIAM  consisting  of  the 
M0.SC0W  center  and  out  of  town  Test- Research 
Center  is  the  following: 

Moscow  Scientific- Research  Center  inclu¬ 
des  a  number  of  .scientific-research  departments, 
powerful  computer  center.  te.st  facilities  for 
testing  units  and  small  engines.  Te.st  and 
Research  Center  has  full  scale  altitude-pressure 
cells  for  testing  engines  of  all  type  and  facilities 
for  testing  full  .scale  engine  components;  powerful 
energy  complex  with  compressors  and  exliaii.sters. 
cooling  and  drain  stations  and  other  .systems, 
industrial  .strength  testing  center.  This  is  the 
biggest  in  Europe  engine  test  center. 

Above  described  scientific  support  system  is 
very  effective  but  it  is  in  need  of  centralizes 
financial  siippoil.  Now  this  system  is  modifying 
by  the  influence  of  market  economic  tendency. 


CONCLUSION 

The  Russian  traditions  of  rainjet  study  and 
development,  the  big  series  of  research  programs 
ilcVoleil  oil  liit’boiailijels.  lixdrogeil  Viielcd  tiigiiics 
.ind  FV,  scr.imjeis  ground  .md  lliglii  tests 

The  international  discii-ssion  on  these 
achievements  may  be  very  fruitful  for  all  the 
participants. 
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for  high  volocity  flight  [12]. 


Typt  of  onglnt: 


Typo  of  fuel: 


Application: 


Fig.  1.2. 
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Fig.  1.3. 


■  -  Hu,  MJ/kg  (by  mail) 

□  -  Hv,  MJ/gm^  (by  voluma) 

OiidUar  •  oaygan 

basic  lamparamra  ->  290.16  K 

*  -  solid  oxido 


Hi  la*  a*  U*  C  Al*  Mg’  97 

Baalc  coMbuitIbla  tloaionts  C12]. 
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Fig.  1.4.  Fu«1t  and  tha  FV  aiza. 


PtKUcaly  used  •(•imaI* 


Fig.  1.5.  Potential  chemical  Fuels  [12]. 


*  Classification  and  fields  of  usa 

*  Basis  of  raajat  theory  and  design 

*  Duct  gas  dynaaies  (  Intakes^  conbustion 
chaebars^  Jet  nozzles  ) 

*  Fuel  *■  air  mixing  and  coebuftion 

*  Chemical  and  nuclear  energy  sources 

*  Development  and  test  metodology 


Fig.  1.6.  Soientific  heritage  of  M.M.Bonda 
in  ramjet  field.  (1940  -  1969). 
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Fig.  1.7.  RAmjat  Generations  [8] 


'  '  '  Melcis 

r  T  r  -r  “■» 

D  1  2  3  4 


Fig.  1.8.  The  Burya"  Hach  3  -  class  Russian 
cruise  missile  with  ramjet  [9],  [10] 
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•  Full  Integration  of  PS  and  FV 

•  Ra*  coMbuatar  and  boottar  combined 

•  Heavy  (solid)  fuels 

j  •  Ramrocket  type  (ejection  effect) 

I  Fig.  1.10.  Lou  volume  Ramjet  -  new  generation. 
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Fig.  1.11.  New  ramjets  of  3'-d  generation  for 
alr-to-surface  missiles  [9]. 


Pig.  12.  The  Kh-31P  eir-to-surfece  C93 


MAIN  TYPES  Of  PROPULSION 


scat  -  SCRAMJET  (OM-OUAt,  MODE) 

Fig.  1.13.  Propulsion  system  concepts  [11]. 


•  TURBOROCKET  (ATR) 


Fig.  1.14.  Engines  for  the  first  stage  of  ASP 

acceleration  and  for  hupersonic  FV  [11]. 


Fig.  1.15.  CIAM  •xptrimtntal 
turboramjat  angina  [11]„ 
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Fig.  1.18.  Basic  hydrogen  aggregates  of  the  NK>e8  engines. 

l-turbopunp;  2*-heat  exchanger-gasificator; 
3-hydrogen  combustion  chamber;  Shaped a1  cryogenic 
equipment  Including  automatic  control  system  [13]. 


Fig.  1.19.  The  Tu-155  LH,  -  aircraft  layout  [19]. 
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Fig. -1.20.  Mam  •fficitncy  of  SSTD  [11]. 
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Fig.  1.21.  ScrMjtt  tngint  typts  C113. 
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Fig.  1.22.  Th*  nuMrlcPl  3-0  slaulatlon  of  tht  turbulent 
Mixing  with  co«bust1on  of  the  supersonic  flows 
In  rectangular  channel  C11]. 
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ABSTRACT 

In  ihi.s,  first  of  the  two  reports  on  Turboramjet  Engines, 
some  properties  of  variable  cycle  propulsion  plants  ba.sed 
on  a  combination  of  ramjet  and  various  turbine  -  type 
engines  are  considered.  Various  jet  engine  type  thrust 
performance  vs  flight  Mach  number  are  represented. 
Turboramjet  engine  (TRH)  are  classified  according  to  the 
manner  of  energy  transfer  to  the  ramjet  parts.  Tlie 
defining  principles  of  essential  TRE  propulsion  plant 
working  parameters  and  dimensions  defining  principles 
with  taking  into  account  of  flight  vehicle  rcquiremenis. 
are  considered.  TRE  various  types  thrust  performance  arc 
presented. 

A  Comparative  effectiveness  study  of  various  types 
combined  propulsion  plants  for  future  hypersonic  transport 
planes  and  TSTO  first  stage  with  LH2  fuel  is  given.  A 
preference  is  shown  for  the  turboramjet  engine  as  a 
universal  multimode  propulsion  plar.,.  Interrelations  of 
TRE  configuration  and  working  parameters  with  the 
change  to  ramjet  operation  mcxle  process  is  considered. 
Optimisation  of  operation  modes  changing  conditions  as 
an  approach  to  the  governing  principles  of  a  combined 
engine  working  prcKcss  is  given. 


L/D 

-  lift  to  drag  ratio. 

M 

-  Mach  number. 

Mo 

-  optimum  for  transition  to  RJ  operation 
mode  flight  M. 

Ms 

-  How  M  at  the  ARCC  inlet. 

m 

-  bypass  ratio. 

P 

•  pressure. 

Pa 

-  ambient  air  pressure. 

PS 

-  propulsion  .sy.slem. 

PRC 

-  compressor  pressure  ratio. 

RJ 

-  ramjet  engine. 

SFC 

■  .specific  fuel  consumption. 

Sin 

•  intake  recovery  coefficient. 

T 

-  temperature,  K. 

-  engine  thrust. 

la 

-  amhiem  air  tem|)eraiure.  K. 

Is 

•  engine  s|)ecilic  thrust. 

1 

■  lime. 

li¬ 

-  lurbolan  engine. 

nt  A) 

■  augmented  lurbolan. 

TFlAls 

-  TF  with  bypass  reheat. 

TI--RJ 

-  lurboramjei  with  TF  as  a  core. 

TFRJs 

-  IRE  with  TF  as  a  core  and  bypass 
ARCC. 

NOMENCLATURE  AND  ABBREVIATIONS 


A 

-  area. 

ABE 

-  air-breathing  engine. 

ARCC 

-  augmented-ramjet 
combustion  chamber. 

ASP 

-  airspace  plane. 

ATOS 

■  airplane-to-orbite  system. 

ATR 

-  gas  generator  type  turborocket  engine. 

a 

m+1 

-  air-to-fuel  stoichiometry  ratio 
coefficient. 

b  = - 

-  relative  airflow 

m 

in  RJ  duct  or  TF  outer  duct. 

Cp 

vehicle  aerodynamic  drag 
coefficient  related  to  the  wing  area. 

Dp 

-  vehicle  aertxlynamic  drag. 

Ep 

-  vehicle  mechanical  energy. 

fin 

-  ratio  of  free  stream  cross  section  area 

to  air 

inlet  area. 

H 

-  flight  altitude. 

He 

-  flight  "energetic  altitude"  (the  ratio  of 
vehicle  mechanical  energy  to  vehicle 
weight). 

HST 

-  hypersonic  tran.sport  airplane. 

h 

-  efficiency. 

hin 

-  air  inlet  efficiency. 

ha 

-  acceleration  efficiency. 

hoa 

-  overall  acceleration  efficiency. 

k 

-  adiabatic  exponent. 

U 

-  turbojet  engine. 

TRE 

-  lurboramjei  engine. 

IRJ 

■  TRE  with  TJ  as  a  core. 

TSTO 

-  two  stage  to  orbiie  ASP. 

(T/W)  -  thrust  to  weight  ratio. 

V 

-  night  speed. 

Vx 

-How  velocity  at  ARCCinlei. 

W 

•  engine  weight. 

w 

•  mass  airllow. 

Wp 

•  vehicle  weight. 

SUBSCRIPTS 

-  acceleration. 

c 

-  compre.ssor. 

cor 

■  corrected  parameters. 

cr 

-  crui.stv 

f 

-  fan. 

-  turbine  inlet. 

in 

-  intake,  inlet. 

n 

-  no/./.le. 

r 

-  ARCC.  reheat. 

R,rj 

-  ramjet  operation  mode. 

s 

-  specific  parameters,  .separate.  .. 

T.lJ 

-  turbojet  (gasturbine)  operation  mode. 

i 

-  sum.  summary;  total. 

X 

-  ARCC  inlet. 

o 

-  .sea  level  static  conditions;  optimum. 

* 

-  critical  parameters. 
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INTRODUCTION 

The  air  traffic  role  in  modern  life  is  increasingly 
important.  The  overall  number  of  pas.sengers  per  year 
exceeded  one  billion  ju.st  at  the  end  of  the  last  decade. 
World  political  and  economical  situation  development 
broadens  relations  between  countries.  One  can  fnrc.sce  the 
tendency  to  a  growing  .share  of  long  range  passenger 
aircraft  in  the  world  airliner  fleet.  Passenger  traffic  growth 
at  the  beginning  of  21  st  century,  in  conjuction  with 
increasing  needs  in  long  range  transport  require  more 
.itlention  to  higher  flight  speeds  |l.2). 

Tmlay  the  flight  speed  range  of  air  transport  is  limited  by 
technical  economic  factors  to  the  subsonic  area  mainly. 
Transcontinental  and  transonic  flights  require  a  lot  of 
time.  Given  the  expected  increase  in  air  transportation  and 
c.stabli.shed  practice  of  "comfortable”  flighl-timc  for  a 
pas.senger  of  no  more  than  2. ..3  hours,  we  may  infer  the 
prospective  development  of  a  supersonic  passenger  aircraft 
of  a  new  generation  (M  =  2  -  2..^)  and  in  the  distani  future 
we  shall  require  air  tran.sport  at  hypersonic  speeds,  which 
could  enable  flights  on  the  longest  routes  within  a 
minimum  time  (Fig.l ). 

Flight  ipeed  increase  leads  to  flight  time  reduction  and 
hence  improves  travel  comfort,  particularly  on 
intercontinental  routes.  However,  while  the  transition  from 
subsonic  to  supersonic  speed  of  Mach  2-3  at  a  flight  range 
of  I().(KK)-I2.000  km  reduces  flight  time  by  10  hours,  a 
further  .speed  increase  up  to  Mach  .S  •  6  results  in  a  time 
saving  of  about  one  hour. 

For  an  appreciation  of  the  maximum  flight  .speed  of  future 
airliners  it  is  suitable  to  consider  re.sults  of  nuxlelling  of 
a  one-day  business  trip  concept  (31  (leaving  home  not 
earlier  than  07.00  and  returning  home  after  a  business 
meeting  not  later  than  24.00  at  the  same  day).  Analysis 
has  shown  that  even  at  Mach  6.  the  overall  amount  of 
possible  routes  between  the  twelve  most  important 
political-economic  world  centres  is  already  approaching 
the  practical  limit  (Fig.2). 

The  development  of  an  effective  aerospace  plane  (ASP) 
for  launch  of  commercial  loads  is  needed  to  continue  to 
open  up  the  near-Earth  space  for  peaceful  goals.  Ihe  key 
tactoi  III  low  cost  lauiich  is  The  u.se  of  reusable  launch 
from  an  Airplane-To-Orbit  System  (ATOSi  with 
luniJoiMUt  awl  *  locT x’lTxwwl 

breathing  engine.  Tlie  rise  of  ATOS  or  TS'I'O  first  stage 
speed  from  subsonic  to  hy|K*r.sonic  of  Mach  b  -  7  enable 
an  increase  in  the  relative  mass  load  of  about  2  -  3  times 
|2|. 

Tlie  present  development  of  ATOS  on  the  basis  of  a 
subsonic  launcher  can  be  considered  as  precedent  for  the 
parallel  development  of  an  advanced  hypersonic  transport 
(HTS)  and  a  hypersonic  launcher  for  ATOS  in  the  future 
(Fig.2).  The  key  problem  of  development  of  the 
hypersonic  propulsion  system  (PS)  will  be  better  resolved 
when  using  the  'double  application  engine'  concept  for 
development  of  an  engine  of  HST  and  ATOS.  In  this  case, 
the  propulsion  sy.stem  for  various  aviation  system 


mUtioni  will  keep  their  distinctions  according  to  the 
mission,  including  cooling  system,  relative  size  of  an  inlet 
and  nozzle,  integration  with  airframe,  etc.  In  this 
connection  the  possibility  of  using  the  TurboRamjet  is  of 
substantial  interest  [.3|. 

I.  VARIABLE  CYCLE  COMBINED  PROPULSION 
SYSTEMS 

In  developing  the  supersonic  or  hypersonic  power  plant, 
(he  main  factor  in  defining  its  configuration  is  a  wide 
range  of  operating  conditions.  Engine  efficiency  in  cruise 
flight  is  ensured  by  optimising  thermodynamic  parameters, 
which  considerably  change  depending  on  flight  speed  and 
altitude.  On  the  other  hand,  a  significant  requirement  for 
the  power  plant  of  a  high-speed  aircraft  is  providing  high 
thrust  for  acceleration,  which  at  high  Mach  flight  numbers 
is  determined  by  the  air  flow. 

A  typical  properly  of  a  turbojet  is  the  lowering  of  the 
pressure  increase  and  the  corrected  air  flow  in  the 
(urbocompressor  part  with  an  increa.se  in  tlighi  speed 
(Fig.3).  Specific  thrust  parameters  of  the  augmented  turbo 
jet  approach  ramjet  .specific  parameters  at  flight  Mach 
numbers  3...3..S.  At  higher  flight  speeds  RJ  gives  higher 
than  TJ  specific  thrust  at  equal  air-to-fuel  coefficients 
tFig.4).  Corrected  air  flow  in  RJ  with  variable  inlet  and 
nozzle  can  be  maintained  constant  over  a  wide  (light 
speed  range.  As  a  result  the  Rj  thrust  rises  with  Mach 
number  more  rapidly  than  turbojet  thrust.  Then  at  M 
numbers  higher  than  .3...4  RJ  thrust  exceeds  augmented  TJ 
thrust,  and  in  this  flight  speed  region  RJ  can  be  more  ef 
fective  than  TJ. 

Together  with  augmented  TJ  performance  degradation  it 
is  very  difficult  to  provide  TJ  operability  at  llighl  M 
numbers  higher  than  3..S...4.  In  Fig..S  arc  represented  the 
air  temperatures  at  comprc.ssor  inlet  Tin  and  outlet  Tc  vs 
Mach  number  at  various  pressure  ratio  design  values  PRC. 
and  typical  temperature  level,  admitted  by  materials 
themuxlurability. 

It  is  seen  that,  when  maximum  air  temperature  is  limited 
to  a  value  of  1 1(X)...12()0K  by  requirements  of  structure 
(hermixlurabiliiy.  then  maximum  flight  Mach  numbers  for 
augmented  TJ  are  limited  approximately  to  M  =  3..S...4. 
whilst  RJ  can  operate  up  to  M  =  4.5.  Taking  into  account 
tlie  alisciicc  of  roTuTing  parts  in  W  aiu1  iis  siriiciure  and 
tiameholder  fuel  cooling  possibility,  one  can  conclude 
WXM  ^ixMaablc  stwxwwrU  ftCflU  Pipoed<i  Iw  vpaxsaI  M  » 
.5.  Attractive  RJ  properties  are  structural  simplicity  and 
low  specific  (relative  to  cross  section)  weight  |4|.  But  at 
low  flight  speeds  RJ  has  poor  efficiency.  Then  in  engines 
designed  for  a  wide  o|icra(ing  flight  speed  range  it  is 
necc.ssary  to  combine  highTJ  efficiency  at  M  numbers  up 
to  3...3.5  with  RJ  satisfactory  specific  parameters  at  M  > 
3.5...4. 

Combining  in  a  single  propulsion  plant  the  TJ  and  RJ 
engines  gives  the  possibility  to  obtain  the  ABE  type  class, 
which  arc  operable  and  effective  up  to  M  =  4....S  and 
higher.  A  combined  turboramjet  engine  (TRE)  is.  in 
essence,  a  bypass  ABE,  in  which  a  high  pre.ssurc  inner 
pan  represents  the  TJ  or  TF  (gasturbinc  part),  and  a  low 
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prciiiiure  external  part  •  RJ  (ramjet  part).  Depending  on  the 
engine  type,  lome  of  iti  atruclural  element!  can  be 
common  to  both  parts.  Usually  in  these  engines 
afterburning  chambers  represent  the  combustion  chambers 
of  RJ  100,  which  are  formed  by  switching  out  the  TJ  part 
by  means  of  special  devices  and  feeding  fuel  only  to  RJ 
combustion  chambers. 

Selection  of  one  or  another  type  of  engine  is  to  a  great 
extent  determined  by  the  requirements  of  a  hypersonic 
aircraft.  A  change  in  the.se  requirements  can  signiHcantty 
change  the  optimum  powerplant  design.  For  example,  at 
high  aircraft  thrust -to-take -off  weight  ratio  and  with 
stringent  requirements  for  the  speciHc  weight  of  an 
engine,  powerplants  with  air-turbo-rocket  engines  (ATR) 
may  have  certain  advantages:  however  they  have  low  fuel 
efficiency,  particularly  at  low  flight  speed. 

TurbiKompressor  engines  of  more  sophisticated  cycles, 
using  hydrogen's  high  cooling  and  working  cap.scily  (air 
cooling  at  the  engine  entry,  steam-hydrogen  turbine) 
enable  extension  of  the  flight  speed  range  of  use  and  have 
higher  efficiency,  but  higher  weight  too.  as  compared  to 
the  rather  simple  gas-generator  ATR. 

Problems  of  matching  the  essentially  different  operating 
mtxles  in  combination  with  the  more  stringent 
requirements  on  noise  levels,  sonic  boom  intensity  and 
detrimental  emission  create  a  very  complicated  problem 
for  the  development  of  the  multimode  hypersonic  power 
plant. 

There  is  a  need  when  using  variable  cycle  engines  (VCE) 
to  match  conflicting  ecological  and  thrust  characteri.stic 
requirements.  Usually  a  VCE  is  a  bypass  engine  with 
variable  geometry  components  (7).  Adding  the  ramjet  to 
such  engine  types  allows  developement  of  a  combined 
variable  cycle  power  plant  with  a  very  wide  range  of 
performance. 

When  there  is  a  considerable  amount  of  .subsonic  cruise 
flight  (for  in.stancc  flight  over  populated  territory, 
subsonic  hold,  emergency  situation  in  case  of  .supersonic 
or  hypersonic  transport  aircraft)  there  are  severe 
requirements  for  high  fuel  efficiency  in  the  mentioned 
modes.  In  this  case,  the  advantageous  will  be  the  power 
plant  with  the  turbojet  (TJ)  or  turbofan  (TF)  (VCE), 
whose  fuel  efficiency  in  the  throttle  cruise  modes  is  much 
higher  as  compared  to  the  .steam-hydrogen  (regenerative) 
ATR. 


2.  TRE  TYPES 

The  TRE  features  depend  on  its  design.  Therefore  the 
TRE  type  selection  depends  on  the  vehicle  mis.sinn.  The 
multitude  of  TRE  types  can  be  split  up  according  to  the 
principle  of  using  the  engine  ga.sturbine  part  "free  power" 
to  compress  air  in  the  ramjet  part  in  order  to  increa.se  the 
engine  thrust  at  take-off  and  low  flight  speeds  |9|. 

The  TRE  without  energy  transfer  to  the  ramjet  part  is  just 
a  mechanical  combination  of  turbojet  and  ramjet  engines 
(Fig.6).  Their  thrust  performances  are  obtained  by  adding 


together  the  performances  of  gasturbine  and  ramjet  parts. 
The  relative  airflow  in  the  ramjet  is  the  part  equal  to 

Wrj  ra 

b  ■ - - - 

Wtj  +  Wrj  m  +  I 

In  the  gas-turbine  operating  mode,  that  is  to  say  when  the 
ramjet  part  is  switched  off  (bBO).  such  an  engine  has  a  TJ 
or  TF  with  afterburning  (TJ(A)  or  TF(A))  performance, 
while  in  the  ramjet  mode,  when  the  TJ  is  switched  off  (b 
a  I)  it  has  ramjet  engine  (RJ)  performance.  If  there  is  a 
separate  combustor  in  the  ramjet  part  then  the  parts  arc 
independent.  This  allows  switching  on  the  ramjet  in 
transonic  flight  to  increase  the  total  thrust  of  the  engine 
(TRJs  and  some  other  types  on  Fig.6).  Thus,  in  the  TRE 
of  this  type,  simultaneous  (parallel)  operation  of  the  parts 
is  realized. 

For  better  performance  of  the  engine  in  the  ramjet  mode 
the  switched-off  part  should  be  shut  off  by  special  devices 
such  as  doors,  louvres,  moving  centre  body  etc. 

The  drawback  of  TRE  types  with  separate  combustion 
chamber  and  without  energy  transfer  to  RJ  part  consists  in 
larger  dimensions,  complexity  and  higher  structure  weight, 
which  is  a  necessity  for  the  parallel  arrangement  of  two 
combustion  chambers  with  variable  nozzles.  The  most 
simple,  compact  and  advanced  in  this  group  of  types  is 
the  TRJ  with  separate  gas-turbine  and  ramjet  channels 
(TRJs).  especially  when  uiting  a  "stoichio-mctric"  TJ. 

A  group  of  TRE  types  without  energy  transfer  to  the 
ramjet  pan  at  low  flight  speeds  includes  also  the  TRJ 
with,  common  to  both  TJ  and  RJ  pans,  an  afterburning 
ramjet  combustion  chamber  (ARCC).  In  this  case  the  TJ 
is  intended  for  charging  the  ARCC  at  low  and  moderate 
flight  speeds.  Thanks  to  the  consecutive  layout  of  the  TJ 
and  ARCC.  the  RJ  operation  mode  changes  with  flight 
speed  increase  from  TJ  mode  to  the  ramjet  mode.  The 
TRJ  principle  feature  is  the  impossibility  of  simultaneous 
( joint )  operation  mode  at  low  and  moderate  flight  speeds 
due  to  the  large  pre.ssure  difference  in  TJ  and  RJ  channels. 
Hence  the  necessity  to  shut  off  the  ramjet  duct  in  the 
gas-turbine  operation  mode  with  a  special  device  and  a 
specific  control  mode  when  switching  to  RJ. 

The  need  to  i.solate  the  switched  off  TJ  at  high  M 
numbers  may  be  the  result  of  con.sist  in  the  influence  of 
kinetic  heating  on  the  structure.  Hence,  if  structural 
durability  and  oil  system  operability  are  .sufficient,  then, 
along  with  switching  to  RJ  mode  it  is  possible  to  transfer 
the  TJ  to  windmilling  or  idling  and  use  it  for  driving 
acces.sories.  U.sually  in  this  mode  only  a  small  part  of  the 
airflow  pas.ses  through  the  TJ  part  (b  ->  1).  and  thrust 
performance  difference  from  that  of  pure  RJ  is  rather 
small.  Then  joint  operation  and  windmilling  modes  are 
nearly  the  same  as  RJ  mode  operation.  The  TRJ  has 
advantages  from  the  point  of  view  of  dimensions,  weight 
and  simplicity. 

In  TRE  with  energy  transfer  to  the  ramjet  part  (Fig.6).  the 
free  power  produced  by  the  gasturbine  engine  is  used  to 
increase  pressure  of  the  air  supplied  to  the  ramjet.  As  a 
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remit  both  parti  of  the  engine  can  be  Involved  in 
operation  withiq  the  whole  range  of  ipeedi  and  altitudei 
of  flight.  Theie  typei  are  euentially  the  development  of 
the  TRJi  and  TU  by  application  of  a  bladed  (or  jell 
compreuor  to  increaae  air  preimre  in  the  ramjet  part. 

In  the  TRE  lypdi  with  energy  transfer  by  ejector,  the 
active  operating  fluid  ii  the  airflow  from  the  fan  or 
turbine.  These  TRE  typei  in  principle  don't  need  the  shut 
off  device  for  the  RJ  part  channel.  For  effective  operation 
at  take-off  and  low  flight  speed  conditions  in  which  one 
can  obtain  some  effect  from  ejection,  it  is  necessary  to 
lake  some  constructive  meamres.  Among  these  there  are; 
lowering  the  turbine  or  fan  passage  exit  area  for 
maintaining  high  active  gas  parameters;  using  a  narrowed 
mixing  chamber  and  special  mixer  for  reducing  the  losses; 
using  ARCC  with  a  large  cross  section  for  reducing  los.<ses 
lowering  and,  consequently,  using  the  diffuser  with  large 
area  ratio  before  ARCC.  The  necessity  of  these  measures, 
leading  to  engine  complexity,  higher  weight  and 
dimensions,  is  conditioned  by  the  low  efficiency  of  a  jet 
compressor  when  its  dimensions  are  limited.  As  a  result 
the  TRE  types  with  ejection  have  no  practical  advantages 
over  the  types  with  energy  transfer  to  RJ  part  by  turbofan. 


The  TRE  with  energy  transfer  by  fan  (TFRJ)  doesn't  differ 
principally  from  augmented  turbo  fans  with  separate 
primary  and  secondary  flows  TF(  A)s  or  with  mixing  flows 
TF(A)  (Fig.6).  Their  special  feature  is  the  change  to  RJ 
operation  mode  with  turbofan  windmilling  at  high  flight 
speeds  (b  •>  I).  In  this  connection  the  windmilling 
turbofan  drag  presents  an  important  factor.  Multimode 
operation  and  the  use  of  a  windmilling  turbofan  to  drive 
accessories  are  the  important  advantages  of  the  TFRJ.  In 
the  case  a  high  design  fan  pressure  ratio,  which  changes 
windmilling  performance  for  the  worse,  or  if  the  TF  is 
isolated  from  kinetic  heating  in  the  RJ  mode  operating 
conditions  as  a  result  of  reliability  requirements,  it  is 
necessary  to  include  into  the  engine  structure  a  passage 
around  the  fan  to  bypa.ss  the  airflow  at  high  flight  M 
numbers.  For  the  same  reasons  as  in  the  ca.se  of  TRJ,  this 
passage  should  be  closed  by  a  special  device  in  low  flight 
speed  conditions. 

TRE  types  with  energy  transfer  and  a  separate  combustion 
chamber  for  the  RJ  pan  inherently  have  a  compact 
configuration  because  of  parallel  .irrangement  of  both 
parts.  But  these  types  require  closing  of  gas  turbine 
passage  exit  in  the  RJ  operation  mode  to  maintain  thrust 
performance.  TRE  types  with  common  ARCC  don't  need 
.such  closing,  but  arc  longer  and  need  a  wider  range  of 
no7.7.lc  flap  movement. 

The  expediency  of  using  the  TRE  on  the  basis  of  TJ  or 
TF  is  defined  by  the  vehicle  mission.  If  high  fuel 
efficiency  at  low  flight  speeds  is  required  (Fig.7)  along 
with  good  performance  when  cruising  at  M  =  4...5  then 
the  TF  as  the  basic  engine  is  preferable;  if  the  mean 
requirement  is  for  high  performance  at  maximum  flight 
speeds,  then  it  is  expedient  to  analyse  the  possibility  of 
using  the  TRE  types  on  base  of  TJ.  It  is  possible  to  make 
the  TFRJ  structure  with  slightly  less  length  and  weight 
than  the  TRJ  with  equal  design  thrust  (4|. 


The  main  merits  of  the  TFRJ  are; 

-  effective  perfonnance  over  a  wide  range  of  flight 
conditions; 

-  lower  noise  level  st  take-off  and  low  flight 
ipeedcondition; 

-  wide  range  of  thrust  variations  at  constant  air-flow. 


3.  TRE  DESIGN  PARAMETERS  AND  DIMENSIONS 

The  independent  selection  of  gu  turbine  part  and  ramjet 
part  sizes  (a  fan/compreisor  inlet  area  Af  or  Ac  and  an 
ARCC  or  ramjet  burner  cross  section  area  Ax)  is  a 
common  feature  of  the  combined  engines  (Fig.8). 

In  general; 

-  a  size  of  inlet  area  Ain  is  determined  by  the  design 
thrust  value  at  the  maximum  flight  speed  and  optimised 
by  the  influence  on  the  flight  range  and  extemaldrag  at 
transonic  flight  speed; 

-  a  size  of  the  fan  (compressor)  area  Ac  is  determined 
bearing  in  mind  ecological  requirements;  namely,  by  a 
design  thrust  at  transonic  flightspeed  (sonic  boom 
limitations)  or  at  take-off  (noise  level  limitations);  for 
engines  with  lower  dry  specific  thrust  (TFRJ)  the 
subsonic  cruisethrust  can  the  determinating  factor 
(Fig.7); 

-the  size  of  ARCC  cross  section  area  Ax  is  determinedby 
the  flight  speed  at  which  a  transition  to  ramjetmode  is 
realized  and  is  optimised  taking  into  consideration 
matching  of  TJ.  TF  and  RJ  operation  modes; 

-the  size  of  nozzle  exit  area  An  is  optimised  takinginto 
consideration  nozzle  efficiency  at  maximum  flight  speed 
(Fig.9).  external  drag  at  trasonic  flight  speed  and  nozzle 
weight. 

Selection  of  the  design  by-pass  ratio  is  of  important  role 
in  developing  a  multimode  engine.  The  less  the  by-pass 
ratio,  the  closer  the  TF(A)  performance  to  those  of  the 
TJ(A).  With  by-pass  ratio  rising  TF(A)  properties 
approach  those  of  the  RJ  (Fig.  10). 

It  is  possible  to  base  the  choice  of  the  reasonable  by-pass 
ratio  value,  for  example,  of  the  HST  engine  on  the 
following  considerations.  When  the  design  bypass  ratio  m 
is  raised  at  given  cycle  parameters,  the  optimum  fan 
pressure  ratio  and  engine  core  airflow  decrease.  This 
decreasing  relaxes  the  core  airflow  steepness  influence  and 
leads  to  increasing  of  total  engine  airflow  at  supersonic 
flight  speeds.  As  a  result,  the  relative  engine  thru.st  at 
maximum  augmented  ratings  T/T,  increases. 

The  corresponding  SFC  also  increases,  but  usually  this 
does  not  lead  to  a  significant  increase  of  required  fuel 
amount,  because  of  a  simultaneous  increase  of  excessive 
thrust  and  a  higher  acceleration  rate.  At  high  supersonic 
speed  flight  (M  >  3.S)  the  engine  must  run  according  to 
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the  RJ  cycle,  which  can  be  realized  more  limply  with 
larger  dimeniions  of  the  external  low  preuure  puuge. 
that  it,  higher  design  by-pau  ratio.  Its  increase  in  this 
case  decreases  the  need  for  special  mechanization  of  the 
passage  and  an  additional  by-pass  duct.  The  fuel 
efficiency  at  subsonic  cruise  is  also  improved. 

For  example,  for  a  bypass  ratio  of  order  m  ■  3  fan 
pressure  ratio  values  are  PRCfo  >  2,..25.  The  high  pass 
capacity  of  such  low  pressure  ratio  fans  over  a  wide  range 
of  rotating  speeds  is  one  of  the  main  factors  that 
determine  the  possibility  of  creation  of  the  TFRJ  (or 
TFRJs)  types  of  TRE,  which  can  be  transferred  to  RJ 
operation  mode  with  fan  windmilling  at  high  flight 
speeds. 

Increase  in  design  bypass  ratio  results  in  an  increase  in 
engine  air  flow  and  its  crou  sectional  dimensions.  For 
aircraft  of  moderate  supersonic  flight  speeds  (M  ■  2...2.S) 
this  is  one  of  the  reasons  for  selecting  low  by-pass  ratio 
values.  For  high  supersonic  flight  speeds  (M  >  3)  the 
relative  cross  sectional  dimensions  of  an  inlet  and 
diverging  nozzle  rise  considerably  (Fig.ll),  whereby  a 
significant  increase  in  the  by-pass  ratio  within  the  range 
determined  by  the  dimensions  of  the  power  plant  entry 
and  exit  can  be  possible. 

As  to  the  subsonic  cruise  part  of  flight,  which  is  inherent 
to  heavy-weight  supersonic  vehicles,  the  fuel  economy 
considerations  also  require  the  choice  of  higher  by-pass 
ratios,  but  with  upper  limits  nearly  m  «  4  because  of 
substantial  decrease  of  engine  dry  thrust. 

In  Fig. 1 2  the  typical  TFRJ  performance  inter-relations  are 
represented,  which  should  be  considered  when  making  the 
choice  of  design  bypass  ratio.  In  this  case  the  "critical” 
factor  is  the  engine  dry  thrust  at  subsonic  cruise.  The 
requirements  for  the  design  take-off  (or  transonic)  (hru.st 
and  thrust  value  at  cruise  with  maximum  hypersonic  speed 
are  provided  for  by  the  corresponding  design  dimensions 
of  inlet,  fan  and  ARCC  in  the  whole  range  of  engine 
parameters  considered.  With  higher  design  bypass  ratios, 
fan  dimen.sion  increases  but  this  has  no  influence  on  fuel 
efficiency  at  hypersonic  cruise,  .slightly  affects  on  engine 
weight  W  and  leads  to  higher  fuel  efficiency  at  subsonic 
cruise.  However  subsonic  dry  thrust  decrea.scs.  Incrca.sing 
bypass  ratio  higher  than  some  limiting  value  would 
require  greater  engine  dimensions  and  weight  and  lead  to 
engine  oversizing  relative  to  other  flight  conditions.  In 
this  case  the  maximum  bypass  ratio,  at  which  the  dry 
thrust  corresponds  to  the  required  level,  is  the  expedient 
de.sign  value. 

Thu.s.  for  multimode  vehicle  engines  with  high  supersonic 
flight  speed  adoption  of  relatively  high  design  bypass 
ratios  may  be  the  rational  decision.  The  optimum  bypass 
ratio  values  depend  on  the  engine  cycle  parameters, 
aircraft  aerodynamic  charactcri.stics.  distances  of  flight 
segments  with  supersonic  and  subsonic  speed  etc. 


compreuor  inlet.  The  choice  of  each  of  them  ii  to  tome 
extent  mutually  independent,  and  is  defined  by  required 
thrust  values  at  RJ  and  TJ  (for  example  at  take-ofO 
operation  modes.  At  rather  low  Ax/Ac  ratios  the  engine 
would  be  oversized  forTJ  mode  of  operation,  while  at  the 
high  values  -  for  RJ  mode  (Fig.l3).  At  some  ratio  value 
both  areas  and  engine  weight  W  arc  minimized,  and  it  is 
pouible  to  consider  this  value  as  an  optimum. 


4.  COMBINED  ENGINE  TYPES  COMPARISON 


The  analysis  of  mission  performance  and  advantages  of 
some  various  combined  ABE  concepts  was  conducted  for 
two  advanced  hypersonic  aircraft:-  ATOS  launcher  with 
stage  separation  at  Mach  6;-  HST  with  cruise  speed  Mach 
6  (Fig.l4). 

Liquid  hydrogen  fuel  is  used.  The  using  of  LH2  enables 
us  to  consider  a  wide  variety  of  engine  concepts  as  it  is  of 
great  heating  value,  high  cooling  capacity  and  high 
working  capacity  when  expanding  in  a  turbine  (4). 

The  transition  of  aviation  to  new  types  of  energy  sources 
is  historically  inevitable.  In  some  decades  switch-over 
from  a  transport-energy  system  based  on  oil  and  other 
fossil  energy  sources  to  a  system  operating  with  a  new 
energy  source  will  take  place.  Synthetic  hydrocarbon  fuel 
will  fill  the  shortage  of  oil  fuel  for  some  period  of  time. 
A  prospective  aviation  fuel  will  be  liquid  hydrogen, 
having  no  raw  materials  limits.  Global  restorable  sources 
of  primary  energy  are  used  to  obtain  it.  Passing  to 
hydrogen  energetics  will  resolve  the  ecological  problems 
resulting  from  the  wide  application  of  hydrocarbon  fuels. 

The  energy  properties  of  traditional  and  alternative  fuels 
are  represented  on  Fig.lS.  The  fuels,  obtained  on  base  of 
oil.  casing  head  oil  gas  (ACF)  and  natural  gas  (AMF) 
rather  slightly  differ  in  mass  calorific  value,  but 
significally  differ  in  volume  calorific  value  and  cooling 
capacity. 

Liquid  hydrogen  as  a  future  aviation  fuel  offers  a  complex 
of  unique  properties  against  a  conventional  kcro.scnc  -  the 
heat  value  is  higher  by  a  factor  of  2.8.  the  cooling 
capacity  -  by  a  factor  of  I  S...20.  LH2  is  ecologically  clean 
as  a  fuel.  These  properties,  along  with  its  reproducibility 
as  an  energy  carrier  raise  the  question  of  developing 
widely  .spread  air  transport  of  global  importance,  bringing 
aviation  transport  to  high  supersonic  and  hypersonic 
pos.sibilitics. 


It  is  possible  to  u.se  a  similar  approach  when  defining  the  *)  Engines  parameters  and  mission  performance 

optimum  correlation  between  the  dimensions  of  the  RJ  comparative  analysis  was  conducted  in  joint  investigating 

and  TJ  parts  of  TRJ.  This  correlation  one  can  express  as  programme  by  VPalkin.  N.Doulepov.  G.Khartchevnikova 

the  ratio  of  the  ARCC  section  area  to  the  area  of  and  author. 
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In  our  country,  wide-icalc  experimenlii  on  uxing  cryogenic 
fucU  in  aviation  wc  are  carried  out.  including  flight 
testing.  The  Tit- 1 55  experimental  aircraft  succcisfully 
made  its  First  flight  on  April  15,  1988.  The  NK-88 
hydrogen  engine  was  mounted  in  the  right  engine  nacelle. 
The  engine  was  developed  by  the  design  bureau  of 
N.D.Kou/.netsov.  The  engine  has  a  special  fuel  feed  and 
control  system  with  gasifying  and  heating  of  the  hydrogen 
and  a  modified  combustion  chamber. 

It  took  about  ten  years  to  develop  all  the  required 
techniques  including  the  investigation  and  experiments. 

The  Tu*l55  aircraft  can  also  use  liqucFied  natural  gas 
(liquid  methane)  as  a  fuel.  The  liquid  methane  engine  was 
also  developed  in  the  design  bureau  of  N.D.Kou7.netsov. 
The  Tu-155  experimental  aircraft  made  the  first  flight  in 
aviation  history  u.sing  liquified  natural  gas  on  January  18, 
1989. 

Flight  tests  of  the  Tu-t55  confirmed  the  reality  of 
developing  a  production  passenger  aircraft  with  cryogenic 
fuel  [10]. 

For  both  above  mentioned  hypersonic  mis.sions  in  the 
comparison  analysis  the  climb  and  acceleration  trajectory 
was  practically  identical  and  flight  at  maximum  speed  was 
conducted  at  an  altitude  outside  the  atmospheric  o/one 
maximum  concentration  area  (Fig.16). 

The  efficiency  criterion  for  the  AT()S  power  plant  was  the 
relative  mass  of  the  second  stage.  For  the  HST  with 
commercial  load  mass  constant  for  all  variant.s.  the 
criterion  was  take-off  weight.  For  the  last  mission  airplane 
(HST),  two  flight  concepts  were  con.sidercd-only  with 
hypersonic  cruise  and  combined  subsonic  (about  20 
percent  of  total  range)  and  hypersonic  cruise.  The 
combined  mission  reflects  the  possibility  of  flight  speed 
reduction  over  populated  territory  for  sonic  biKim  impact 
elimination. 

Tlic  following  engine  concepts  arc  discus.sed  (Fig. 1 7), 

1.  Turboramjet  engine  (TRJ).  TRJ  consists  of  the  TJand 
RJ  parts  and  has  a  common  aficrburner  - 
ramjctcombu.stion  chamber  (ARCC)  and  ramjci  channel 
with  .shut-off  device.  The  TJ  has  a  compressor  with 
moderate  pres.surc  ratio  and  high  temperature  turbine  ( Tg 
max  up  to  2000  K  ).  The  variation  of  TRJ  with  a  separate 
combustion  chamber  of  the  RJ  part  (TRJs)  was  also 
considered.  The  independence  of  the  TJ  .and  RJ  parts  in 
TRJs  provides  parallel  operation  of  the  parts  at  low  and 
miKicralc  flight  speed  with  higher  thrust  performance. 

2.  Turbofanramjet  engine  (TFRJ).  which,  in  csscncc.is  a 
high  temperature,  variable  geometry  turbofan.  The 
selection  of  a  design  by-pa.ss  ratio  value  at  higher  level 
improves  matching  of  the  TF  and  RJ  sizes  and  transition 
of  the  engine  to  windmilling  fan  mode  at  high  flight  M 
numbers. 

.J.  Regenerative  Aiiturborocket  engine  (RATR)  with 
transition  to  RJ  mode  at  high  M.  Its  compres.sor  is  driven 


by  a  turbine  working  on  gaseous  hydrogen,  heating  of 
which  is  performed  in  the  heat  exchanger,  located  in  the 
combustion  chamber.  Because  of  heat  regeneration  the 
SPC  of  the  engine  is  nearly  equal  to  the  SPC  of  the  TFRJ 
at  operation  with  the  same  maximum  fuel-to-air  ratio,  but 
the  RATR  has  higher  thru.st-to-weight  ratio  because  of 
lowpumping  work  of  a  liquid  fuel.  The  turbine  inlet 
temperature  is  12(X)  K. 

4.  Airturborocket  engine  (ATR)  with  transition  to  RJmodc 
at  high  flight  M.  The  oxygen/hydrogen  burner 
(gas-gencrator)  provides  a  high  pressure,  fuel  rich  flow  to 
the  uncooled  turbine.  This  fuel  rich  flow  is  then  mixed 
with  the  compressor  discharge  flow  and  burned  in  the 
combustion  chamber.  The  turbine  inlet  temperature  is 
1200  K. 

The  variable  geometry  inlet  and  nozzle  performance 
efficiencies  are  the  same  for  all  engine  types.  Design  fan 
(compresiior)  pressure  ratio  in  the  cases  of  TFRJ.  RATR 
and  ATR  was  selected  nearly  the  same.  For  this  reason 
the  thrust  characteristics  of  TFRJ  and  RATR  arc  nearly 
similar  (Fig.18).  The  SFC  of  the  ATR  is  more  than  2 
times  higher  in  comparison  with  other  engine  types 
because  of  the  use  of  onboard  oxygen.  It  was  decided, 
that  all  engines  would  operate  on  RJ  mode  at  flight  speed 
higher  than  Mach  3.5. 

TFRJ  has  the  highest  fuel  efficiency  in  subsonic  cruise 
flight.  In  accordance  with  higher  propulsive  efficiency  its 
dry  thrust  SFC  is  about  25  ■  35  percent  lower  in 
compari.son  with  TRJ  and  about  2-3  times  -  in  comparison 
with  RATR  (for  very  high  fuel  consumption  the  ATR 
engine  cannot  be  a  competitor  at  these  flight  regimes). 
(Fig.l9).  However,  the  low  dry  specific  thrust  of  the  TFRJ 
at  minimum  SFC  condition  may  lead  to  a  decrease  of 
subsonic  cruise  flight  speed  and  altitude  or  to  an  increase 
of  engine  size  and  propulsion  system  weight.  It  should  be 
noted  that  the  range  of  RATR  throttling  performance  is 
limited  by  heat  exchanger  over-heating. 

For  the  engines  considered  one  can  recognize  some 
interdependence  between  the  engine  thrust-to-weight  ratio 
(TWR)  and  SFC  in  subsonic  cruise  flight.  The  ATR  has 
a  highest  TWR.  The  RATR  has  a  TWR  about  10  -  15 
percent  lower  in  compari.son  with  the  ATR  because  of 
heat  exchanger  weight  and  lower  working  medium  flow 
in  the  turbine.  The  TRJ  and  TFRJ  have  a  TWR  about  1 .5 
-  2  times  lower  (Fig.20). 

The  results  of  mi.s.sion  performance  analysis  arc  presented 
in  Fig.2 1  a.b.  The  highc.st  second  stage  mass  corresponds 
to  ATOS  launcher  with  RATR  propulsion  plant  in 
accordance  with  good  engine  TWR  and  relatively  low  fuel 
consumption  at  maximum  thrust  rating  (Fig.2 la).  The 
second  stage  mass  of  only  about  5  -  7  percent  lower 
corresponds  to  the  system  with  TFRJ  or  TRJ.  The  lowest 
second  stage  mass  corresponds  to  ATR  (about  12-14 
percent  lower  in  comparison  with  turboramjets)  because 
of  worse  fuel  consumption  which  cannot  be  compcn.satcd 
by  low  engine  weight. 

The  mission  performance  results  for  HST  arc  substantially 
influenced  by  the  presence  of  subsonic  cruise.  In  the  case 
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of  fully  hypertonic  cruite  the  lowest  HST  take-off  weight 
correspond!  to  the  RATR  power  plant.  Effectiveness  of 
other  engine  types  is  somewhat  lower  and  nearly  equal 
(TOOW  is  higher  by  I8...20%),  (Fig.2lb).  If  combined 
subsonic  and  hypersonic  cruise  is  considered  (subsonic 
part  is  about  20  percent  of  total  range),  then  turboramjet 
engines  reveal  the  lowest  take-off  weight  (TFRJ  gives 
nearly  .S%  advantage  in  comparison  with  TRJ).  Take-off 
weight  with  RATR  engines  is  about  1 .8  timet  higher  than 
with  turboramjets.  Taking  into  account  take-off  noise 
limitations,  the  advantages  of  TFRJ  are  even  greater. 
Thus.  TRJ  and  TFRJ  could  be  considered  at  universal 
multimode  engine  types  of  hypersonic  (up  to  nearly  Mach 
6)  aircraft  of  different  missions. 


5.  TRE  OPERATION  MODE  CHANGING 
CONDITIONS  OPTIMISATION 


At  some  flight  M  numbers  the  specific  parameters  of 
turbine  and  ramjet  engines  converge.  On  the  other  hand. 
TJ  corrected  airflow  decreases  with  inlet  air  temperature 
increase,  while  in  the  case  of  RJ  it  is  possible  to  maintain 
the  corrected  airflow  constant.  As  a  result  the  RJ  thrust 
increases  vs  M  number  more  rapidly,  than  of  the 
augmented  TJ  type  engines. 

The  high  sensitivity  of  supersonic  vehicles  to  the  weight 
of  components  requires  identification  of  propulsion  system 
control  methods  which  provide  maximum  vehicle 
effectiveness.  For  accurate  resolution  of  .such  problems 
variation  methods  arc  normally  used.  As  a  result  of 
different  variation  of  the  combined  ABE  thrust  and  SFC 
vs  M  numbe’’  when  operating  on  TJ  or  RJ  modes  there  is 
some  flight  .speed  during  the  acceleration  trajectory,  which 
provides  maximum  efficiency  for  transition  to  RJ 
operation  according  to  some  criteria. 

Usually  it  is  required  to  provide: 

-  minimum  time  spent  for  acceleration; 

-  minimum  fuel  required  for  the  acceleration  part  of  the 
flight  trajectory  (for  example,  for  TSTO  first  .stage); 

-  maximum  flight  range  (for  example,  for  HST). 

Only  in  particular  cases  does  the  optimum  flight  M 
number  Mo  for  transition  of  operating  nuxle  correspond 
to  the  flight  speed  at  which  specific  thrust  parameters  of 
TJ  and  RJ  are  equal  to  one  another. 

It  should  be  mentioned,  that  it  is  possible  to  define  the 
appropriate  flight  M  number  for  mode  changing  from 
another  point  of  view  (for  exampIe.on  the  basis  of 
minimum  dynamic  influence  on  the  vehicle  or  minimum 
change  of  variable  geometry  components  or  from  higher 
life  considerations,  etc.).  However  the  above  mentioned 
principle  criteria  are  important  for  TRE  working  process 
analy.sis. 

.^.1.  Defining  the  Mo 


To  obtain  the  corresponding  equations  we  made  the 
following  assumptions  (8); 

-  changes  of  operation  mode  from  TJ  to  RJ  is 
instantaneous 

-  The  acceleration  trajectory  is  given; 

-  the  air-to-fuel  ratio  at  each  trajectory  point  is  optimum 
in  accordance  with  the  above  mentioned  cri-teria. 

If  the  thrust  vector  is  directed  towards  the  tangent  to  flight 
trajectory,  then  the  acceleration  flight  time  from  point 
(MI.  HI)  to  point  (M2.  H2)  of  the  trajectory: 

IHc2  Wp 

- dHc 

Hel  V(Tsum-D^ 

where  Wp.  V.  Dp  and  vehicle  propulsion  system  summary 
thrust  Tsum  vary  vs  M(Hc).  If  MI  <  Mot  <  M2,  then  one 
can  find  the  optimum  value  Mot  (for  time  criteria)  by 
resolving  the  equation: 

,Mfto  Wp 

tmin  =J  - dHe 

rfcl  V(Tsumtj  •  Dptj) 

fHe2  Wp 

+  J - dHc  (I) 

Heo  VtTsumrj  •  Dprj) 

where  "energetic  altitude"  Heo  corresponds  to  Mot. 
Minimum  value  of  the  (1)  right  part  corresponds  to 
minimum  values  of  functions  under  the  integral.  These 
values  correspond  to  an  engine  operating  at  maximum 
rating  in  each  point  of  the  trajectory.  Because  engine 
thrust  when  operating  in  the  RJ  mode  increases  vs  M 
more  rapidly  than  in  the  TJ  mode,  then  the  minimum 
value  of  the  right  part  (1)  corresponds  to  the  value  of 
variable  integration  limit  Heo.  at  which  functions  under 
the  integral  for  TJ  and  RJ  modes  of  operation  are  equal. 
Geometry  interpretation  is  rcpre.sented  in  Fig.22.  The 
summary  area  under  the  curves  of  functions  under  the 
integral,  which  is  proportional  to  the  time  .spent  for 
acceleration,  would  be  minimum  where  the  Heo  value  (or 
Mo)  correstponds  to  the  point  of  intersection  of  the  curves. 

Transfer  to  RJ  mode  of  operation  is  accomplished  at 
rather  high  M  numbers,  when  additional  inlet  drag 
decreases  sub.stantially.  Then  one  can  neglect  the 
difference  in  overall  vehicle  aerodynamic  drag  at  TJ  and 
RJ  operating  mtxles  in  trajectory  point  Mot.  Consequently, 
the  Mot  value  corre.sponds  practically,  to  the  condition 
when  engine  thrust  values  associated  with  TJ  and  RJ 
operating  modes  become  equal. 

Ttj  =  Trj. 

Combined  ABE  always  has  some  .structural  elements 
common  to  both  parts  (inlet.  ARCC.  external  ca.sing  etc.) 
with  characteri.stic  cross  .section  area  A. 

Then  equation  for  Mot  definition  is: 
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Tiij  (Wcor/A)rj 

- -  O  (2) 

Tsrj  (Wcor/A)lj 

Then,  the  Mol  value  depends  on  the  gas  turbine  part  cycle 
parameters,  engine  control  law.  correlation  of  both  engine 
parts  dimensions  (for  example,  Ax/Ac),  but  it  is 
independent  of  flight  trajectory  and  vehicle  drag 
parameters. 

If  with  increasing  flight  M,  the  first  member  of  the  left 
part  of  (2)  decreases  and  the  second  increases,  which  is 
inherent  to  TRE,  then  the  Mot  value  would  be  between 
the  M  numbers  corresponding  to  equal  values  of  specific 
thrust  Ts  and  airflow  (Mw)  when  operating  in  TJ  and  RJ 
modes; 

Mw  <  Mol  <  Mxs  or  Mw  >  Mot  >  Mts. 

If  Ax/Ac  increases  at  constant  (Wcor/A)rJ  the  ratio 
Tstj/Tsrj 


where  intake  efficiency  hin  is  the  ratio  of  airflow  kinetic 
energy  after  isentropic  expansion  from  behind  the  intake 
section  to  that  of  the  free-stream  air-flow.  The  intake 
recovery  Sin  values  vs  M  and  typical  hin  values  are 
represented  in  Fig.23. 

Thus,  unlike  the  Mol  number,  the  Mog  depends  also  on 
the  vehicle  aerodynamic  perfection  and  its  (T/W)  ratio, 
which  is  reflected  by  value  d.  If  air-to-fuel  ratios  a  on 
both  operation  modes  arc  equal,  then  with  value  d 
decreasing,  the  Mog  number  approaches  the  value  at 
which  specific  thrust  values  in  both  operating  modes 
become  equal.  With  value  d  incrca.sing,  the  Mog 
approaches  the  value  at  which  airflow  values  in  both 
operating  modes  arc  become  equal.  So.  depending  on 
cycle  parameters,  dimension  correlation  and  engine  control 
law,  with  d  increase  the  Mog  number  can  either  increase 
or  decrease.  The  latter  is  more  likely. 

Using  a  similar  approach  an  equation  was  obtain  for 
defining  the  Mol  number,  corresponding  to  maximum 
range  18). 


in  equation  (2)  increases  too.  i.e.  Mot  value  decreases. 

Acting  in  the  same  way  as  previously,  one  can  conclude 
that  the  Mog  number  (transition  to  the  RJ  operating  mode 
which  provides  minimum  fuel  consumption),  corresponds 
to  the  night  speed  when  the  relative  to  excess  thru.st  SFC 
values  for  both  operation  modes  are  becoming  equal  to 
one  another.  The  equation  for  Mog  number  definition  is 
as  follows  (8):  • 

d.U(Mog) 

•pjjfj  .  - 

(Wcor  /A)rj  atj 

- =  - (3) 

d.U(Mog)  arj 

Tsij  • - 

(Wcor  /A)tj 

Wlicre  the  values 

d  ( U  Mog) 


Being  subjected  to  the  influence  of  the  same  factors  as 
that  of  the  Mog  number,  the  Mol  value  additionally 
depends  on  the  trajectory  altitude  (dynamic  pressure)  at 
the  point  of  transfer  to  the  RJ  mode,  the  wing  loading 
factor  and  on  the  range  factor  (*i.e.  on  vehicle  L/D.  overall 
engine  efficiency,  flight  speed  at  cruise).  With  improving 
the  vehicle  quality  at  cruise  (incrca.sing  L/D  or  engine 
overall  efficiency)  the  Mol  number  approaches  Mog  . 
because  it  is  profitable  to  redistribute  the  onboard  fuel  in 
favour  of  the  cruise  part  of  the  flight. 

As  was  represented,  the  Mo  numbers  depend  on  the 
variation  of  specific  thrust  and  airflow  in  both  TJ  and  RJ 
operation  modes. 

The  TRE  propulsion  plant  transition  to  the  RJ  mode 
process  depends  on  correlation  between  the  airflow 
characteristics  of  the  variable  geometry  inlet  and  of  both 
combined  engine  parts. 


(Wcor  /A) 

in  the  left  part  represent  the  ratio  of  the  vehicle  aero¬ 
dynamic  drag  to  the  summary  airflow  of  the  whole 
powerplant  (specific  vehicle  aerodynamic  drag). 


The  value  d  is  proportional  to  the  vehicle  drag  coefficient 
and  inversely  proportional  to  the  sum  of  engine  section 
areas  A  for  all  propulsion  sectors  of  the  powerplant: 


d  = 


KPo 

■) 


Cp 


Asum/S 


where  Asum  is  the  sum  of  areas  A.  S  the  wing  area. 


Included  in  equation  (3)  the  flight  M  number  function 
U(M)  looks  as  follows; 


U{m) 


M'-[l  +  -  K)] 


[1  + 


k  -  I 


M 


k  +  I 

2,  nirni 


As  an  illu-stration.  in  Fig.24  arc  represented  the  typical 
variations  of  maximum  po.ssiblc  airflow  in  inlet  at 
constant  altitude  vs  flight  M  number  (lines  for  Ain  I  and 
Ain2.  and  for  this  example  it  is  known  that  Ain  I  >  Ain2). 
and  also  the  curves  of  maximum  airflow  capacity  for  the 
TJ  (curve  "T")  and  RJ  (curve  "R")  engine  parts.  One  can 
.sec  that  the  real  propulsion  plant  airflow  variation  vs 
flight  speed  would  be  defined  by  the  correlation  between 
the  air  inlet  and  the  engine  part  dimensions  (i.e.  fan  or 
compressor  and  ARCC  cross  section  areas). 

If  the  engine  airflow  in  the  transition  to  the  RJ  mode 
prtKCcding  is  defined  by  the  ARCC  airflow  capacity  and 
is  not  limited  by  the  variable  inlet,  that  is  more  specific  to 
the  TRJ  with  its  rather  high  specific  thrust  values  in  the 
TJ  operation  mode,  then  suitable  power  plant  governing 
conesponds  to  maintaining  the  TJ  part  maximum  rating 
(curve  "T')  up  to  point  1  at  Mol.  in  which  the  transition 
to  RJ  mrxJe  of  operation  takes  place.  Then  between  points 
2...3  the  airflow  corresponds  to  the  ARCC  maximum 
capacity,  and  at  higher  flight  M  numbers  is  limited  by  the 
maximum  inlet  airflow  capacity.  In  this  trajectory  part  the 
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bc(t  engine  performtncei  are  provided  by  a  corresponding 
decrease  of  the  critical  sections  of  inlet  and  no7.zlc. 

For  the  TPRJ  type  of  TRE  (with  rather  low  specific  thrust 
in  the  TJ  mode)  the  ttansition  to  RJ  operation  mcxlc 
process  is  to  a  greater  extent  characterized  by  the  limiting 
of  the  engine  airtlow  by  the  inlet  flow  capacity  (line  Ain2 
on  Fig.24).  In  this  case  the  transition  to  RJ  mode  process 
consists  of  gradual  derating  of  the  TJ(TF)  part  in  some 
range  of  flight  M  number  up  to  TJ(TF)  switch  off.  In  the 
transition  proceeding  the  air-to-fuel  ratio  in  the  ARCC 
should  be  maintained  at  maximum  rating.  The  power  plant 
control  law  in  this  process  is  defined  by  the  accordance  of 
the  inlet  and  engine  variable  geometry  elements  with  the 
condition  of  providing  the  minimum  pressure  losses  and 
the  necessary  surge  margin.  The  transition  begins  at  flight 
M  number,  when  the  engine  airflow  approaches  the  limit 
of  the  inlet  airflow  capacity  (point  4),  and  finishes  with 
the  TJ  part  approaching  windmilling  mode.  In  this  case 
the  optimum  Mo  numbers  on  various  "energetic"  criteria 
coincide. 

52.  Mo  numbers  for  TRJ 

The  influence  of  various  factors  on  Mo  number  analysis 
was  performed  for  TRJ  (Fig.25)  on  the  ba.sis  of  the 
equations  obtained. 


The  ha  efficiency  characterizes  the  part  of  the  useful 
engine  thrust  work  which  transmits  to  the  vehicle 
mechanical  energy 

Similarly,  by  defining  the  instant  overall  acceleration 
efficiency  hoa  as  the  ratio  of  vehicle  mechanical  energy 
increment  to  the  energy  of  fuel  spent  in  the  propulsion 
plant  within  infinitesimal  time  one  can  obtain  that  hoa 
equals  the  product  of  engine  overall  efficiency  and  instant 
acceleration  efficiency: 


hoa  ■  ho  .a  -  ho.  >1  - 


The  minimum  fuel  spent  in  the  vehicle  acceleration  phase 
corresponds  to  such  engine  control  laws,  when  at  each 
acceleration  trajectory  point  the  maximum  possible  hoa 
value  is  provided.  Such  propulsion  governing  cor¬ 
responds  to  the  minimization  of  SFC  related  to  excessive 
thru.st.  These  minimum  points  displace  to  the  right  (on 
lower  air-to-fuel  ratio  values)  along  the  engine  rating 
curve  SFC(T)  relatively  to  u.sual  SFC  (relative  to  inner 
thrust)  minimum  points.  From  the  fuel-spent  point  of 
view,  in  practically  po.ssible  cases  the  optimum  engine 
rating  in  the  supersonic  part  of  the  acceleration  trajectory 
coincides  with  the  maximum  (afterburning)  ratings  [8]. 


The  minimum  time  spent  for  vehicle  acceleration 
corretiponds  to  the  maintenance  of  minimum  air-to-fuel 
ratio  values  along  the  acceleration  trajectory.  The  range  of 
possible  Mot  numbers  is  limited  by  values  of  Mw  and 
MTs.  The  equal  engine  nozzle  pressure  ratio  expansion 
values  in  both  operation  modes  correspond  to  the  latter. 

The  Mw  number,  at  which  the  airflow  values  in  both 
operating  modes  become  equal,  depends  on  the  engine's 
design  cycle  parameters,  its  control  law  and  the 
correlation  of  the  engine  part  dimensions. 

In  Fig.26  as  an  example  the  typical  MTs  and  Mw  number 
variations  vs  design  engine  compressor  pressure  ratio  arc 
represented.  If  we  increase  the  comprcs.sor  work  by 
opening  the  nozzle,  the  curves  for  MTs  and  Mw  draw 
together  because  of  a  decrease  in  TJ  operating  mode 
specific  thrust  and  an  increase  in  airflow.  This  is 
illustrated  by  curves  corresponding  to  critical  nozzle  area 
increase  by  20%  (An*  =  1.2).  The  curves  mentioned  in 
Fig.26  corrc.spond  to  equal  corrected  stream  vcliKity  at 
ARCC  inlet  for  both  operation  modes.  Increasing  the 
airflow  and  stream  velocity  at  the  ARCC  inlet  in  the  RJ 
operating  mode  decreases  the  Mw  numbers. 

To  define  the  engine  ratings  corresponding  to  minimum 
fuel  .spent  during  the  vehicle  acceleration  phase  one  can 
use  (he  idea  of  "instant  acceleration  efficiency"  as  the 
ratio  of  vehicle  mechanical  energy  increment  to  engine 
thrust  work  within  infinitesimal  time,  which,  bearing  in 
mind  the  approximate  correlation  for  the  vehicle 
mechanical  energy  deriva-  tive  on  time  equals  |8|: 

dEp  Dp 

ha  = .  *  1- 

Tsum.VJt 


TRJ  Mo  number  calculations  were  performed  at  constant 
values  of  air-to-fuel  ratio  (  a  =  1.2),  ambient  air  and 
turbine  inlet  gas  temperatures. 

Fig.27  shows  the  dependence  of  Mo  numbers  on  design 
compressor  pressure  ratio.  The  presence  of  maximum 
points  on  curves  for  Mot  and  Mog  is  explained  by 
compres.sor  pressure  ratio  variation  contrary  influence  on 
specific  thrust  and  air-flow  on  TJ  operation  mode.  When 
increasing  the  design  turbine  inlet  temperature  value  the 
maximum  Mo  numbers  displace  to  the  higher  design 
compressor  pressure  ratios,  and  the  Mo  numbers 
themselves  increase  because  of.  mainly,  the  relative 
decrease  of  ARCC  dimensions  and  corresponding  decrease 
of  thrust  in  the  RJ  operation  mode  (Fig.28).  If  it  is 
possible  to  increase  the  compressor  work  while 
maintaining  its  efficiency  at  the  initial  level  then  the 
optimum  Mo  values  also  rise  because  airflow  and  thrust 
increase  in  the  TJ  operation  mode.  This  is  prc.sented  in 
Fig.27  by  curves  corresponding  to  the  nozzle  throat  area 
increa.se  by  20%  (An*  =  1.2).As  follows  from  the  Fig.27, 
at  typical  values  of  d  =  45...90  kPa  the  Mog  values  arc 
close  to  the  Mot  values,  being  .somewhat  higher  than  the 
latter.  The  curve  for  Mol  number  (dotted  with  points  line) 
practically  is  analogous  to  the  corresponding  curve  for 
Mog  numbers. 

The  dependence  of  Mot  and  Mog  numbers  on  the  ratio  of 
the  ARCC  cross  section  area  to  the  compressor  inlet  area 
is  shown  in  Fig.29.  The  optimum  Mo  numbers  decrease 
when  the  Ax/Ac  value  increases  and  arc  lower  than  the  TJ 
"degeneration"  Mach  numbers.  When  the  air-to-fuel  ratio 
is  given,  then  the  main  factor  by  which,  in  a  powcrplant 
with  variable  geometry  inlet  and  nozzle,  one  can  vary 
thrust  pcrfoimancc  in  RJ  operation  mode  is  the  airflow. 
Increasing  the  flow  velocity  at  the  ARCC  inlet  while 


Tsum 
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mtinliining  the  inlet  efficiency  leads  to  thruit  incietie  in 
the  RJ  operation  mode  and  consequently  to  Mo  number 
decrease  (Fig  JO),  in  spile  of  the  somewhat  worse  engine 
specific  parameters.  This  enables  forcing  of  the  TRJ  on 
air-flow  capacity  in  the  RJ  mode  u  a  method  for  lowering 
the  flight  M  number  for  transition  to  RJ  operation  mode. 

TRJ  performance  analysis  hu  revealed  that  typically 
optimum  Mach  numbers  for  transition  to  RJ  flight  lie  in 
the  range  of  2.S...3  J  and  because  of  higher  airflow  in  the 
RJ  mode  as  a  rule  the  Mo  number  is  tower  than  the  TJ 
"degeneration"  flight  Mach  number,  i,e.  at  Mo  there  is  a 
difference  in  total  pressure  values  behind  the  TJ  and  RJ 
engine  parts  in  favor  of  the  first.  In  this  case,  adequate 
control  of  the  propulsion  system  is  needed  to  provide 
stable  operation  in  the  transition  mode. 

CONCLUSION 

Theoretical  investigations  and  computational  modelling  of 
air  breathing  powerplants  for  M  *  4...6  have  included  the 
classification  and  performance  analysis  of  various  types  of 
turboramjet  engine.  An  approach  to  the  theoretical  design 
and  construction  of  the  engine  configuration  was 
produced.  Comparative  analysis  of  the  merits  of  various 
ABE  types  being  installed  on  future  hypersonic  vehicles 
with  cruise  and  acceleration  flight  trajectories  has  revealed 
the  advantages  of  TRJ  and  TFRJ  as  universal  variable 
cycle  engines  for  high  flight  Mach  numbers.  Optimisation 
of  specific  TRE  transition  mode  conditions  along  with 
other  investigation  results  give  an  approach  to  engine 
governing  in  the  operating  modes  and  the  basis  for 
formulating  the  requirements  for  experimental  TRE  and 
the  problems  of  their  investigation. 
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INTRODUCTION/SUMMARY 

Solid  propellant  ramrockets  (SPRR) 
combines  the  exclusive  operational  advantages  of 
solid  rockets  with  high  fuel  efTiciency  as  being  air 

-  breathing  type  of  engine. 

The  specific  feature  of  SPRR  which  differs 
from  liquid  fuel  ramjet  is  the  arrangement  of  ram 

-  combustor  in  which  the  products  of  primary 
burning  of  solid  propellant  inside  the  gas 
generator  are  injected  through  some  nozzles  and 
rebnrn  (fig.  2.1).  By  this  process  not  only  the  heal 
is  released  but  some  ejection  effect  appears  w'hich 
increases  the  front  area  specific  engine  thrust.  .So 
the  direction  gas  generator  nozzles  axes  must  be 
arranged  mainly  along  the  main  ram  combustion 
chamber  airflow. 

The  second  feature  of  SPRR  combustion 
process  is  that  the  gasified  products  of  primary 
burning  gas  generator  reburn  in  ram  combiisior 
as  turbulent  or  quasi  turbulent  gas  flames.  Usually 
there  is  no  need  in  .some  special  flameholders. 

All  these  special  features  lead  to  some 
peculiarities  of  inserted  booster  case  or  grain 
arrange  it  and  to  rather  complicated  gasified  fuel 
supply  devices. 

The  third  .special  (negative)  feature  of 
SPRR  is  the  constant  or  programmed  fuel  supply 
rate  during  the  flight.  So  the  problem  of  SPRR 
fuel  flow  rate  control  arises. 

This  lecture  contains  .such  items  of 
di.scu.s.sion; 

-  Integration  of  SPRR  with  boo.ster  rocket 
engine. 

-  Energy  capabilities  of  different  ramjet  solid 
propellants  and  their  application. 

-  Effectiveness  of  fuel  secondary  combu.stion  in 
ram  combustor. 

-  Model  and  full  scaled  ramrockets  ground 
testing. 

-  Ftiel  flow  rate  control  in  ramrockets. 
NOMENCLATURE 


a  -  velocity  of  sound; 

Cl.  =  Fjj/q,,  -  thrust  coefficient; 

D,d  -  diameter; 

F  -  thrust; 

Fy  =  F/Aj„-  frontal  area  specific  thrust; 

F^  =  F/Gy  -  specific  engine  thrust  (per  I  kg/s 
airflow); 

G  -  mass  flow  rate; 

H  -  altitude; 

Ut  =  Hu/(I  +  L,,)  -  max  heat  capacity  of 
combustion  products  (by  o  =  1) 

Hu  -  mass  heat  of  combustion; 

Hv  -  volumetric  heat  of  combustion; 

I  -  mass  specific  impulse; 

1^,  -  volumetric  specific  imptilse; 

L  -  length; 

L„  -  stoichiometric  ratio; 

M  -  Mach  number; 
m  -  mass; 

N  -  number  of  nozzles,  mjectors,  holes; 

P  -  pre.s.sure; 

q  =  pvV2  -  dynamic  pressure: 

q(>.)  -  A*/A  -  ratio  of  critical  to  current  crosi- 

section; 

0  -  heat  of  combu.stion  without  air; 

R  -  gas  constant; 
r  •  range; 

T  -  temperature; 
t  -  time; 

V  -  volume; 

v  -  flight  velocity; 
w  -  air.  gas  velocity: 

o  =  G.,/L,,G|  -  equivalence  air-fuel  ratio  (air 
e.xcess  coefficient ); 

(i  -  equivalence  fuel-air  ratio  (|i=  l/u): 
f  -  ero.sive  burning  augmentation  ratio; 
q  -  fuel  combustion  completeness; 

\  -  secotidary  combustion  completene.ss; 

X  =  w/a*  -  dimetisionless  velocity  coefTicient; 
p  -  relative  fuel  mass; 

V  -  burning  rate  pre.ssure  exponent; 
p  -  den.sity; 

o  -  pres.sure  recovery  factor: 

INDICES 


a  -  :iir; 

b  -  burner,  combustor: 


A  -  area.  ^  .  corrected: 

Presented  at  an  AGA  RD  Lecture  Series  on  ‘Research  and  Development  of  Ram/Scramjets  and  Turboramjets  in  Russia  December 
IW  to  January  IW4. 
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cb  -  ceiitnil  body; 
eq  -  eqiiiviilent; 
f  -  fuel; 
tl  -  fliime; 
g  -  g:is; 

gg  -  giis  geiieniror  exit; 

II  -  nozzle; 
p  -  propelliint; 
t  -  toiiil; 

0  -  nomiiiiil  viiliie,  intliiity; 

opt  -  optiiniil; 

(  )*  -  criticid  viiliie; 

{~)  -  relative  value,  mean  value; 

I  I  -  references  placed  at  the  end  of  lecture; 

I  -  booster  stage; 

II  -  sustain  stage; 

ABBREVIATIONS 

ABE  -  air  breathing  engines; 

GG  -  gas  generator; 

LFRJ  -  liquid  fuel  ramjet; 

LR  -  liquid  rocket; 

PR  -  pressure  ratio; 

PS  -  propulsion  system; 

RJ  -  ramjet  engine; 

SPRR  -  solid  propellant  ramrocket; 

SR  -  solid  rocket; 


I.  INTEGRATION  OF  SOLID  PROPELLANT 
RAMROCKET  WITH  BOOSTER  AND 
MISSILE  IMPROVEMENT 

Since  the  SA-6  missile  was  put  into 
operation  in  1967  solid  propellant  ram  rockets 
(SPRR)  have  been  largely  improved  in  different 
countries.  The  investigations  were  pursued  mainly 
in  the  following  directions  (Fig.  2.2): 

-increase  of  ramjet  propellant  energetic; 
-improvetnent  of  a  booster; 

-development  of  different  ways  of  propellant 
consumption  control. 

Thus,  it  was  shown  that  the  use  of  boron 
instead  of  magne.siurn  and  aluminium  provided 
1.5  increase  of  gas  generator  propellants  m;is.s 
combustion  heat  and  more  than  double  incre;»se 
volume  combustion  heat.  The  formulas  of  special 
propellants  having  an  index  of  a  power  in 
combustion  law  v  =  0.5  -  0.7  and  meant  for  use 
in  gas  generators  with  solid  propellant 
consumption  control  have  also  been  developed. 

Booster  improvement  has  been  performed 
mainly  using  grains  bonded  to  the  combustion 
chamber  walls  according  to  cast  technology 
adopted  in  solid  propellant  rocket  engines  (SR). 
This  allows  to  increa.se  volume  filling  of  a  boo.ster 
combustor  by  7%  in  comparison  with  insert 


grains.  The  intensive  .studies  of  nozzleless  boo.sters 
are  being  conducted  and  the  practical  results  in 
them  introduction  for  aviation  missiles  SPRR 
have  already  been  obtained.  Their  main 
advantage  is  the  ab.sence  of  jettisonable  structural 
components  that  is  of  great  importance  for  this 
class  of  missiles. 

Great  attention  was  being  given  and  is 
currently  being  given  to  investigation  and 
development  of  different  ways  of  solid  propellant 
con.sumption  contiol  on  cruising  regime. 
Especially  that  concerns  the  problem  connected 
with  the  development  of  the  effective  and  reliable 
design  of  controller  allow'ing  to  perform  control 
according  to  arbitrary  program.  Just  the  absence 
of  such  structure  re.straiiicd  till  lately  the  use  of 
SPRR  on  air-to-air  missiles.  Now  there  are 
certain  achievements  in  this  field. 

Introduction  of  all  these  achievements 
allows  to  improve  substantially  thrust 
economical  performance  of  SPRR  and  to  widen 
the  area  of  their  application. 

Integration  of  sc>hd  propellant  ram  rockets  with 
booster  engine 

It  is  preferable  to  u.se  integral  SPRR  on 
small  or  medium  air-to-air  and  ground-to-air 
missiles.  The  principle  of  integration  of  solid 
propellant  boo.ster  and  cruising  ramjet  in  a 
common  configuration  allowed  to  realize  in  the 
best  way  the  combination  of  simplicity,  reliability 
and  small  size  of  a  solid  propellant  booster  with 
the  high  fuel  efficiency  of  the  simple.st  engine  of 
air-breathing  type.  In  this  ca.se  placing  the  solid 
propellant  of  the  booster  engine  in  the  ramjet 
combirstor  is  due  to  the  overall  small  volume  of 
the.se  engines.  That  is  an  impoHaiit  factor  under 
conditions  of  strict  overall  dimensions  limitation, 
which  are  characteristic  for  aviation  missiles  and 
.small  guided  anti-aircraft  missiles. 

In  the  most  full  measure  the  low  volume 
factor  takes  place  in  SPRR  due  to  relatively  high 
density  and  elective  effect  of  its  propellant.  In 
range  of  llight  Mach  number  of  2-4  typical  for 
advanced  aviation  missiles  the  integral  SPRR  has 
2-4  tunes  as  much  specific  impulse  than  the 
rocket  engine  has  at  sea  level.  That  is  defining 
factor  for  long-range  missiles.  The  cruising  SPRR 
running  for  a  long  time  allows  the  missile  to 
develop  high  averaged  speed  on  its  trajectory  and 
provides  its  high  efficiency.  Placing  the  .solid 
propellant  booster  in  the  combastor  of  integral 
ramjet  permits  to  reduce  the  volume  of 
propulsion  systetn  (PS)  by  30-40%  in  comparison 
with  scheme  of  tandem  arrange  and  jettisonable 
booster. 
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Aec\)rcling  ‘  to  sinicHtral  indtCirtions  the 
booster  SR  of  integrnl  SPRR  with  a  common 
curubustor  cnu  be  iu  (he  CoUcvrutu 

(Fig.  2J): 

-  the  booster  SR  with  insert  grain  and 
ejectable  nozzle  (PS  of  the  SA-6  missile  can  be 
considered  as  an  example); 

-  the  booster  SR  with  ca.se  bonded  grain 
and  ejectable  nozzle  (an  example  is  PS  of 
ASALM); 

-  the  nozzleless  booster  [1,2,3). 

The  design  of  integral  ramjet  with  booster 
grain  placed  directly  in  a  ramjet  combii.stor  has 
been  .studied  in  the  USA  from  1974  (ASALM 
program  and  others).  In  this  case  grain  is  either 
inserted  or  filled  into  ranyet  combustor.  Tl»e 
variants  when  grain  is  placed  simultaneously  in 
C4iitrbu«or  and  uUei  difihscr  ol‘  i  uujet  engine  Af** 
al.so  considered 

In  ail  considered  cases  after  SR  burn-out, 
its  nozzle,  cowlings  and  plugs  are  ejected  or  fired 
downward.  The  nece.s.sity  of  structural 
components  ejecting  on  the  transient  regime  is 
one  of  substantial  basic  drawbacks  of  the  studied 
PS  schemes  for  aviation  missiles. 

In  order  to  eliminate  these  drawbacks 
United  Technologie.s'  Chemical  Systems  division 
proposed  a  ticw  concept  of  integral  ramjet 
arrangement  -  using  the  nozzleless  SR. 

TtU  N76  «U  fWJgtinifc  CM  ioie^r  d  r  r  yei 
called  for  using  only  the  booster  SR  with 
ejectable  nozzle.  Such  engines  were  ground  and 
flight  tested.  As  a  result,  the  most  part  of 
problems  concerning  development  of  integral 
ramjet  was  solved  though  at  the  expense  of  mass 
and  .structure  complexity  increase,  reliability 
reduction  and  PS  cost  growth.  The  main 
difficulty,  which  couldn't  be  overcome  in  any 
way.  consisted  in  danger  to  entail  damage  of 
carrier  aircraft  by  ejected  from  the  engine 
votUfRHAentit  M  boA'fcUt  The  ktfic 
of  this  problem  was  the  use  of  a  nozzleless  SR 
booster. 

The  application  of  a  nozzlele.ss  SR  boo.ster 
simplifies  the  mi.s.sile  and  reduces  its  cost,  and  the 
main  thing  coirsists  in  elimination  of  ejectable 
components  that  fly  around  the  aircraft  during 
the  mis.sile  launch  and  also  in  elimination  of  a 
danger  connected  with  the  fall  of  these 
components  on  the  ground. 

Details  of  nozzlele.s.s  boosters  development 

The  feature  of  a  nozzleless  SR  is  the 
absence  of  a  nozzle  and  a  rear  bottom  in  their 


commott  imderstaitding.  The  rozzk  is  formed  by 
the  .solid  propellant  grain  itself.  Grain  burning  is 
fwUrrd  OM  (lie  duel  (,(  n  riwJi'Al  dweetfeu 

The  throat  is  at  the  end  of  graii.  dact,  but  it  can 
move  upstream  and  downstream  during  grain 
burning.  The  typical  scheme  of  a  nozzlele.s.s  .SR  is 
shown  in  Fig.  2.. 3. 

Application  of  nozzleless  SR  and  integral 
ramjet  is  conditioned  by  a  number  of  advantages 
in  comparison  with  a  .standard  engine  with  a 
nozzle.  These  advantages  include; 

-  operational  merits  (ab.sence  of  ejectable 
structural  components); 

-  structure  simplicity; 

-  higher  reliability: 

-  low  cost 

\a(w41y  (he  iwiik  AVweucr  .iwirs 
noticeable  reduction  of  the  nozzleless  SR  thrust 
specific  impulse  in  comparison  with  the  engine 
having  nozzle.  Real  .specific  impulse  of  a 
nozzleless  engine  is  usually  equal  to  75  -  85%  (in 
the  best  case  it  can  achieve  up  to  90%)  of  the 
engine  with  a  nozzle  thrust  specific  impulse 
value.  The  difference  is  explained  by  not  only  the 
absence  of  a  contoured  nozzle.  Performance 
degradation  also  takes  place  because  of  low 
operating  pre.ssnre  in  combustor  during  the 
.second  half  of  engine  operation.  Though  engine 
operation  starts  at  higlt  pressure,  dttring  tltc 
process  of  gram  burn-out  pressure  can  drop  to 
15%  from  its  maximum  value.  In  this  case  the 
ettfiue  (Urust  r-in  vu>  datfernuiy  v-u 

the  index  of  a  power  v  in  the  equation  of  solid 
propellant  grain  burning; 

G,,-KppSTv,  ID 

where 

Gp  -  gasified  propellant  consumption,  kg/s; 

K  -  coefficient .  m/s; 

pp  -  propellant  density,  kg/m’; 

S  -  burning  surface,  m-; 

P  -  pTiviurt  in  gas  gcTreiirtoT, 

The  nozzleless  SR  booster  thrust  in  such 
case  can  be  con.stant  (at  v  =  0.5),  can  change 
progressively  (at  v  <  0.5)  or  degressively  (at  v  > 
0.5)  as  it  is  show  in  Fig.  2.4. 

With  given  engine  overall  dimensions  the 
less  specific  thrust  impulse  of  a  nozzleless  SR  can 
be  compensated  by  the  propellant  mass  increase 
due  to  filling  the  propellant  into  the  volume  that 
earlier  was  occupied  by  the  nozzle  unit.  When 
the  parameters  of  a  nozzleless  SR  are  chosen 
rationally,  its  full  thrust  impulse  can  be  equal  or 
even  higher  than  one  of  an  SR  with  a  nozzle. 
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Tnie,  the  mass  of  a  grain  loaded  nozzieless 
engiiie  in  this  case  will  be  slightly  greater. 

The  ideal  propellant  for  a  nozzleless  SR 
significantly  differs  from  the  propellant  for  the 
engine  with  a  nozzle.  With  the  exception  of 
engines  with  high  length-to-diamcter  ratio  (L/D 
^  15)  the  burning  rate  of  propellant  used  in  a 
nozzleless  engine  must  be  substantially  higher  in 
order  to  exclude  long-duration  non-effective 
propellant  burning  at  low  pressure.  Physical- 
mechanical  characteristics  of  a  nozzleless  SR 
propellant  also  must  be  higher.  At  low  operating 
temperatures  the  ability  of  grain  to  deform 
without  destruction  has  to  be  very  good  to 
provide  optimum  values  of  the  coefficient,  which 
characterizes  the  filling  of  combustor  with  the 
propellant.  At  high  operating  temperatures  the 
propellant  used  in  a  nozzlele.ss  SR  must  have  high 
allowable  shearing  strength  so  that  grain  could 
siLstain  large  loads  conditioned  by  high  pres.sure 
difference  between  front  and  rear  parts  of  engine 
combu.stor. 

One  of  the  consequences  of  such  higher 
requirements  to  characteristics  nozzieless  SR 
propellants  is  the  fact  that  the  propellants 

themselves  become  more  expensive,  but  not  as 
much  to  lose  gain  in  cost  of  development  and 
manufacture  of  a  nozzieless  SR  in  comparison 
with  a  .standard  SR.  It  also  mirsi  be  taken  into 
account  that  structure  of  nozzlele.ss  SR  grains  is 
sub.stantially  simpler  and,  hence,  these  grains  are 
less  expensive  in  production  than  grains  of 

standard  SR. 

Consumption  thrust  characteristics  of  a 

nozzieless  SR  depend  on  u.sed  .solid  propellant 
properties,  such  as  gas  con.stant  and  temperature 
of  combustion  products  (R,  T),  propeliant 

densities  (pp),  burning  rate  (Up),  coefficient  v. 
dimensions  of  engine  (L,  D)  and  environmental 
conditions  (pressure,  grain  temperature  etc.). 


6.  Changing  of  solid  propellant  grain  duct 
contour  and  the  duct  diameter  including  throat 
section. 

Importance  of  above  mentioned  factors  is 
different  in  the  beginning,  the  middle  and  the 
end  of  engine  operation. 

Availability  of  the  sustainer  ramjet  nozzle 
favours  the  performance  improvement  of 
nozzieless  SR  integrated  with  SPRR. 

In  order  to  define  the  characteristics  of 
nozzieless  SR  there  were  developed  programs  of 
parameters  calculation  in  quasi-stationary  and 
non-stationary  tasks. 

Takiiig  account  of  solid  propellant  erosion 
burning  becomes  the  important  part  of  these 
programs.  For  this  we  ii.se  criterion  functions  of 
the  form: 


c  =  f„  +  B 


Pg^g 

P|i 


C. 


where 

e  -  coefficient  of  .solid  propellant  erosion 
burning  c  =  UjyU,,,,; 

Up,  -  propellant  burning  rate  when  burning 
surface  blowing  over  by  gas  stream  is  absent; 

U|,  -  propellant  burning  rate  under  conditions 
of  gas  stream  blowing  over; 

-  gas  density; 

Wg  -  gas  stream  velocity; 

C,;,  -  friction  coefficient  on  the  plate  w'ithout 
blow  -  in: 


C,;,  =  0.0.592  Re,, 

Re,|  -  Reynolds  number  for  which  defining  the 
grain  duct  diameter  d  is  used  as  a  typical  size; 

r„,  B,  p  -  parameters,  which  are  defined 
experimentally. 


Design  of  iuterballistic  and  thrust  characte¬ 
ristics  of  nozzieless  SR  must  be  performed  with 
taken  account  of  larger  number  of  factors  than 
for  SR  with  a  nozzle.  Among  them  the  following 
ones  should  be  marked. 

1.  Erosion  burning  of  .solid  rocket  propellant 
under  condition  of  gas  stream  speeds  change 
from  zero  up  to  supersonic. 

2.  Unsteadiness  of  grain  burning  process. 

3.  Non-efficiency  of  propellant  burning, 
especially  when  it  is  metallized  because  the 
particles  re.sidence  time  in  combu.stor  is  very 
short. 

4.  Movement  of  throat  section  during  grain 
burning. 

5.  Two-phase  How. 


In  Fig.  2.5  there  are  shown  typical  criterion 
functions  on  erosion  burning  for  mixed  and 
double-base  solid  rocket  propellants  with 
indications  of  a  nozzieless  SR  and  an  SR  w'ith 
nozzle  operation  areas.  If  for  the  SR  with  a 
nozzle  erosion  propellant  burning  practically  is 
not  admitted:  e  <  1.10  -  1.15,  then  for  the 
nozzieless  SR  the  area  of  operating  to  e 
practically  is  unlimited.  It  .should  be  noticed  that 
mixed  solid  propellants  are  subjected  to  erosion 
burning  in  a  larger  measure  than  double-base 
ones. 

Application  of  nozzieless  SR  under  certain 
conditions,  as  ii.sse.ssments  show,  can  allow  to 
reduce  the  total  cost  of  the  engine  by  10  -  20% 
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to  jncrciise  maximum  flight  speed  at  the  end  of 
booster  operation  by  S  -  IS%  and  eliminates  the 
necessity  of  nozzle  ejecting  during  transition  to 
cruise  regime. 


2.  RAMROCKET  SOLID  PROPELLANTS 
AND  THEIR  APPLICATION 

The  po.ssibility  of  using  significantly 
different  fuels  and  oxidizers  in  solid  propellants 
of  ramrockets  reqtn'res  the  development  of  special 
methods  to  reveal  energetic  potential  of  the 
propellant  in  the  propulsion-vehicle  system  with 
allowance  for  specific  conditions  of  the  missile 
application. 

For  propellants  of  SPRR  there  is  no  any 
single  energetic  index  under  which  the  propellant 
may  be  .selected.  Many  things  depend  on  specific 
dimension  -  mass  restrictions  and  condition  of 
application.  In  the  general  case  the  energetic 
potentials  of  solid  propellants  of  ramrockets  are 
characterized  by  (he  following  main  indices;  a 
volumetric  combustion  heat  -  Hv;  a  mass 
combustion  heat  -  Hu;  a  density  -  pj,;  a 
stoichiometric  coefficient  -  L„;  a  natural  impulse 
of  the  first  burning  products  following  out  of  the 
gas  generator  -  lg„,  as  well  as  a  heat  capacity  H, 
=  Hu/(l  +  L„)  determining  the  maximum  heat 
release  per  I  kg  fuel  -  air  mixture  in 
stoichiometric  ratio  (a  =  1). 

All  these  indices  in  some  extent  or  another 
have  influence  on  three  main  parameters  of 
ramrockets:  a  thru-st  coefficient  (Cj  ),  volumetric 
and  mass  specific  impulse  (1^  and  I)  and  finally 
on  the  flight  missiles  operation. 

Propellants  for  SPRR  are  considered  m 
references  |l  -  3|.For  the  mo.si  detailed  review 
see  |4|. 

SPRR  propellants 

It  will  be  remembered  that  the  propellant 
composition  of  SPRR  can  theoretically  changed 
from  the  composition  typical  for  SR  propellant 
containing  up  to  70  -  80%  oxidizer)  to  ramjet 
solid  fuels  without  an  oxidizer.  For  integral 
SPRR,  which  are  initially  accelerated  by  SR 
booster  and  SPRR  operates  on  a  sustain  regime, 
the  solid  propellants  containing  ultimately  a  large 
number  of  fuel  components  (to  75  -85%)  and  the 
minimum  quantity  of  the  oxidizer  (15  -  25%). 

Solid  propellants  of  ramrockets  have  as  a 
rule  three  main  components  an  oxidizer,  a 
metallic  fuel  and  a  fuel  binder.  Nitrate  natrium 
NaNOj  and  nitrate  kalium  KNO;^,  perchlorates. 


for  example,  ammonium  of  perchlorate  NH4CIO4 
are  used  as  oxidizer.  For  the  advanced  boron- 
containing  fuels  the  tluorine  -  ba.se  oxidizers 
(fluoropla.stics,  Huorine  rubbers)  are  also 
coasidered.  Different  hydrocarbons  (naphthalene 
C|()Hx,  paraffin  C|,,H54,  rubber,  etc.)  are  used  as 
binders.  The  solid  compounds  such  :i.s  B  -  C  -  H 
(carboron)  etc.  refer  to  advanced  binders, 
magnesium,  aluminium,  their  alloys  and 
metalloid  boron  are  generally  used  as  metallic 
fuels. 

Fig.  2.6  compares  a  general  picture  of  solid 
propellant  development  with  liquid  fuels.  From 
all  pos.sible  variety  of  propellants  one  may  .select 
the  following  characteristic  groups  of  the 
propellants,  to  a  great  extent  differing  in 
properties  and  energetic  characteristics  (Hv.  Hu. 
H,,  p,  L„  etc.): 

a)  "magnesium"  propellants  containing  up  to  60 

-  70%  magnesium  (are  labelled  "Mg"  in  Fig.  2.6); 

b)  "aluminium"  propellants  containing  up  to 
60%  aluminium  ("Al"); 

c)  "hydrocarbon"  propellants  containing  up  to 
60%  hydrocarbon  fuels  ("C  -  H"); 

d)  "carboron"  propellants  containing  up  to  60% 
carboron  ("B  -  C  -  H"); 

e)  "boron"  propellants  containing  unbonded 
boron  up  to  .30  -  55%  ("B"). 

These  propellants  are  characterized  by 
growing  values  of  heat  of  combustion  Hv  and 
Hu.  There  is  a  great  number  of  propellants  of 
intermediate  compositions. 

To  reveal  the  mo.st  effective  propellants, 
the  energetic  potentials  of  a  sequence  of 
theoretical  propellant  receipts  were  analyzed 
around  which  the  conchrsion  can  be  drawn 
regarding  the  effectiveness  of  one  component 
introduction  or  another. 

The  composition  and  the  main  properties 
of  the  characteristic  propellants  arc  tabulate  in 
Table  1  and  2. 

The  given  typical  series  of  propellants 
makes  it  possible  to  find  out  the  effectiveness  of 
the  mutual  replacement  of  different  components: 
metals  (Mg,  Al)  and  metalloid  -  B,  hydrocarbon 
and  boron  containing  binders  when  using  either 
nitrate  natrium  (up  to  20%)  or  ammonium  of 
perchlorate  (20  -  2.5%)  as  oxidizer.  The  quantity 
of  metal  and  fuel  binder  is  varied  from  60%  to  15 

-  20%.  Naphthalene  and  paraffin  represent  a  set 
of  hydrocarbon  compounds  with  ultimately  low 
(6.3%)  and  ultimately  high  (14.8%)  hydrogen 
content  by  mass.  Aluminium  -  magnesium  alloy 
Al/Mg  (AMA)  is  often  used  in  propellants  of 
ramrockets. 
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To  Hiialyze  energetic  poteniial.s  of 
signiricnntly  different  propellants  of  ramrockets 
within  the  range  of  flight  velocities  and  altitudes 
(M  <  5  -  6  and  H  <  30  -  35  km)  in  which  the 
missiles  with  ramrockets  operate  already,  the 
following  simplest  method  of  the  specific 
parameters  comparison  of  ramrockets  has  been 
suggested.  The  method  of  the  propellant  in:iss 
redistribution  between  the  boo.ster  and  sustainer 
stages  of  the  propulsion  sy.stem  and  vehicle  and 
the  comparison  method  of  the  missile  sustained 
flight  range  on  the  characteristic  trajectories 
under  typical  dimension  -  mass  re.strictions  of  the 
missile  armament. 

Comparison  of  Ramrocket  Specific  Parameters 

The  specific  parameters  of  ramrockets  are 
calculated  by  the  internal  thrust  with  full  heat 
generation  in  a  combustor  on  a  design  nozzle 
flow  di.scharge  regime  u.sing  the  standard 
characteristic  of  the  intake.  The  coefficient  of  the 
thrust  is  related  to  the  intake  entry  area. 

Fig.  2.7  compares  the  specific  parameters 
of  ramrockets;  Cp.l^,  I  of  solid  propellants  (Table 
I)  at  difTerent  coefficients  of  air  excess  («)  in  the 
engine. 

As  known,  the  ramrockets  may  operate 
■stablely  both  in  the  o  >  I  regime  area  and  m  the 
o  <  I  area. 

It  is  obvious  that  Cj;  is  increased  with 
decrea.se  in  the  coefficient  of  air  e.xce.ss  for  all 
propellants.  On  the  regime  of  a  =  I  the  C| 
highest  coefficient  of  thrust  is  observed  with  the 
magnesium  -  base  propellant  "I",  having  the 
lowest  .stoichiometric  coefficient  of  L^,  =  3.89. 

In  the  a  >  I  operation  regime  area  the 
lowest  values  of  the  specific  impulses  Iv  and  I  are 
noted  for  the  magnesium  -  base  propellant  "I" 
and  the  highest  ones  -  for  the  unbounded  boron 
-  base  propellant  "9". 

For  more  illustrative  comparison  of  the 
combustion  heat  of  Hu  and  Hv  propellants  with  I 
and  ly  specific  impulses  transform  the  diagram 
(Fig.  2.7),  relating  all  the  propellants  to  the 
parameters  of  propellant  "1"  at  the  same  values  of 
Cf.  (Fig.  2.8). 

This  Figure  .shows  such  peculiarities:  I)  The 
Cp  value  for  the  magnesium-,  aluminium-, 
hydrocarbon  -  ba.se  propellants  (I,  2,  3,  6)  is 
approximately  characterized  by  the  gas 
temperature  level  (particularly,  at  high  value  of  o 
)  and  a  chemical  composition  of  combustion 


products,  dissociation  etc.  have  an  intliience  to  a 
small  extent. 

The  curves  of  the  appropriate  propellants 
in  Fig.  2.8  prove  to  be  near  -  vertical  Contrary 
to  this  group  of  propellants,  "boron"  propellants 
(8,  9)  have  the  advantage  that  permits  a 
significant  increase  in  the  engine  efficiency 
namely,  the  increase  in  I  (propellant  8}  or  1^ 
(propellant  9)  to  be  obtained  at  modeiaie 

coefficient  of  thrust.  This  fe.itnre  of  boron 
propellants  is  caused  by  the  absence  of 

dis.sociation  at  low  temperatures  and  their 
outstanding  energetic  indices  are  realized  to  a 
great  extent.  At  high  values  of  C|  and  gas 
temperatures  the  boron  propellants  approach 
their  indices  to  the  other  as  the  processes  of 
dissociation  and  ph.'se  transition  among  them 

show  up  much  stronger. 

£ya j nation  of  Fhg lit  Ra [ ige 

Perform  in  the  first  approximalioii  a 

comparative  evaluation  of  the  missile  (light  range, 
using  the  different  propellants,  for  two 
characteristic  (light  trajectories:  low  -  elficient 
low  (H=0)  and  highe.st  -  efficient  high  trajectories 
on  which  the  maximum  range  may  be  achieved. 

Although  a  supersonic  flight  at  low  altitude 
IS  rather  inefficient  because  of  high  aerodynamic 
drag  of  a  vehicle,  however,  such  a  (light  is  a  great 
interest  in  view  of  the  difficulty  of  a  missile 
detection. 

On  the  efficient  high  trajectories  the  range 
IS  described  by  the  known  equation 


and  at  the  low  tlight  trajectory  is  de.scribed  by  the 
simplest  relation: 

r  =  V  t  . 

Here  K  =  L/D  is  lift  to  drag  ratio. 

It  will  be  remembered  that  the  flight  for 
the  maximum  range  is  made  on  the  regime  of  the 
K|n;i.x.  niaximum  L/D  ratio  with  gradual  climbing 
and  continuous  decrea.se  in  aerodynamic  drag  in 
flight  time  namely,  the  tlight  takes  place  with  a 
gradual  decrea.se  in  propellant  flow  rate  caused 
by  a  reduction  in  vehicle  weight  with  a  propellant 
utilization.  At  low  flight  trajectory  the  propellant 
flow  rate  remains  unchanged  as  the  drag  and 
thrust  retained  practically  constant  (although  the 
vehicle  is  also  lightened).  It  is  physically 
a.ssociated  with  the  fact  that  at  low  altitude  the 
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flight  occurs  with  iiltmiulely  low  :ingle  of  ;ill:tck 
;md  III  this  ;irc;i  the  change  in  vehicle  mass  does 
not  afleci  practically  the  drag  and  the  required 
thrust. 

Nest  turn  our  attention  to  the  comparison 
results  ol  energetic  potentials  of  ixopellants  on 
the  vehicle 

Comp.aisoii  at  the  missije  mass  =  idem 
(.Fig  .  2  yj 

Fig.  2.‘)  gives  the  diagram  of  the  relative 
change  of  llight  range  and  volume  of  liiel  tank 
for  a  case  of  an  equal  of  a  missile  mass  The 
diagram  is  given  under  changes  of  the  engine  a 
coefficient  ,\s  previously,  propellant  "I"  is  taken 
as  a  basic  one  It  is  typical  that,  if  the  missile 
mass  is  ret. lined,  the  regularities  in  change  ol  tiie 
range  holli  lor  low  and  high  trajeclories  .ire  the 
s.ime. 

As  we  see.  the  most  range  f  I ‘>2 
pro|iortion.il  to  the  ll,,  change  with  some 

decrease  in  the  V,  =  (j.%  tank  volume  can  In- 
provided  b\  bonded  boron  ■  base  propell.ini  ') 
The  carboron  -  base  propellant  "S'  ma\  lliei>reli- 
cally  also  provide  a  significant  increase  in  range  f 
up  to  I  S^'  however,  a  considerable  enl.iigeineiit 

of  the  fuel  lank  volume  (V|  =|  t)  is  reqiiirevi  In 
re.ismi  ol  lesser  deiisilv.  Alllioiigh  alunumiim  - 

base  propellant  "2"  has  the  V,  ns  nlimiaielv 
sin. ill  volume  ol  t.ink.  the  i.nige  iiiciemeiil  does 
not  esceeil  \>  -  IS'f 

I  he  most  energy  -  consiiinnig  boron  -  b.ise 
propell.nits  even  if  markedlv  decre.isc  then 
efiectiveiiess  on  augmented  regimes  (/  1. 

however,  they  have  some  advantages  ovei  the 
others  (when  complete  combustion  ol  .i 
pidpell.int  IS  considered ), 

('omp.iiison  at  the  missile  volume  idem 
(Fig  2  l()J 

This  case  evidently  conforms  to  .i  gre.il 
exieni  to  modern  concept  of  the  aiin.mienl 
development  -  the  retention  of  si/es,  l.nmclier 
dimension  of  ihfferent  c. liners  (.iircrali.  ship, 
stationary  or  mobile  complex,  etc  ),  In  this  case 
using  the  different  propellants  of  ramrockets. 
more  complicated  regularities  are  v)bserved 

lig  2  10  illustrates  the  diagram  of  the 
nuitn.il  change  in  range  r  and  total  m.iss  m  ot  a 
missile  with  P||  ~  0.2  -  0.()  parametric  changing 
the  relative  mass  ol  sustain  propellant  and 
constant  mass  of  a  booster  p|  =  0  2  for  ('j  thrust 


coefficient  level  .ippropnate  to  an  initial  2  on 
propellant  "I  '  lor  low  .md  high  traiecloiv. 

In  these  coiulitioiis  ot  comparison  the  most 
range  7  --  1.7  with  2  -  A'c  increase  in  missile 
mass  may  be  provuled  by  unboiuled  -  boron 

propellant  "O'  In  this  case  the  r  change 
practically  agrees  with  a  growth  in  vohnneiric 

impulse  of  1^  ■  I  7t  dlv  -  2).  Rather  minor 
change  m  deiMiv  ol  this  propell.ini  (p|,  I  04) 
led  to  a  sni.ill  v.irialioii  m  missile  mass  b\  si.ige  ol 
the  pmpulsioii  svsiem  .iiul.  as  a  coiisei|iieiice  lo 
rather  slight  dilleieiice  m  missile  lliglit  i.iiige  lioili 
for  low  and  high  ii.iiecimies 

Propellani  "10"  vviih  20'it  .Al  and  "''0','  H  by 
Its  energetic  poteiiti.ils  is  most  close  to  piopellaiil 
"0"  while  slightly  gives  w.iv  to  the  leltei  iii  range 
aiul  missile  m  iss 

Propellani  "2"  wiili  ('0','  \\  .inioiig 

examined  propellants  .n  rel.itive  sm.ill  lese  ve  ol 
onboard  fuel  ((i||  ■  0  2)  may  pnoideil  .i  st.ible 
mcre.ise  m  llighi  i.mge  .ai  any  siisi.nii  n.iicsO'iies 
•  md  .ill  selecleil  opei.ilioii  regimes  <>|  ihe  engine 
(/  ■  1  U|)  to  fl||  0  (> 

f'.nboron  -  h.ise  propellani  "s"  has  i.iiher 
good  nitlices  ol  .i  i.mge  and  mass  especially  ,it 
l.irge  reserve  ol  onbo.ird  fuel  ((in  ^  -  <•  (>)  on 

Ihe  economic  .iliiliide  regimes  with  (he  ir  2  -  2 
coellicieilt  ol  .III  excess 

Ihe  piopell.mis  with  high  conlenl 
livdroc.nboiis  i  v  4,  (>.  ')  .ilmiiisI  propcll.nil  I 

may  luovule  Ihe  i  mcre.ise  to  10  -  20'f  with 
simuli.meous  reduction  m  missile  m.iss  bv  h)  - 
I  Vf 

As  a  whole.  |>eiformeil  energetic  analysis 
ol  the  propell.ini  propulsion  system  -  vehicle 
system  testifies  rather  high  potentials  of  the 
ramuKkets  development  when  using  boron  -  base 
solid  propellanis  .is  well  as  .ihnnnui;ni  -  base 
propellants 

Although  leceiillv  the  boron  -  b.ise  solid 
propellants  bec.mie  .i  subject  ol  .i  close 
consideration  m  the  investigations  ot  Russia. 
I'niled  States,  (iermaiiy,  however.  when 
devehiping  the  re.il  objects  with  SPRR,  Ihe 
designers  and  scienlists  had  to  deal  with  solid 
propellants  of  which  the  mam  fuels  are  well  - 
proved  magnesium,  alummiuin  and  different 
hvdrvKarboiis 

The  lesiills  of  operating  lu'ocess 
iiivestig.ition  piogram  in  combustion  of  model 
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and  fuel  scale  nimrockets  on  the  standard  solid 
propellants  with  difTerent  content  of  magnesium, 
ahimininm  -  magnesium  alloy  and  hydrocarbons 
are  given  in  the  following  sections.  The 
investigations  have  been  carried  out  in  Cl  AM 
when  creating  and  developing  the  specific  SPRR 
of  supersonic  missiles.  The  composition  and  the 
basic  characteristics  of  these  propellants  listed  in 
Table  3  somewhat  differ  from  the  propellants 
taken  for  the  theoretical  calculation  and  shown  in 
Table  I  and  2. 


3.  EFFECTIVENESS  OF  FUEL  SECONDARY 
COMBUSTION  IN  RAM  COMBUSTOR 

The  proce.ss  of  ga.sified  in  SPRR  gas 
generator  propellant  secondary  combustion  is  a 
new  problem  that  has  not  .studied  very  well.  The 
effectiveness  of  such  secondary  combustion 
defines  propellant  energy  complete  use  and 
iiiniiences  by  high  grade  on  the  final  missile 
effectiseness.  We  must  be  in  need  lo  study 
physical  base  of  this  processes,  then  develop  the 
working  methodology  to  summarize  all 
experimental  results,  and  to  give 
recommendations  on  effective  secondary 
combustion  process  organization  in  ramrocket 
engines 

III  the  bOs  the  large  program  of  theoretical 
investigations,  model  experimental  studies  and 
full  scaled  demonstrators  ground  testing  was 
fulfilled  III  Russia.  For  studying  and  development 
of  propellants,  engines,  missiles  test  cells  many 
institutes  design  bureaus  were  involved,  despite  of 
the  only  one  mis.sile  with  .SPRR  now  in  service  - 
SA-b.  large  experience  in  such  type  of  engine  was 
gamed.  Many  ideas  and  results  from  this  round  of 
works  influenced  on  the  another  field  - 
combustion  of  gasified  fuel  -  hydrogen,  methane 
III  ram  combustors  of  combined  engines  (see  the 
foiih  lecture  of  this  series) 

The  most  important  scienlific  results  of 
diffusion  combustion  process  in  ramrockets  study 
was  described  in  the  monograph,  edited  by 
author  |8|'  In  two  next  parts  of  this  lecture  will 
be  given  briefly  some  results  from  this  book, 

Quasi  Ciaseoiis  PitTiision  Combustion  Mode 

The  specific  of  SPRR  which  differs  from 
SR  or  LFR.I  engines  is  the  reheat  chamber  in 
which  the  products  of  first  stage  propellant 
burning  in  gas  generator  going  as  hot  jets  must  be 


'For  this  monograph  author  and  his  collegiies  Dr 
Yu.  Anniishkin  were  awarded  in  l%9  by 
Ziikovskiy  Premium. 


reburned  with  high  efficiency  and  must  produced 
some  injection  effect.  These  features  define  the 
out  lines  of  combustion  chamber  and  gas 
generator  nozzles  device  which  must  direct  the 
hot  fuel  jets  mainly  in  axial  direction.  The  high 
temperature  of  the  gasified  propellant  jets,  i.c. 
1700  -  2500  K,  provides  self  -  ignition  and  stable 
burning. 

In  the  Fig.  2.11  are  shown  the  equilibrium 
compo.sition  of  combustion  products  for  different 
typical  propellants.  It  is  not  so  much  of  hart 
(condensed)  components:  lO  -  30  %.  Mostly  it  is 
soot  in  very  small  particles:  0.03  -  0.3  rnkm.  The 
burning  of  such  small  soot  particles  must  be 
quick  because  of  high  temperature  in  flame.  Last 
part  of  magnesium  after  the  burning  and 
evaporation  in  gas  generator  can  have  the  size  of 
particles  less  than  10  -  25  rnkm  and  must  have 
the  secondary  combustion  drstance  by  estimation 
no  more  than  40  -  2.50  mm.  i.e,  rather  small. 

Two  f.iciors  of  siibseqiieni  experiineiilal 
series  show  us  that  kinetic  factors  were  not  the 
limitation  in  the  secondary  combustion  process  in 
SPRR  combustion  chambers: 

1)  High  temperature  working  region:  tlie  air 
excess  coefficient  was  no  more  than  o  =  2  •  3. 

2)  Most  experimental  objects:  models  and  full 
scaled,  were  big  enough  (D|,  >  .500  mm.  L^,  >  .500 
-  1000  mm),  so  the  kinetic  burning  was  not 
visible  for  practical  purposes. 

So  we  assume  such  a  model  of  burning 
process  in  SPRR: 

1.  The  primary  combustion  products  in  gas 
generator  after  ejection  reburned  in  air  as 
turbulent  diffusion  flame,  as  pure  gas  fiame. 

2.  Gas  and  condensed  pha.ses  are  in  full 
kinematics  and  thermal  equilibrium. 

3.  All  combustible  elements,  gaseous  and 
condensed,  burned  m  the  narrow  flame  front, 
which  is  the  shape  of  stoichiometric  conditions 
(ri„  =  I). 

The  picture  of  such  quasi  gaseous  Haines  of 
two  jets  flowing  from  gas  generator  through  two 
nozzles:  d  =  21  mm  and  10.5  mm  is  sl'own  in 
Fig.  2.12.  Two  times  bigger  nozzles  give  two 
times  longer  flame,  showing  quasi  gaseous 
diffusion  flame  effect. 

In  the  overwhelming  majority  of  cases  in 
ram  rocket  the  process  of  propellant  secondary 
combustion  in  air  will  be  mainly  determined  by 
the  diH'usion  mixing  of  the  fuel  jet  with  the  air. 

The  combustor  length  required  for  full 
propellant  combustion  is  determined  by  the 
length  of  the  dilTusion  Hame  generated  in  a 
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turbulent  jet  of  the  giis  genenitor  propellant 
combustion  products.  That  is  why  the  model  of  a 
quasi-gas  diffusion  flame  can  form  a  basis  for  the 
SPRR  combu.stor  length  determination. 

From  the  semi-empirical  thcf>''  T  the 
turbtilent  mixing  it  is  known  that  the  sity  of 
an  inert  gas  turbulent  jet  mixing  with  an  iinclo.sed 
co-current  air  flow  is  determined  by  the 
relationships  of  mixing  flows  velocities  and 
densities.  When  the  reactable  mixture  of  the  gas 
generator  propellant  incomplete  combu.stion 
products  mixes  with  co-current  air  flow,  the 
unclosed  flame  length  also  will  depend  on  a 
.stoichiometric  mixture  ratio  L„  determining  the 
relative  air  amount  which  will  diffuse  to  the  jet 
axis  at  the  end  of  the  unclosed  flame.  Pres.sure 
gradient  along  combustor  (at  constant  mi.\lure 
flow  through  the  combu.stor  outlet  section)  also 
will  influence  the  gas  generator  propellant 
rc.iclable  combustion  products  mixing  SPRR  with 
the  air  sirtain  in  the  space  limited  by  the  SPRR 
combustor  walls.  Mixing  under  such  conditions 
results  III  the  diffusion  flame  lengthening  at  a  less 
air  excess  coelTicient  a  than  its  average  value  a,| 
in  a  turbulent  jet  at  the  unclosed  flame  end 
which  is'  deternu'.ied  from  the  empirical 
relationship  for  L,,  =  4-(v 

a„  =  2.5>  1.5/L., 

At  u  -  Oil  the  outer  boundaries  of  the 
combustion  products  turbulent  jet  will  reach  the 
combustor  wall  simultaneously  with  combustion 
completion  in  the  fl.nne  on  the  jet  axis  (Fig. 

2  1.1).  At  f/  <  the  jet  outer  boundaries  reached 
the  wall  before  completion  of  combustion  on  the 
flame  jet  axis.  At  o  ->  1.0  the  flame  length  must 
theoretically  tend  to  infinity,  bec.iiise  the  entire 
amount  of  the  air  has  to  mix  with  gas  generator 
propellant. 

Thus,  the  ram  combustor  length,  reipiired 
for  the  gas  generator  propellant  full  cotnbnstion 
depends  on  a  large  number  of  paratneters.  The 
tnost  impoilant  of  them  are; 

a)  engine  openiting  regime  determined  by  an  air 
excess  coefficient  value  o  and  by  an  air  iniet 
temperature  T,,; 

b)  specificiition  of  used  propeihuit  deternnning 
the  value  L,,  and  the  gas  generator  specific 
impulse  Ijij..; 

c)  rehitive  critical  values  of  the  engine  exhaust 
nozzle  area  and  gas  generator  nozzle  (or  sum  of 
nozzles) 

A,,  =  A,/A^  and  Agg  =  . 

Reference  is  the  inlet  combustion  chamber  :irea. 


The  pattern  of  these  parameters  effect  on 
the  flame  length,  determined  by  calculation  for 
the  number  of  propellants,  is  shown  in  Fig.  2.14. 
A.S  one  can  see,  the  rise  of  T„  and  L„  results  in 
the  largest  increase  of  the  flame  length.  This 
results  from  decreasing  the  relative  velocity  of 
mixing  gas  generator  gas  flows  and  air  at  T„ 
increase.  rise  causes  the  flame  length  decrease 
due  to  mixing  flows  relative  velocity  increase.  An 
air  excess  coefficient  when  a  >  1.0  reduces  the 
flame  length  with  n  rise  due  to  reduction  of  the 
diflusing  air  required  amount  at  completion  of 
combustion  on  the  Jet  axis  and  when  «  <  10  the 
value  of  Ln  reduces  because  of  lack  of  air  to 
combustion. 

Idealized  Ramrocket  Outline 

The  calculations  show  that  at  high  flight 
speeds  when  T,,  >  .>00  -  (>00  K.  L,,  >  l  ..>  and  o  = 
I  the  combustor  length-to-diameter  ratio  (L^,/Df,) 
becomes  very  high;  of  the  order  of  few  tens  and 
even  hundreds  of  relative  length.  To  reduce  an 
SPRR  combustor  length  it  makes  sense  to 
substitute  one  flame  for  a  large  number  of 
difliision  flames  that  c:in  be  achieved  by  using  a 
multi-nozzle  g;is  generator.  Fig.  2  15  shows  the 
circumference  of  a  combustor  of  single-nozzle 
gas  generator  which  is  equiv;ilent  to  ;i  ninlti- 
nozzle  one  in  terms  of  the  diffirsion  flame.  The 
scheme  of  the  corresponding  single-nozzle  SPRR 
IS  .shown  in  this  figure  too. 

By  the  equivalent  length  Lcq  a  combustor 
of  the  SPRR  with  ;i  multi-nozzle  gas  generator 
one  should  me;in  the  SPRR  combustor  lekitive 
length  of  a  siiigle-noz/le  engine  which  is 
equivalent  to  multi-nozzle  by  all  other  parameter: 


where  dj.j,  =  -  relative  diameter  of  the 

SPRR  centre  body;  N„  -  nozzle  number  of  the 
gas  generator. 

So  by  the  given  diameter  and  length  of 
SPRR  ram  combustor  we  can  arrange  m;my 

nozzles  of  g;is  generator,  the  become  big. 
the  secondary  burning  completeness  growth  much 
time  (2). 

One  can  see  that  nozzle  increase  at  given 
required  values  of  can  result  in  substantial 

increase  of  Lcq  and,  hence,  in  a  pos.sible 
realization  of  the  Ln  =  L,,  required  value  at  given 
value  of  L^yOh  including  low  L^yDh  values. 
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Experimental  data  confirm  the  possibility  of  using 
this  method  for  the  combustion  length  choice. 

Summarizing  of  Secondary  Combustion 
Effectiveness  in  Different  SPRR  on  the  Base  of 
Equivalent  combustor  length 

If  Qttg  is  the  heat  of  primary  combustion  in 
gas  generator,  so  the  effectiveness  of  secondary 
combiLstion  in  ram  burner  can  be  expressed 
by 

11  = 


where  ii^  -  is  the  effectiveness  of  propellant 

combustion  in  engine,  =  Qg^/Hu  -  is  relative 
heat  of  primary  combustion. 

A  numerous  experiments  showed,  the 
combustion  efficiency  depends  on  length  of  flame 

t|]  =  L|i/Dh  (Fig.  2.14).  These  results  allow  us  in 
engineering  definition  of  a  problem  at  engine 
operating  regime,  propellant  specification  and 
flight  condition  changes  that  only  the  flame 
length  to  be  determined  and  using  the  experi¬ 
mental  relation  n*  =  f(Ln/Dh)  or  Ps  -  f(C^.^)  to 
estimate  the  efficiency  of  propellant  secondary 
ram  combustion.  Numerous  investigations  have 
given  us  such  generalized  dependence  (Fig.  2.16) 
On  the  base  of  such  generalized  dependence 
there  was  developed  the  methodology  of 
calculating  .secondary  combustion  completeness 
11s  of  SPRR  ram  combustor.  This  methodology 

m:4de  as  a  special  software  tal«es  into  account 

« 

engine  size  and  construction  (Lj,,  T^,,  N,,.  A^y 

tif  propeWaHt  ifgg,  L„),  iHglw  ;mvl 

engine  parameters,  Mach  number,  T„,  air  excess 
coefficient  a.  Of  course  this  method  need  in 
uniform  spread  of  gasified  fuel  through  the 
combustion  chamber  cross  section. 

Two  examples  of  application  of  this 
method  are  given  below. 

in  the  Fig.  2.17  the  propellant  cotnbu.stiou 
efficiency  versus  air  excess  coefficient  a  and  flight 
speed  is  plotted.  Decrease  of  r\  value  at  n  -♦  I  is 
a  natural  result  of  flame  length  Lp  rise  and 
combustion  efficiency  reduction  at  flight  speed 
increase  as  a  result  of  T^,  growth,  the  mixing  gas 
and  air  flows  velocities  decrease. 

In  the  Fig.  2.18  the  characteristics  of  two 
multi-nozzle  SPRR  arc  compared.  The  first  has 


short  camber  length  L,,|  or  has  small  number  of 
nozzles  N|,  so  its  relative  equivalent  length  Leqj 
is  low.  The  second  one  has  the  same  diameter  but 
four  times  bigger  chamber  length  L|,2  =  4L|,|.  or 
Its  gas  generator  has  16  times  greater  nozzle 
number:  N2  =  I6N|  at  the  same  length  Li,2  = 
Li,|.  So  the  second  SPRR  has  four  times  bigger 
equivalent  length  Lj^,u2  =  4Lj„|.  As  we  can  .see  in 
the  Fig.  2.18  the  both  SPRR  tried  on  the  same 
missile  with  regime  optimization  give  es.sential 
different  results:  "long"  equivalent  chamber  (or 
multi-nozzle)  have  very  high  propellant 
efficiency,  bigger  specific  impulse,  low  «  - 
coetTicient  and  as  result  bigger  maximum  Mach 
number. 

So  effective  SPRR  must  be  multi-nozzle 

one. 


4.  RAMROCKETS  GROUND  TESTING 
Types  of  SPRR  Mixing  Devices 

In  the  Fig.  2.1')  are  shown  po.ssible  SPRR 
mixing  devices  divided  in  6  groups. 

The  first  grou|)  of  engine  does  not  concern 
SPRR  proper  becau.se  these  engine  have  no  gas 
generator,  but  have  practically  open  gram  of 
propellant.  They  can  be  used  in  some  small 
missiles,  drones  and  so  on. 

The  second  group  (II,  III,  IV)  is 
characterized  by  medium  number  of  gas 
generator  nozzles  (N„  =  10  -  30).  They  are 
simfle  and  light,  but  have  rather  low  burning 
efficiency.  They  can  be  used  on  medium  size 
missiles  with  long  combustion  chamber,  by 
medium  Mach  number.  For  instance,  such  type 
dtvKe  tuK.i'ht  imssilc  SAt 

"Gainful". 

The  third  group  (V,  VI)  -  "super"  multi¬ 
nozzle  devices.  They  are  complicated,  have  rather 
big  duct  pressure  losses.  But  they  have  very  short 
chamber  with  high  burning  efficiency  even  at  the 
high  Mach  number  flight.  So  such  SPRR  might 
be  applied  on  big-sized,  high  Mach  number  with 
high  specific  impulse  vehicles. 

Most  of  above  mentioned  type  of  SPRR 
nozzle  devices  were  experimental  studied  on 
CIAM  test  facilities. 

Ground  Test  Facility 

Most  of  experiments  were  conducted  on 
coiuiected  pipe  facilities  (Fig.  2.20).  Tlieir  actions 
arc  well  known  and  clear  from  the  Fig.  2.20.  But 
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truiy-many  methodology  pnrticnlarities  we 
introduced  to  have  high  accuracy  in  such 
measurements  as  fuel  flow,  Impulse  (thrust),  air 
flow,  heat  flux,  fuel  combustion  efficiency  etc. 

Ground  Test  Development  of  SA  6  SPRR 

In  the  1950-60s  the  whole  program  of  SA  6 
mis.sile  and  especially  its  engine  development  was 
the  epic  work  because  it  finished  by  the  creation 
the  first  in  the  world  full  integrated  ram  rocket 
first  using  sustain  solid  propellant. 

Here  I  want  present  only  some  re.sutts 
showing  the  process  of  SPRR  itself  development 
(no  intake,  no  real  nozzle,  no  flight  tests  etc.). 

We  have  started  with  open  grain  engine 
scheme,  which  seemed  to  us  to  be  more  simple 
(Fig.  2.21).  As  it  will  be  shown  below  the  result 
was  not  very  good.  If  was  decided  to  ii.se  SPRR 
scheme  of  engine  with  gas  generator. 

In  the  Fig.  2.22  is  shown  the  prototype  of 
SA  6  SPRR  with  variants  of  propellant  nozzle 
devices  (N„  =  I  -  4  -  12).  The  fourth  right  was 
the  best  (see  later).  The  results  of  combustion 
completeness  for  both  variants:  Fig.  2.21  and  2,22 
are  shown  in  Fig.  2.23. 

These  experimental  data  obtained  with 
magnesium  propellant  CH-I  show; 

1)  Using  open  end  grain  give  rather  bed  restilt  - 
combtisiion  completeness  is  not  ntore  than  0.7. 

2)  Using  better  of  mixing  devices  by  open  grain 
can  rise  the  combti.stion  completene.ss  on  5  - 
10  %. 

3)  The  high  level  of  combustion  efficiency  can 
be  achieved  in  the  scheme  of  SPRR  with  gas 
generator  (iij.  =  0.9  -  0.95). 

4)  The  rational  choice  of  ntimber  and  position 
of  gas  generator  nozzles  (by  the  given  chamber 
length)  can  achieve  the  calculating  data  of 
generalized  dependence  (see  curve  I  in  Fig. 
2.23). 

5)  The  Ns  4  nozzle  device  was  the  be.st. 

The  developing  the  combustion  process  of 
SA  6  missile  SPRR  promote  achieve  its  excellent 
quality. 

Multi-Nozzle  Complicated  Devices 

For  .special  purposes,  such  as: 

1)  big  size  of  SPRR  (D^), 

2)  reliitive  .short  combii.stion  chamber  (1^/0^,  = 

1-2), 

3)  high  level  of  specific  impulse  and  combustion 
efficiency. 

4)  high  flight  Mach  number 


we  must  use  multi-nozzle  devices  of  pylon  or 
mixed  type  (Fig.  2.19).  The  number  of  nozzles  in 
such  devices  might  be  of  100  -  200  and  more. 

There  was  realized  the  program  of  detailed 
.study  of  such  nozzle  devices  (Fig.  2.24).  The 
object  was  to  developed  SPRR  with  short 
combu.stor  and  very  high  combustion  efficiency. 
Many  variants  were  studied.  The  Fig.  2.25  shows: 

1)  The  high  secondary  combustion  efficiency 

=  0.8  -  0.9  may  be  achieved  at  the  combu.stor 
length  L|yD(,  =  I  -  1.5. 

2)  Under  the  uniform  spread  of  fuel  in  air  the 
experimental  data  are  near  to  calciihited  curves 
derived  from  the  generalized  dependence. 

3)  The  generalized  dependence  can  be  applied 
to  multi-nozzle  of  SPRR  having  N,,  from  I  to 
100  -200  under  ivquirement  of  uniform  .^pread 
fuel  in  air. 


5.  SOLID  PROPELLANT  RAM  ROCKET 
WITH  CONTROLLED  PROPELLANT 
CONSUMPTION 

The  problem  on  the  necessity  of  a  solid 
propellant  consumption  control  in  SPRR  has 
arisen  since  a  moment  SPRR  came  into  use.  The 
main  tasks  of  the  fuel  consumption  control  in 
ramjets  generally  are: 

-  the  provision  of  the  maximum  values  of  the 
ballistic  missile  eflicieiicv  criterion  on  the  whole 
of  tliglit  regime.s; 

-  the  restriction  in  propulsion  operation  ba.sed 
upon  the  condition  of  the  intake  surge 
prevention; 

-  the  re.striction  in  propulsion  operation  ba.sed 
upon  the  condition  of  the  engine  and  missile 
elements  strength  (the  inlet  temperature  and 
dynamic  pre.ssiire  limits); 

-  the  restriction  in  engine  operation  based  upon 
the  stable  propellant  binning  provision. 

The  optimization  of  the  ballistic  missile 
efficiency  criterion  is  the  most  significant  task 
from  all  the  above  mentioned  for  SPRR. 
Depending  on  a  missile  mis.sion,  the  efficiency 
criterion  may  be  a  launch  range-  or  a  Hying 
range’  (for  air-to-air  mi.ssiles)  or  a  Hying  range 
and  average  missile  velocity  (for  air-to-surface 
mis.siles),  etc.  Algorithm  and  program  of  the 
propellant  consumption  control  are  .selected 
accordingly  chosen  criterion. 


-A  launch  range  is  a  distance  between  a  missile  carrier 
and  a  target  at  the  inoineni  of  the  missile  launch. 

'a  Hying  range  is  a  dislance  between  a  missile  carrier 
and  a  target  at  the  moment  of  its  destruction. 
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Unlike  liquid  fuel  ramjets  in  which  a  liquid 
fuel  consumption  is  controlled  by  a  throttling,  the 
solid  propellant  consumption  control  in  SPRR  on 
cruising  regime  is  a  difTiciilt  technical  problem 
comparable  with  the  problem  of  a  propellant 
consumption  control  in  SR  (by  the  way  they  are 
solved  by  ti;e  Siime  manners). 

The  necessity  of  control  is  caused  by  the 
fact  that  non-variable  thrust  SPRR  significantly 
yields  to  a  variable-thrust  engine  in  efficiency, 
when  it  is  moving  along  the  trajectory  with 
variable  H  and  M.  The  loss  value  depends  on  the 
range  of  missile  flight  altitude  and  velocity 
variations,  namely,  the  sizes  of  area  of  the  use  by 
H  and  M.  The  greatest  variation  range  of  these 
parameters  is  typical  air-to-air  and  air-to-ground 
aviation  missiles  and  guided  anti-aircraft  missiles. 
Fig.  2.26  illustrates  the  typical  area  of  the  use  for 
air-to-air  medium  range  mi.s.sile. 

For  this  missile  the  flight  Mach  number 
and  altitude  are  varied  within  the  ranges  of  M  = 
0. 8-3.6  and  H  =  0-25  km,  and  the  optimum 
value  of  the  .solid  propellant  consumption  varies 
3-5  times  (Gp  =  ^pmax/^pmin  “  3-5).  The 
problem  is  further  complicated  by  the  fact  that 
for  air-to-air  and  guided  anti-aircrafl  missiles  the 
flight  path  is  not  known  previously  in  most  cases 
as  it  is  defined  by  a  .specific  combat  situation. 

The  method  of  control  of  the  cruising 
propellant  consumption  in  an  integrated  SPRR 
depends  on  a  degree  of  a  missile  flight  path 
definiteness.  So,  in  the  extreme  case  of  the  path 
regularity  the  optimum  program  of  the  propellant 
coasumption  control  may  be  previously 
calculated  and  built  into  a  solid  propellant  grain 
structure  by  setting  the  .shape  of  grain  surface  (for 
grains  made  by  the  ca.st  technology)  or  by 
manufacturing  the  grain  as  a  .set  of  individual 
layers  having  different  burning  rate  (for  grains 
made  by  the  pres.sing  technology.  Fig.  2.27).  If 
the  mis.sile  can  fly  alone  .several  paths  (previously 
known),  the  control  process  becomes 
complicated  as  for  each  path  it  is  necessary  to 
realize  its  optimum  program  of  propellant 
consumption  control.  Fig.  2.28  gives  an  example 
of  a  partial  solution  of  this  problem.  The  SPRR 
has  a  seven-chamber  gas  generator.  Each 
chamber  is  equipped  with  its  own  igniter.  That 
allows  to  realize  the  required  optimum  program 
of  the  propellant  consumption  control,  depending 
on  a  path,  by  means  of  a  certain  choice  of 
sequence  of  separate  chambers  operation.  In  so 
doing,  all  logic  operations  are  performed  on  a 
carrier  board  and  transmitted  to  the  missile  at  the 
moment  of  launch. 


The  method  of  the  propellant  consumption 
control  by  means  of  changing  the  area  of  the  gas 
generator  nozzle  throat  is  the  mo.st  perfect  but 
the  most  difficult  simultaneously.  Fig.  2.29  shows 
the  example  of  realizing  such  a  method.  Here, 
the  area  of  the  gas  generator  nozzle  throat  is  .set 
by  the  position  of  a  conic-.shape  center  body.  The 
equilibrium  position  of  the  center  body  depends 
on  the  command  pressure  value  of  the  liquid 
supplied  to  the  sealed  chamber  of  the  regulator. 

From  the  continuity  equation  (see  equation 

(D) 


it  follows 
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where 

n  -  coefficient  of  flow  rate, 

-  area  of  the  gas  generator  nozzle  throat, 
Tgg  -  combustion  products  temperature. 

So  the  solid  propellant  consumption  is 
equal  to 


V 


The  properties  of  a  system,  using  such  a 
control  method,  are  ba.sically  determined  by  a 
sensitivity  of  the  solid  propellant  burning  rate  to 
the  pressure  I 

1 

p  _  Pgj!  max  _  V 

'88  ~  P  “ 

‘  gg  imn 

The  special  propellants  with  rather  high 
values  of  V  =  0. 5-0.8  are  developed  for  this 
purpose  (as  a  rule,  v  =  0.2-0. 3  for  usual 
propellants). 

The  .system  of  the  arbitrary  control  allows 
automatically  to  optimize  the  propellant 
consumption  during  the  mi.ssile  flight  along  any 
non  pre  known  path  and  also  to  parry  the  effect 
of  initial  grain  temperature.  The  difficulty  of  this 
system  realization  consi.sts  in  a  selection  of 
thermal  and  erosion  resistance  materials  for  a 
center  body  and  "cavity"  of  gas  generator  nozzle. 
At  present  the  prototypes  of  such  control  system 
have  been  developed  and  are  being  developed. 
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Onboiird  power  sources  ure  required  for 
their  function  as  well  as  rather  sophisticated 
electronic  devices,  generating  the  control  signal 
depending  on  the  flight  condition.  As  a  result,  the 
passive  ina.ss  and  dimen.sions  of  controllable 
propulsion  increase.  Therefore,  the  use  of  the 
arbitrary  control  is  reasotiaWe  tn  the  case  witen  .1 
significant  propellant  save  is  obtained,  namely, 
llie  baIJislic  [lussilc  cfficieiicy  ts  improved 

The  inter-engine  parameters  control  of 
SPRR  is  considered  the  simplest.  In  this  case  the 
control  .system  measures  air  flow  through  the 
engine,  being  a  function  of  the  form; 

G,  =  P,.,„  f{«.  T,..,  a;,); 

and  e.stablislies  a  propellant  consumption 
appropriating  to  the  optimum  value  of  the  air 
excess  coefficient 


where 

P|,iii  -  static  pressure  at  the  combustion 
chamber. 

T|„  -  total  temperature  at  engine  intake, 

A*  -  engine  nozzle  critical  section  ;irea. 

The  optimum  value  of  air  excess  coelTicienl 
m:iy  be  calculated  based  on  a  tot;il  mathematic;il 
model  of  the  engine-missile  .system.  Fig.  2.30 
gives  the  example  of  such  a  calculation  for  :iir-lo- 
air  medium-range  mi.ssile.  The  flying  range  is 
rather  as  a  criterion  of  the  ballistic  efficiency. 

Fig.  2.30  illustrates  the  Hying  range  at 
different  altitudes  against  a  It  is  seen  that  for 
each  altitude  there  is  its  own  value  of  o  range  of 
a  missile.  In  the  real  missile  Hight  the  current 
flight  altitude  H  either  is  measured  directly  or  is 
determiiied  by  a  .static  air  pressure  value  at  the 
combustion  chamber  inlet  P,,!,,.  Value  Gj,  is 
achieved  by  the  setting  and  maintaining  of  the 
gas  generator  pre.ssure  P„„  by  a  How  regulator 
(Fig.  2.29). 

The  considered  .system  of  the  automatic 
control  is  the  simplest.  There  are  more 
sophisticated  .systems  including  the  elements  of 
the  missile  dynamics  (for  example,  the  axial 
overloading)  into  control  algorithms.  The 
calciilative  investigations  showed  that  the 
arbitrary  control  might  provide  the  gain  in  the 
ballistic  efficiency  to  40%. 


CONCLUSION 

The  first  full  integration  missile  with  ramjet 
using  solid  propellant  SA-6  till  our  time  it  is  the 
only  one  SPRR  missile  in  operation.  Meanwhile 
many  mis.siles  using  liquid  fuel  are  under 
operation.  But  the  main  advantage  of  SPRR  over 
them  remained:  it  is  the  "solidity"  of  its 
prupellnnr,  and  viibvquenily  exclusive  openihiliiy 

Scientific  and  developments  programmes  of 
SPRR  are  going  in  many  countries:  USA, 
Germany,  Russia  and  other,  most  of  these  objects 
are  experimental.  It  is  necessary  to  mention  the 
results  the  scientific  investigations  in  some 
cotintry  of  the  boron,  as  one  of  the  most 
promised  combustible  element  and  other  new 
untraditional  .solutions. 

The  author  believe  that  the  accumulated 
"globar  SPRR  experience  and  also  Russian 
theoretical  and  practical  achievements  is  SPRR 
well  lead  to  creation  a  new  generation  of 
untraditional  effective  missiles  e.xamples  using 
solid  propellants. 
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Fig.  2.1.  SPRR  layout  with  main  cro.s.s  section. 
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Fig.  2.2.  Solid  propellant  ramrocket  improving. 


Fig.  2.3.  Integration  of  ram  combiister  and  booster. 


Fig.  2.5.  Erosive  burning  of  solid  propellunts. 
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Fig.  2.7.  The  comparison  of  different  solid  propellants  for  ramjets  by  some  specific  characteiistics  (first). 

M  =  2;  H  =  0: 

NeNo  of  propellants  see  table  1 . 
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Fig.  2.8.  The  compHrisoii  of  different  solid  propellants  for  ramjets  bv  some  specific  characteristics  (second). 

M  -  2;  H  =  0; 

NeNe  of  propellants  see  table  I 


Missile  mass  =  idem 


Fig.  2.9.  Relative  values  missile  range  and  propellant  volume  by  use  of  diflerent  propellants  and  by  missile 

ma.ss=idem. 

M=var;  H=var. 

N2N9  of  propellants  see  table  1 . 

Reference  propellant  N®  1. 
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Fig.  2.10.  Relative  values  of  missile  range  and  mis.sile  mass  by  use  of  dilTerent  propellants  and  by  missile 

volume  idem. 

M=2;  Mi=0.3;  }i„=0.2-0.6;  a=3. 

N9N9  of  propellants  see  table  1. 

Reference  propellant  N9  1. 


By  ma^kS,  %  By  mass 


aluminium 

magnesium  (condensed) 

nunmetailic  components 
carbon  (soot) 

noncombuslible  solid  components 
gases 


Fig  2.1 1.  Met;il  contents  in  ditferent  SPRR  propell.ints  ;ind  eqiiilihrniiii  composition  ol  their  coinbiistioii 

products  in  g;is  generator.  [Mj 

Propellitnts  1  -  Tr  i,  2  -  CH  1,  4  -  .1-24.  .1K-()K  (see  t.ihle  s) 


Fig  2.16  The  Geiieriilized  dependence  of  second;ir>'  nun  combustion  I'rom  relative  equivalence  combustor 

length|8|. 

Absolute  testing  date: 
fuels  -  see  table  3. 


D(,  =  100  -  1100  mm, 

=  400  -  2800  (4000)  mm, 
N„  =  I  -  228, 
o  =  0,74  -  2,5  , 


T„  =  288  -  1150  K. 


Fig.  2.18  The  comparison  ol  two  SPRR  in  llight 
-  -  -  =  4L,^,.  18|  (calculation) 
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Fig.  2.19.  Possible  SPRR  mixing  devices.  |8| 


Fig.  2.20  Test-bed  to  SPRR  with  connected  pipe  testing, 
a  -  test-bed  inlet  device. 

b  -  engine  (witlioiit  intakes,  and  supersonic  nozzle  part), 
c  -  detachable  "cold"  calibration  device. 

I.  -  secondary  combustion  chamber. 

2.  -  gas  generator  with  propellant  gr.un 

3.  -  net  for  uniforming  the  flow. 

4.  -  moving  platforiti  for  thrust  measurement 

5.  -  device  for  thrust  measurement 


Fig.  2.21  Experimental  engine  of  SA6  type  with  the  open  grain  propellant  with  number  of  di'ferent  mixing 

devices. |8). 
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Fig  2.22  The  tests  prototype  of  SA6  missile  SPRR  with  four  variants  of  propellant  nozzle  devicesl8|. 


Fig  2.23.  Combustion  completeness  for  fig  2.21,  2.22  variants  |8|.  Fuel  CH-1  (Table  3).  T„  -  450=500K. 

— —  open  end  grain  without  mixer 
3,  8  -  open  grain  with  mixers  N93,  and  8 
OO  -  grain  in  gas  generator,  Nn  =  12  (variant  N4) 

1  -  calculation  for  =21. 
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Fig.  2.27.  Integral  SPRR  with  fwed  fuel  flow  rate  programme. 
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Fuel  flow  rale  programs 


Fig.  2.28.  Integral  SPRR  with  discrete  fuel  flow  rate  control. 
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.  ...  f  control  pressure 

central  body  yi -  - 


flow  governor 


G  = 


A  p‘': 


l^  =  0,5-0, 8  (usually  0,2-0, 3) 

flow  governor 

Fig.  2.29.  Integral  SPRR  with  flexible  fuel  flow  control. 


R  ,km 


Fig.  2.30.  Typical  dependence  of  flight  range  of  air-to-air  missile  on  air  exce.ss  coefficient  at  different 

altitude 

H,  <  <  ...  <  H5. 

—  optimal  value  of  a. 


3-1 


SOME  PROBLEMS  OF  SCRAMJET  PROPULSION  FOR  AEROSPACEPLANES 
PART  I.  --  SCRAMJET:  AIMS  AND  FEATURES 
by 

Dr  A.ROUDAKOV 

CIAM  (Central  Institute  of  Aviation  Motors) 

1112S0  MOSCOW 
RUSSU 

Introduction. 


This  lecture  topic  is  problems  of  scramjet  propulsion  for  single-stage  aerospace 
planes.  The  aerospace  plane  main  destination  is  acceleration  of  some  pay  load  up  to  orbital 
speed.  It  defined  a  requirement  to  propulsion  system  to  be  fiiigal  in  the  wide  flight  speed 
range  under  conditions  of  propulsion  mass  limitation  and  thrust  compared  with  flight 
vehicle  weight.  In  accordance  with  modem  estimations,  real  hydrogen  fuel  scramjet  specific 
impulse  may  be  in  several  times  more  than  that  of  rocket  engine  in  the  wide  flight  speed 
range,  fi'om  Mf  =  5. ..6  up  to  Mf  =  IS.  .20.  But  hydrogen  scramjet  propulsion  requires 
significant  air  ram  connected  with  high  heating  of  vehicle  structure,  large  hydrogen  tanks 
(and  vehicle),  special  forms  of  flying  vehicle.  As  a  result  scramjet  advantage  as  well  as  any 
other  air  breathing  engine  advantage  over  the  modem  liquid  rocket  engines  is  not 
doubtless. 

Nevertheless  scramjets  can  provide  good  efBciency  of  aerospace  plane  if  each 
scramjet  element  and  units  are  developed  very  carefully  and  have  high  performances.  In 
other  case  scramjet  may  lose  competition  with  liquid  rocket  engines  and  full  scale  scramjet 
will  be  never  created. 

Theoretical  and  experimental  investigations,  ground  and  flight  model  test  have 
demonstrated  possibility  of  supersonic  combustion  ramjet  for  hypersonic  flights.  But  we 
must  carry  out  serious  investigations  to  obtain  high  efficiency  of  scramjet  elements  and 
scramjet  propulsion  as  a  whole  to  be  sure  of  scramjet  success  in  aerospace  plane 
competition  with  liquid  rocket  engine. 

In  this  lecture  I  shall  try  to  repeat  nothing  known  from  books  and  shall  try  to  use 
only  last  study  results  known  only  to  a  small  number  of  scientists. 

The  authors  of  this  paper  are  the  CIAM  scientists:  Dr.  L.Gogish,  dr. 
V.Kijutchenko,  dr.  N.Dulepov,  dr.  V.  Semenov,  dr.  Yu.  Shikhman  and  me. 


Some  Features  of  Scramjet 

Nowadays  all  space  objects  are  being 
accelerated  by  launch  systems  based  on  chemical 
rocket  engines.  These  engines'  technologies  are 
enough  completed  and  they  permit  to  carry  out  some 
space  experiments  and  investigations,  to  create  some 
space  communication  system,  to  use  space  vehicles  for 
some  unique  technology,  but  not  high  propulsive 
economies  of  chemical  rocket  engines  requires  to 
create  multi-stage  launch  systems  contented  many  one 
used  components.  It  leads  to  high  launch  cost,  to  bad 
influence  on  ecology,  to  the  earth  surface  and  the 
space  pollution  by  lost  parts  of  rockets. 

Modern  chemical  rocket  engine  efficiency  is 
near  to  its  limit  and  excludes  possibility  to  create 
future  effective  one-stage  mulii-used  rocket  launch 
systems  for  variable  aims. 


Some  years  ago  many  scientists  and 
specialists  hoped  on  nuclear  rocket  engines  that  may 
give  propulsive  efficiency  1.5. ..2  times  more  than 
modern  chemical  rocket  engines,  but  problems  of 
ecology  and  safety  compelled  to  give  up  hope  to  use 
nuclear  rocket  engines  in  near  future  launch  systems. 

At  present  many  scientists  pay  their  attention 
for  problems  of  metastable  substances  used  as  rocket 
engine  propulsive.  These  substances  have  energetic 
performances  in  many  times  better  than  chemical 
rocket  propulsive,  but  practical  realization  of 
metastable  propulsive  rocket  engine  has  many  hard 
problems.  Solution  time  of  these  problems  is  not  clear 
now. 

Now  single  possibility  to  increase  sig¬ 
nificantly  launch  systems  efficiency  and  to  decrease 
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cost  of  to-space  transportation  operations  is  air 
breathing  engines  using  Air  breathing  engines 
modern  technology  level,  modern  materials,  scientific 
background  of  gasdynamics  and  technology  permit  to 
design  projects  of  one-stage  multi-use  wing  launch 
system  to  accelerate  space  objects  to  orbit  and  to  give 
back  that  to  the  earth  surface.  This  system  will  use  all 
aviation  technology,  existent  runways  and  all  ground 
aviation  systems.  These  wing  launch  vehicles  with  air 
breathing  propulsion  are  named  the  Aerospace  Planes. 

The  main  advantage  of  air  breathing  engines 
over  rocket  engines  is  atmospheric  air  using  as 
oxidizer  and  work-substance  of  jet  nozzle.  That 
permits  to  decrease  consumption  of  on-board 
propellant  in  several  times.  Besides  of  air  breathing 
engines  using  leads  to  economical  atmospheric  flight 
possibility.  As  a  result  air-breathing  propulsion 
launches  system  is  transformed  to  aerospace  plane 
capable  to  make  some  maneuver  in  atmosphere 
practically  without  additional  propellant  consumption. 
This  capability  will  give  new  important  quality;  to 
come  to  orbit  of  any  declination  practically  from  any 
point  of  the  earth  surface  and  in  any  time  moment. 
This  quality  is  practically  impossible  for  rocket  launch 
system  due  to  large  additional  propellant 
consumption. 

In  accordance  to  many  experts  opinion  air- 
breathing  technology  may  permit  to  create  aerospace 
plane  as  new  kind  of  aircraft,  new  kind  of  launch 
system,  to  open  new  stage  of  space  using  for  wide 
aims'  kinds  in  next  century  beginning 

The  main  success  of  airbreathing  propulsion 
technology  needed  for  aerospace  plane  is  connected 
with  supersonic  ramjet  concept.  The  scramjet  is  single 
kind  of  air  breathing  engine  capable  to  operate  at 
hypersonic  flight  speed  accordant  to  flight  Mach 
number  -  Mf>  7.  Scramjets  have  the  widest  operating 
flight  speed  range.  dMf=  9  in  accordance  to  very 
strict  estimations  and  <iMf  >  19  in  accordance  to 
optimistic  estimates.  These  scramjet  qualities 

determine  importance  of  it's  application  to  aerospace 
plane  in  comparison  with  other  air  breathing  engines. 

Only  engines  of  liquid  air  circle  may  compete 
with  scramjet  in  width  of  operating  speed  range  but 
liquid  air  circle  engines  achieve  the  best  efficiency  in 
mutual  operating  with  scramjets. 

At  present  idea  of  supersonic  flow 

combustion  engine  can  be  admitted  as  realized  due  to 
many  ground  experiments  and  due  to  two  flight  tests 
of  scramjet  model.  But  wide  and  serious  scientific  and 
technology  researches  must  be  carried  out,  many 
problems  of  gasdynamics,  combustion,  higli 

temperature  materials  must  be  soluted  for  creation  of 
scramjet  to  obtain  necessary  aerospace  plane 

propulsion  efficiency.  The  scramjet  concepts  must  be 


corrected  and  optimized  continuously  on  base  of  new 
results  of  computational  and  experimental  researches. 

The  main  part  of  thrust  of  any  air  Jet  engine 
is  the  difference  between  nozzle  jet  momentum  and 
intake  air  momentum. 

R  (iha  ^  -  maV/', 

there  are  R  -  thrust,  iha  --  air  mass  flow,  Aip  - 
propulsive  mass  flow,  Vf-  flight  speed,  -  nozzle 
jet  speed.  Pressure  intaice/nozzle  difference  influence 
is  not  taken  into  account  in  this  formula. 

As  a  rule  ntp  value  is  only  several  percent  from 
ma-  Nozzle  jet  speed  is  defined  by  energy  supplied  to 
flow  due  to  combustion.  This  energy  is  comparable 
with  intake  air  flow  energy  under  hypersonic  flight 
conditions  in  case  of  the  best  fuel  -  hydrogen  -  even 
For  example  ratio  of  combustion  energy  to  intake  air 
flow  energy  is  less  than  O.S  if  flight  Mach  number  is 
more  than  1 1.5.  Therefore  nozzle  jet  velocity  is  more 
than  fliglit  velocity  at  several  percent  only,  if  Mf>  15 
(See  Fig.  1.1.)  This  simple  result  leads  to  very  im¬ 
portant  effect  the  small  losses  of  air  momentum  give 
significant  decrease  of  thrust  and  specific  impulse 

Fig.  12  shows  influences  of  various  losses 
on  scramjet  specific  impulse  These  curves  were 
computed  for  some  real  losses; 

"  stognatic  pressure  intake  ratio  in  accordance  three 
shock  wave  intake, 

-  relative  nozzle  momentum  losses  are  equal  to  0  03. 

-  nozzle  intake  area  ratio  --  3, 

“  combustion  perfection  -  98. 

-  relative  flow  losses  in  combustor  --  02 

Some  small  variations  of  scramjet  part 
parameters  are  very  significant  for  propulsion 
performances.  This  significance  increases  if  flight 
speed  increases. 

Some  ideal  hypothetical  scramjet  is  capable  to 
operate  up  to  orbital  flight  speed  but  real  losses  in 
scramjets  duct  lead  to  zero  thrust  at  A/y  s  23  Real 
scramjet  specific  impulse  is  less  than  that  of  rocket 
engine  if  Mf>\9.  The  rocket  engine  uses  more  dense 
propellant  and  it  is  capable  to  operate  in  high  altitude 
to  decrease  fliglit  vehicle  drag  force.  It  must  be  taken 
into  account  to  compare  the  rocket  engine  and  the 
scramjet  as  aerospace  plane  propulsion.  Practically, 
classic  scramjet  is  not  better  than  rocket  engine  at 
A//>I5.  .17. 

As  a  rule  aerospace  plane  propulsion  concept 
estimation  is  not  a  simple  task.  Very  careful 
computational  analysis  and  trajectory  optimization  are 
needed  to  estimate  propulsion  efficiency  correctly 
Specific  impulse  or  some  another  engine  parameter  is 
not  enough  for  real  estimation  of  engine  and 
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propulsion  efficiency. 

Hypersonic  intake  and  nozzle  are  all  down 
surface  of  the  plane.  Intake  and  nozzle  configurations 
influence  on  either  scramjet  propulsion  performances 
or  outside  plane  aerodynamics.  Nozzl^intake  area 
ratio  is  very  important  for  either  scramjet  high  flight 
Mach  number  performances  or  plain  transonic 
performances.  For  these  reasons  nozzle/intake  area 
ratio,  intake  and  nozzle  configurations  must  be  chosen 
on  base  of  total  vehicle  optimization. 

Practically  all  performances  of  scramjet 
influence  on  the  plane  configuration,  sizes,  dry  mass 
and  other  parameters.  It  causes  very  hard  and 
important  problem  in  design  of  aerospace  plane  and 
its  propulsion.  It  may  be  the  most  significant  problem 
of  aerospace  plane/propulsion  integration. 

Some  examples  of  scramjet  parameters 
influence  on  propulsion  performances  and  aerospace 
plane  efficiencies  are  being  suggested  to  your 
attention 


Influence  of  fuel  injection  technique,  fuel  and 
combustion  properties  on  scramiet  performances, 

Scramjet  for  aerospace  planes  must  provide  sufficient 
thrust  and  efficiency  in  the  wide  range  o'"  fliglit  spieed 
A  scramjet  with  fixed  structure  will  hat^e  small  mass 
and  simple  technology,  so  it  is  desirable  But  its  thrust 
decreases  quickly  with  increase  of  fliglit  speed 

For  flight  Mach  number  more  than  10  12 
required  thrust  may  be  provided  with  significant  fuel 
excess.  Excessive  part  of  hydrogen  doesn't  release 
chemical  energy.  It  only  increases  propulsive  mass 
through  the  nozzle.  Hydrogen  is  best  fuel  for 
aerospace  plane  engines,  due  to  its  higli  heat  capacity 
and  cooling  capacity  But  usage  of  hydrogen  as 
passive  propulsive  mass  doesn't  seem  valid,  because  of 
very  low  density  of  liquid  hydrogen  that  results  in 
necessary  large  tank  One  may  suggest  to  substitute  it 
by  any  non  reactive  substance. 

Really,  physical  properties  of  additional 
substance  may  influence  on  gas  expansion  processes 
in  the  nozzle  and  may  lead  to  changes  in  the  engine 
performances. 

Furthermore,  the  scramjet  performance  can 
be  improved  by  the  fuel  impulse  utilization.  The  fuel 
will  have  high  pressure  and  good  enthalpy  if  it  will  be 
used  affer  pump  for  the  cooling  of  gas  flow  passage. 
Therefore  injector  fuel  impulse  may  be  compared  'vith 
difference  of  exhaust  and  inlet  impulses.  The  \aiue  of 
fuel  impulse  depends  on  fuel  substance  properties 
also 


A  set  of  additional  substances  was  selected  to 
find  out  the  effect  of  physical  processes  in  the  scramjet 
gas  flow  passage  on  its  performance  and  to  propose 
for  future  detailed  investigations  some  substances,  ap¬ 
plication  of  which  may  provide  actual  advantages  and 
which  are  valid  in  terms  of  economics  and  ecology. 
Passive  additions  were  considered:  inert  gases 
(He,Ne,Ar,Kr,Xe),  nitrogen  (N2).  water  (H2O) 
Besides  the  effect  of  8/9  excessive  hydrogen  by  oxygen 
change  was  studied  in  order  to  supply  additional 
enthalpy  into  the  air  flow. 

It  is  assumed,  that  fuel  components  are  heat¬ 
ed  in  combustion  chamber  cooling  system  and  mixed 
in  gas  generator  and  injected  into  scramjet  combustion 
chamber  through  gas  generator  nozzles  tangentially  to 
air  flow 

In  case  of  oxygen  application,  fuel  injectors 
are  converted  into  micro  rocket  engines  and  scramjet 
is  converted  into  combined  cycle  air  breathing-rocket 
engine,  i  e  rocket  scrai  ijet 

Some  computational  investigations  of  addi¬ 
tional  fuel  component  properties  effect  on  the  real 
scramjet  main  performances  were  carried  out  on  the 
basis  of  equations  describing  one-dimensional  imper¬ 
fect  gas  flow  (accounting  heat  capacity/temperature 
relation,  equilibrium  chemical  reaction,  dissociation 
and  recombination  reactions)  The  scramjets  perfor¬ 
mances  were  computed  accounting  some  inlet  and 
nozzles  total  pressure  losses  Besides,  nozzle  area 
expansion  ratio  was  supposed  restricted  and  constant 

Statement  of  the  problem 

Pure  hydrogen  (monopropellant)  scramjet 
thrust  efficiency  performances  were  compared  with 
that  of  bipropellant  scramjet,  provided  that  hydrogen 
consumption  in  the  first  engine  (m'o)  was  equal  to  the 
sum  of  hydrogen  consumption  (w),'-')  and  additional 
component  consumption  (nifii-))  in  the  second  engine: 

mi»  m/ji-i  1  ( I ) 

All  other  conditions  were  the  same,  i.e.  the 
same  scramjet  geometry,  flight  conditions,  efficiency 
of  engine  units  and  so  on.  These  conditions  lead  to 
equality  of  air  flow  rates  through  both  scramjets: 

ma'-i  ma  (2) 

All  the  results  were  obtained  on  condition  the 
hydrogen  part,  reacting  with  air,  was  the  same  in 
every  case.  That  is,  for  usage  of  any  additional  non 
reactive  substance,  the  reacting  part  of  hydrogen  was 
kept  the  same 
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ma  l-aii 

where  ion  54  3  -  stoichiometric  mixture 
ratio  of  air- hydrogen  reaction 

Introducing  additional  fuel  component  mass 
flow  ratio 


IK'  ~  I  an 

expression  ( I )  may  be  written 

iK'iKr-i  (3) 

for  all  the  considered  additional  substances 
but  for  oxygen  ( /in>"=  ll-'-  li  -  total  fuel  mass 

flow  ratio  for  the  first  and  for  the  second  engines  ) 


correspond  to  boiling  temperature  values  at  the  see- 
level  pressure  with  the  exception  of  water  . 

-  nozzle  exhaust  area  -  inlet  throat  area  ratio 
/•t*  he  hi  JU. 

-  nozzle  impulse  factor  le  0  'V7, 

-  fuel  components  are  heated  in  combustion 
chamber  cooling  system  to  total  temperature  1000  K. 
mixed  in  gas  generator  chamber  and  injected  into 
combustion  chamber  tangentially  to  air  flow  through 
gas  generator  nozzles. 

-  for  hydrogen-oxygen  fuel  coinponcnis  gas 
generator  is  a  liquid-hydrogen-oxygen  micro  rockei 
engine  and  scramjet  is  a  rocket  scramjet  engine. 

-  gas  generator  nozzle  exhaust  area  -  throat 
area  ratio /'j'l'  h'^e  h)(t  10. 

-gas  generator  nozzle  impulse  factor  /^i' 

0  ‘JK 


Additional  oxygen  consumption  was  selected 
such  that  hydrogen-air-oxygen  mixture  was  sustained 
stoichiometric 

A"'  --  Aiq  I.qii  •  l.,,ii  (4) 

where  ••  oxygen  consumption.  I  ,,n 
7  04  stoichiometric  mixture  ratio  of  oxygen- hydrogen 
reaction 

Expression  (4)  may  be  written 


Fig  I  4  shows  the  effects  of  relative  addi¬ 
tional  component  consumption  on  gas  generalor  ex¬ 
haust  specific  impulse  for  different  componenis 
The  value  J  is  defined  as 

J  Iifiii'-'  ■  ) 

The  relationships  between  d  and  B  can  be 
obtained  from  previous  formulas  for  non  leaclwe 
component 


IK'o  01  -  III  on  lion  1 1 


</  I  I  H 


or 


and  for  oxygen 


li^„  =-  m  -DO 


(0) 


i/  il  -  I  li)  1 1  •  I  l.i>) 


Total  fuel  (prci>  llant)  mass  consumption  in 
the  bipropcilant  scramjet  ^vas  always  kept  equal  to  the 
hydrogen  consumption  m  me  monopropellant 
scramjet  (see  eq  1 )  Therefore 

H„i‘i  -  Hn'-'  *  H^,.  ^  li  (7) 

Computations  of  scramjet  pferformances  were 
earned  out  with  the  aid  of  the  program,  computation 
procedure  of  which  is  based  on  i.ie  solution  of  one- 
dimensional  gtis  dynamics  i-qu.itions,  accounting 
equilibrium  cnemiva!  r’..cMO'.r.  a;r  and  combustion 
gases  dissociation  Tlie  •  ompuiatious  were  carried  out 
111  the  flight  MiiCh  nun  b..-!  range  \t  V  20  with  the 
following  ass  iinptions 

-  flig/at  path  coil  ponds  to  the  constant  air 
ram  ''olnc  a  75  kl\i. 

-  air  inlet  characteristics  '^le  shown  in  Fig 

I  3  as  fliglit  Mach  number  depcndc.u  relationships  for 
inlet  total  pressure  recovery  factor  l*i  and  mass  flow 
factor  h)  /-a  h't  (where  h'a  -  captured  air  flow  area. 
h'l  -  inlet  throat  area); 

-  the  combustion  chamber  is  expanding, 
expansion  ratio  he  h't  1.2, 

-  fuel  component  tank  tempeiature  values 


For  non  reactive  components  the  distmctiun 
between  impulses  for  different  components  and  im¬ 
pulse  decrease  with  increase  of  impulse  value  are 
explained  by  effect  of  gas  mixture  molecule  mass  on 
nozzle  exliaust  impulse  /jj  It  is  known,  that  for  fixed 
gas  total  temperature  nozzle  exhaust  impulse  depends 
mainly  on  gas  molecule  mass  (l)’~l  (//;'-)  Foi  this 
reason  the  substitution  of  excessive  part  of  hydrogen 
by  gas  with  the  molecule  mass  higlier  than  that  of  hy¬ 
drogen  (see  table  I )  leads  to  increase  of  mixture 
molecule  mass  and.  consequently,  to  decrease  of  gas 
generator  impulse 

The  highest  impulse  for  hydrogen-oxygen 
components  is  explained  by  energy  release  m  chemi¬ 
cal  reaction  between  hydrogen  and  oxygen  m  gas 
generator  combustion  chamber 

Hydrogen-oxygen  gas  generator  nozzle 
exhaust  specific  impulse  is  presented  in  Fig  I  S  for 
different  hydrogen  total  temperature  'I'n  The  value  li 
IS  gas  generator  equivalence  fuel  ratio 

lKi(>~  iiiii''' l-oii 
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Note,  that  in  case  of  Th^  1000  K  pure 
hydrogen  gas  generator  impulse  is  higher  than  that  of 
the  hydrogen  -  oxygen  gas  generator  and  in  case  of 
7h=  500  K  vice  versa. 

Fig.  I  6  shows  effect  of  gas  generator  impulse 
Ig  on  pure  hydrogen  fuel  scramjet  specific  impulse  /m 
Dashed  lines  correspond  to  normal  fuel  injection  (lg  = 
0),  and  continuous  lines  correspond  to  tangential  fuel 
injection  ( Ig  0)  One  can  see.  that  fuel  impulse  has  an 
essential  influence  on  scramjet  impulse  For  example, 
at  M  =  12  and  B  -  2.5  the  increase  of  scramjet 
impulse  IS  about  I  2  kS  x  kg  (20%1 

Scramjet  mass  and  density  specific  impulses, 
obtained  for  neon  application  as  additional  fuel  com¬ 
ponent  with  total  bipropellant  fuel  consumption  ratio 
B  I  -13.  2.5:  5.  ate  shown  in  Fig  I  7  and  Fig  I  8 
For  comparison  pure  hydrogen  fuel  scramjet  impulses 
are  given  One  can  see.  that  specific  impulse  (Fig  17) 
for  bipropellant  fuel  with  neon  is  somewhat  lower  in 
the  considered  range  of  flight  Mach  number  (M 
7  20)  Density  impulse  (Fig  1  8)  is  significantly 
higher,  if  compared  with  that  for  pure  hydrogen  fuel 
So  at .(/  /2  for  pure  hydrogen  engine  and  B  2  5. 

specific  impulse  Ig  ‘  B  2  k\x  kg  and  density  impulse 
A-  /  IB  ,\/V  s  cuh  m,  i  e  replacement  of  hydrogen 
excessive  pan  with  neon  results  in  specific  impulse 
reduction  by  12%  and  double  density  impulse 
increase 

Engine  thrust  clunges  exactly  like  specific 
impulse  because  comparison  of  mono-  and 
bipropellant  fuels  is  made  at  the  equal  tuel  flow  rates 
That  IS  why  thrust  versus  M  relationships  are  omitted 
here  and  hereinafter 

Replacement  of  hydrogen  excessive  pan  by 
helium  (Fig  I  9  and  Fig  I  10)  changes  scramjet  per¬ 
formances  less  significantly  Specific  impulses  of 
hydrogen-helium  and  pure  hydrogen  scramjets  practi¬ 
cally  coincide  Density  impulse  increase  is  not  so 
significant  due  to  the  comparable  densities  of  liquid 
helium  and  hydrogen 

If  fuels  with  the  other  men  gases  (Ai.Ki.Xe) 
are  used,  screnijet  performances  are  close  to  that  of 
the  hydrogen-neon  scramjet 

In  Fig  I  II  and  Fig  1  12  engine  perfor¬ 
mances  for  bipropellani  fuel  are  compared  with  that 
for  monopropellant  hydrogen  fuel  (total  fuel  flow  ratio 
being  H  2  .5)  Increments  of  specific  impulse  / 

Im  -  Imii  and  of  density  impulse  /,  /,  -  l,„. 

corresponding  the  considered  gas.  are  shown 

It  can  be  seen  that  values  of  specific  impulse, 
corresponding  to  helium,  are  approximately  10  kN 
s/kg  higher  than  that  corresponding  to  neon,  that 
makes  10  . .30%  in  the  Mach  number  range  M  = 


9  .16  Specific  impulses  corresponding  to  Ar.,Xe  are 
0  1.03  kN  S' kg  lower  than  that  corresponding  to  Ne. 
that  makes  2  3%  But  density  impulse  corresponding 
to  He  IS  0  /  0  5  MN  s/i-uh  m  (20  30®/o)  lower  than 
that,  corresponding  to  Ne.  inspite  of  the  higher  values 
of  specific  impulse 

That  IS  explained  by  the  fact  that  Ne  density 
IS  one  order  higher  and  that  results  in  I  7  times  higher 
density  of  bipropellant  fuel  with  Ne  compared  to  fuel 
with  He  Values  of  density  impulse  for  Ne.Ar.Kr  and 
Xe  nearly  coincide  Density  impulse  curves  for  Ar  and 
Kr  lie  between  the  curves  for  Ne  and  Xe  and  are 
omitted  in  Fig  I  12  The  marked  features  arc  typical 
for  bipropellani  fuels  with  different  percentage  of  men 
gases  When  total  fuel  flow  ratio  {Ht  increases, 
absolute  values  of  increments  Im  and  Iv  increase  too. 
and  vice  versa 

Specific  impulse  -  fuel  composition  relaiion- 
ship,  chemical  energy  supply  being  constant  and  all 
the  engine  parameters  being  identical,  is  explained  by 
properties  of  real  combustion  gases 

In  reality  combustion  gases  heat  capacity 
increases  with  temperature  growth  and  the  combustion 
gases  are  panly  dissociated  It  panicularly  regards  to 
water  vapor  and  niiiogen 

Fig  I  1 1  shows  relative  specific  heal  capasity 
of  N.  H.  O.  Ar  -  lemperaiure  curves  Relative  specific 
heal  of  each  gas  is  the  ratio  of  ns  specific  heal  and 
that  at  lemperaiure  -tOO  K  One  can  see  significant 
heal  capacity  increase  of  nitrogen  and  particularly  of 
water  with  temperature  raise  .\rgon  heal  capacity  is 
constant  m  wide  range  of  temperatures,  argon  las  well 
as  other  men  gases  i  is  ptactically  ideal  gas 
Inconstancy  of  heat  capacity  results  m  lower  kinetic 
energy  increase  of  real  gases  molecules  compared  to 
that  of  ideal  gases,  m  case  of  heating  Some  kinetic 
energy  increase  (klay  occurs,  pan  of  kinetic  energy  is 
realized  in  the  nozzle  at  lower  pressure  As  a  result 
effectiveness  of  engine  thermodynamics  cycle  de¬ 
grades 

.Another  significant  feature  is  nozzle  perfor¬ 
mance  dependence  (for  fixed  iicrzle  expansion  ratio) 
on  adiabatic  index  of  combustion  gas  mixture  The 
higher  adiabatic  index  -  the  higlier  the  conversion 
factor  of  total  gas  enthalpy  into  exhaust  jet  kinetic 
energy  in  the  nozzle  Inert  monoatomic  gases  are 
practically  ideal  gases,  their  heat  capacities  are  prac¬ 
tically  constant,  they  can  not  dissociate,  their  adiabatic 
indexes  are  the  higliest  (  I  67) 

At  last,  scramjet  performances  depend  on  gas 
generator  exhaust  impulse  (Fig  16),  the  value  of  that 
depends  on  propellant  composition  (  Fig  1 .4). 

In  case  of  excessive  hydrogen  replacement 
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With  men  nionoaioniic  i^as.  gas  mixture  in  the  nozzle 
becomes  closer  to  ideal  gas.  its  adiabatic  index  in¬ 
creases  and  one  should  expect  specific  impulse  in¬ 
crease  But  lower  men  gas  heat  capacity  compared 
with  that  of  hydrogen  (especially  for  Ne  and  Iteavier 
gases)  results  in  higher  gas  mixture  temperatures 

In  consequence,  non-ideality  effect  of  water 
and  nitrogen,  forming  essential  pan  in  tlie  nozzle 
exhaust  flow,  becomes  stronger 

The  effect  of  these  two  factors  (adiabatic 
index  and  heat  capacity)  is  shown  in  Fig  I  14  and 
Fig  I  15.  obtained  at  the  condition  of  normal  fuel 
injection  On  O)  into  combustion  chamber  One  can 
see.  that  the  effect  of  the  second  factor  is  stronger  than 
that  of  the  first  factor  (except  the  case  of  pan  helium 
application  and  H  2  5) 

The  effect  of  the  third  factor  (gas  generator 
impulse)  increases  the  distinction  between  the 
impulses  of  monopropellant  hydrogen  fuel  scramjet 
and  of  bipropellant  fuel  scramjet  (compare  Fig  I  !4 
and  Fig  III)  because  of  the  gas  generator  impulse 
for  hydrogen  fuel  is  higher  than  that  for  men  gas  and 
hydrogen  mixture  (see  Fig  I  4) 

In  consequence,  in  case  of  tangentially 
injected  fuel,  specific  impulse  of  bipropellani  scramjet 
appears  lower  than  (hat  of  pure  hydrogen  scramjet  for 
any  men  gases  as  fuel  additio  But  dencity  impulse  of 
bipropellani  scramjet  is  higher  than  that  of  hydrogen 
scramjei  for  langeniial  (Fig  I  13)  and  normal  iFig 
I  15)  fuel  injection  (especially  for  Nc  and  heavier 
gases.  Fig  I  12) 

This  effect,  m  spite  of  its  specific  impulse 
reduction,  may  be  very  useful  m  practice,  because  it 
permits  to  reduce  the  needed  volume  and  dry  mass  of 
tanks 

Effect  of  real-gas-mixiure  propenies  influ¬ 
ence  on  the  engine  performances  is  observed  also 
when  non-inonoatoniic  substances  are  used  as  addi¬ 
tional  components  of  the  fuel  Fig  I  16  and  Fig  I  17 
(like  Fig  111  and  Fig  I  12)  for  (he  case  of  tan¬ 
gentially  injected  fuel  and  Fig  I  18  and  Fig  I  19 
(like  Fig  I  14  and  Fig  I  15)  for  the  case  of  normal 
fuel  injection  show  the  results,  when  water,  nitrogen 
and  oxygen  were  used  as  additional  components  The 
icsults  of  water  and  nitrogen  application  are  worse 
compared  to  that  of  neon  in  the  both  cases  It  can  be 
explained  by  non-ideal  properties  of  water  and  nitro¬ 
gen  inconstancy  of  heat  capacity  and  low  value  of 
adiabatic  index 

Replacement  of  excessive  hydrogen  part  by 
oxygen  and  hydrogen  in  stoichiometric  ratio  is  sig¬ 
nificantly  more  effective  in  the  case  of  tangential  gas 
generator  gas  injection  than  m  the  case  of  normal  fuel 


propellant  injection  One  can  see.  that  for  the  case  of 
tangential  injection  hydrogen-oxygen  scramjet  has  the 
lugliest  values  of  density  impulse  for  the  all 
considered  Mach  numbers  and  the  highest  values  of 
specific  impulse  m  Mach  number  range  !>>  at  /< 

2  5  Note,  that  by  normal  injection  the  higliest  value  of 
density  impulse  corresponds  to  neon-hydrogen  fuel 
scramjet  and  specific  impulse  of  hydrogen-oxygen 
scramjet  is  higher  than  that  of  hydrogen  scramjet  onlv 
for  M  y  5 

The  specific  impulse  increase  of  hydrogen- 
oxygen  scramjet  is  achieved  by  additional  chemical 
energy,  that  is  provided  by  hydrogen  and  oxygen  But 
specific  impulse  increases  sliglitly.  because  the  p;irt  of 
water  in  the  nozzle  gas  mixture  increases  and  tem¬ 
perature  raise  shows  non-ideal  properties  of  nitrogen 
and  water  In  the  case  of  tangential  fuel  injection  tlie 
effect  of  non-ideality  appears  lower  than  in  case  of 
normal  fuel  injection,  because  tangential  fuel  injection 
leads  to  gas  velocity  increase  (gas  temperature 
decrease)  in  combustion  chamber  and.  in  conse¬ 
quence.  the  larger  part  of  additional  chemical  energy 
IS  convened  into  exhaust  jet  kinetic  energv  In  Fig 
I  20  and  Fig  121  specific  and  density  impulses  of 
hydrogen-oxygen  scramjet  at  tangential  fuel  injection 
are  compared  with  that  of  pure  hydrogen  scramjet  for 
different  values  of  H  /  VJ  2  5.  5  Note,  specific 
impulse  of  hydrogen-oxygen  scramjet  is  higher  then 
that  of  hydrogen  scramjet  at  H  5  and  \l  '•  2(i 

Fig  I  22  differs  from  Fig  I  2i)  only  bv 
values  of  g.is  geneiatoi  exhaust  impulse  /t,'  In  Fig 
I  20  they  correspond  to  the  hydrogen  temperature  at 
gas  generator  chamber  inlet  /  lOOOK.  while  in  Fig 
I  22  they  correspond  to  /  2()i)l)K  (sec  Fig  I  5)  One 

can  see.  that  mspite  of  higher  gas  generator  impulse 
for  pure  hydrogen  scramjet  (/g  6  9  k\s  Ag)  specific 

impulse  of  hydrogen-oxygen  scramjet  is  higher  than 
that  of  hydrogen  scramjet  in  the  wide  flight  Mach 
nuiiiber  range  (for  H  2  5  at  M  .v  12) 

Previously  mentioned  effects  of  gas  mixture 
reality  influence  on  exhaust  velocity  from  no//le  are 
small,  but  essential  for  scramjets  at  high  speeds  It  is 
known,  that  in  higli  fliglit  speeds,  thrust  of  any  air- 
breatlung  engine  is  defined  by  the  small  difference  of 
two  large  values  exhaust  and  inlet  impulses  Even 
slight  change  in  exhaust  velocity  may  result  in  sig¬ 
nificant  change  of  thrust  and  specific  impulse  of  the 
engine  It  complicates  the  quality  of  investigations  of 
scramjet  for  aerospace  planes  and  requires  as  detailed 
computations  as  possible 

Carried  out  computations  could  not  take  into 
account  possible  effect  of  the  additional  substance  on 
spatial  effects  in  the  engine  passage.  Besides,  prob¬ 
lems  of  engine  construction  cooling  in  case  of 
bipropellant  fuel  application  were  not  considered. 
Accounting  of  these  effects  requires  more  complicated 


model  of  processes  in  a  scrainjet  As  for  aerospace 
planes,  to  eslintaie  the  enipne  effectiveness  would 
require  detailed  computations  of  the  plane  trajectory, 
particularly,  tank  volume  effects  on  the  aerodynamics 
must  be  accounted  Due  to  these  reasons  one  cannot 
conclude  that  application  of  additional  substances 
instead  of  excessive  hydrogen  is  absolutely  advanta¬ 
geous  No  doubt,  the  problem  is  worth  carrying  out 
more  deep  investigations 

Some  conclusions 

Tangential  injection  of  fuel  gives  significant 
improvement  of  scramjet  performances  and  must  be 
applied  on  aerospace  plane  scramjet  propulsion 

Some  additional  fuel  component  effects  on 
hydrogen  scramjei  performances  sliou  significance  of 
small  differences  of  propellant  and  combustion  prod¬ 
ucts  properties 

It  seems  attractive  to  use  oxygen  as  addi¬ 
tional  fuel  component,  oxygen's  application  allows  to 
increase  as  density  impulse  (15  2  times),  as  well  as 
specific  impulse  (by  3  10%)  of  engine  and  to  reduce 
the  needed  tank  volume  and  tank  dry  mass 

Some  inert  gases  application  is  interesting 
also 

More  sure  results  of  scrainjets  modifications 
coinparison  may  be  received  by  the  aerospace  plane 
ir.'ijectory  optimisation  methods 


Traieclory  Efficiency  Anaiysis  of  Oxveen  Hoosted 
Scramjet. 

Computational  efficiency  analysis  of  single 
stage  aerosp,acc  planes  (ASP)  was  carried  out  to 
compare  tyvo  propulsion  system  (PS)  concepts 

-  the  first  PS  uses  classical  scramjet  (SCRJ) 
operating  only  on  hydrogen  fuel. 

-  the  second  PS  uses  on-board  oxygen  boosted 
scramjet  (SCRJ-R) 

Efficiency  analysis  of  two  PS  concepts  --  on 
basis  of  SCRJ  and  SCRJ-R  —  was  conducted  for  an 
example  of  hypothetical  single-stage  ground  starting 
ASP  with  start  mass  of  280  t  The  ASP  is  designed  to 
launch  the  payload  on  near-earth  circular  orbit  (  H 
200  km  )  yvith  inclination  angle  of  51  deg  The 
latitude  of  starting  place  -  47  deg  The  additional 
characteristical  velocity  needed  to  orbit  maneuver  and 
re-entry  starting  was  taken  equal  to  120  m/s.  The 
ascent  trajectory  was  determined  with  following 
constraints  on  vehicle  motion  parameters 

-  maximum  dynamic  pressure  alloyved  -  75  kPa, 

-  maximum  longitudinal  acceleration  -  3g, 


-  maximum  cross  acceleration  -  l,5g 

-  maximum  trajectory  angle  35  degrees 

The  optimization  of  ascent  trajectory  was 
conducted  with  account  to  these  and  some  other 
limitations  on  different  phases  of  motion  The 
aerodynamic  scheme  of  hypothetical  ASP  can  be 
defined  as  wing  body  without  horizontal  tail  The 
bottom  nose  pan  of  the  fuselage  forms  engine 
compression  surface,  and  fuselage  afterbody  is  used 
for  nozzle  gases  expansion 

For  efficiency  comparison  of  various  PS 
unified  model  was  accepted  The  following  mass  and 
volumetric  characteristics  were  assumed 

\/(i.v.v  1  hiifi  icriKlu  \ 

a)  Propulsion  system 

-  specific  mass  of  thrust  loaded  structure  panels. 
16  kg/sq  ni. 

-  specific  mass  of  SCRJ  i SCRJ-R)  cooled  panels. 
20  kg/sq  III. 

-  specific  mass  of  air  entry  and  iioz/le  panels. 
20  kg'sq  m. 

-  specific  mass  of  LR,  U  0()()‘).kg'N.  - 

-  specific  mass  of  .ATR.  n  004  kg  S 

b)  Airframe 

-  fuselage  structure  specific  mass,  2)  kg'sq  m. 

-  wing  stnicture  specific  iiuiss.  30  kg/sq  m. 

"  fin  structure  specific  mass,  35  kg/sq  m. 

-  hydrogen  tanks  specific  mass.  18  kg'sq  ni. 

-  oxygen  tanks  relative  mass.  0  015. 

-  coiisiant  mass  icreys,  equipmeiit.  undercarriage, 
etc  ).  1 0  t 

(  (  luinii  Icrisu  .s 

I-  Wing  span  to  length  ratio,  0  44, 

-  basic  wing  leading  edge  syveep  angle.  52  deg  . 

"  strake  leading  edge  sweep  angle,  83  deg  , 

-  wing  profile  thickness.  0  05, 

-  wing  fineness  ratio,  I  83. 

The  wing  loading  and  disposable  fuel 
capacity  yvere  determined  by  solving  two  equations 

"  the  equation  of  vehicle  existence  (mass  balance), 

-  the  equation  of  matchiiig  the  required  and 

disposable  vehicle  volume 

Airframe  modelling  yvas  assumed  for 
comparative  evaluation  of  altern.itive  PS  versions  and 
design  parameters  In  accordance  with  this  airframe 
modelling,  the  absolute  sizes  of  vehicle  (length,  wing 
surface,  etc  )  are  changing  in  some  limits  while 
relative  paraiiiaters  (span  to  length  ratio,  relative 


3-8 


inaxinium  fuselage  area,  sweep  angle,  aspect  ratio, 
etc  )  remain  unchanged.  Thus  the  aerodynamic 
characteristics  also  remain  constant. 


Aerodynamic  Characteristics  of 
Aerospaceplane  (ASP) 

Aerodynamic  characteristics  of  the  ASP 
were  determined  by  mathematical  modelling  method. 
It  IS  known  that  the  possibility  to  obtain  experimental 
data  for  hypersonic  velocities  range  is  limited  by 
aerodynamic  facilities  capacity  At  the  same  time  the 
CFO  (computational  fluid  dynamics)  methods  used  for 
large  computational  investigations  connected  with 
optimization  of  ASP  propulsion  system  (PS)  require 
very  great  computer  resources  Therefore  the 
engineering  method  published  in  was  used  for  evalua¬ 
tion  of  aerodynamic  forces  and  moments  acting  on 
vehicle  at  hypersonic  fliglit  speeds 

The  friction  forces,  heats  flux  and  equi¬ 
librium  wall  temperature  are  defined  on  base  of  some 
boundary  layer  model  This  model  permit  to  detenu 
gas  parameters  on  viscous  boundary  layer  on  base  of 
Newton  and  PrandtI-Mayer  theories,  theory  of  tangent 
cones  and  wedges  and  takes  into  account  entropy 
effect  and  hypersonic  viscous  interaction  The 
corresponded  algorithms  and  computer  codes  were 
described  in 

The  method  based  on  supersonic  potential 
theory,  on  slender  body  theory  and  on  some  enipiricat 
dependencies  was  used  to  determine  approxinietly 
profile  drag  force,  polar  slope  at  subsonic,  transsonic 
and  moderate  hypersonic  flight  speeds 

In  Fig  I  23  I  26  are  shown  the  configu¬ 
ration  and  aerodynamic  characteristics  of  ASP 
considered  in  this  paper  are  shown  as  drag  force  factor 
and  lift  force  factor  dependencies  on  Mach  number 
and  angle  of  attack  Maximum  aerodynamic  fineness 
iKinax)  and  corresponding  angle  of  attack  versus 

ly/f  /‘erlorrmimx’s 


flight  Mach  number  are  shown  too 

The  results  of  aerodynamic  characteristics 
computations  were  confirmed  by  flight  experiments  of 
Bouran  Space  Vehicle  program  and  hypersonic 
scramjet  test  fliglits 

Propulsion  System  Concepts 

Two  concepts  of  propulsion  system  are 
considered 

-  the  first  PS  based  on  scramjet, 

-  the  second  PS  based  on  scramjet- rocket 

They  are  identified  as  SCRJ  concept  and 
SCRJ-R  concept 

These  combined  PS  concepts  consist  on 
following  engine  types 

"  In  the  first  acceleration  phase  (M<5)  air-turbo¬ 
rocket  engine  (ATR)  operating  on  oxygen-hydrogen 
fuel  IS  used 

"  In  the  second  phase  from  M-5  SCRJ  or  SCRJ-R 
are  used 

-  In  the  third  (final)  phase  of  acceleration  oxygen- 
hydrogen  Liquid  Rocket  Engine  (LKE)  is  operating 
with  space  specific  impulse  equal  to  4576  ni/s  and 
oxygeii/hydrogen  flow  ratio  equal  to  7 

SCRJ/LRE  or  (SCRJ-R)/LRE  transition 
flight  Mach  number  were  optimazed  for  higliest 
payload  mass 

Optimum  Propulsion  Operating  Modes  of 
SCRJ  and  SCRJ-R. 

The  values  of  ATR  effective  specific 
impulse  along  the  ascent  trajectory  depending  on 
Mach  number  and  flight  altitude  are  listed  in  Table  I 

iohle_L 


H.  km 

0  00 

0  00 

0  33 

1!  so 

15  50 

18  50 

21  60 

20  59 

20  12 

21  75 

21  65 

21  30 

20.90 

21.80 

|T.  K 

288 

295 

380 

600 

880 

1075 

1250 

The  operating  modes  and  flight  speed  range 
on  diverse  bases  of  erospaceplane  acceleration 
trajectory  were  chosen  in  three  ways  they  could  be 
set,  or  defined  from  the  "combustion  chamber 
choking"  condition  or  optimized.  So  the  operating 
mode  of  ATR  on  the  first  phase  of  trajectory  (M  <  5) 
was  set  by  choosing  air  excess  air  coefficient  equal  to 
1.0.  The  operating  mode  of  SCRJ  and  SCRJ-R  were 


optimized  for  all  operating  part  of  trajectiry,  but 
limitation  of  SCRJ  combustor  choking  requied  to 
chois  air  excess  at  Mf  <  7  without  optimisation 
practicaly 

The  operating  mode  of  SCRJ-R  may  be 
optimized  in  the  whole  range  of  Mach  numbers.  It  was 
characterized  by  two  parameters:  total  air  excess 
coefficient  and  oxygen-fuel  excess  coefficient  in 
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gasgenerator  Table  2.  for  SCRJ-R  in  Table  3  In  the  tables  the 

values  of  total  effective  thrust,  of  specific  impulse  and 
The  results  of  computational  study  of  of  angle  of  attack  along  the  flight  trajectory  are  given 

optimum  operating  modes  are  shown;  for  SCRJ  •  in 

Scrannel  Performances  Table  2. 


M 

5 

6 

7 

8 

11 

12 

14 

H,lcm 

21.6 

24.0 

25  8 

27.8 

32  3 

35.0 

48  3 

air/fiiel  ratio 

2.78 

1.5 

10 

10 

0  9 

0  8 

06 

R.kN 

1100 

1447 

1800 

1953 

1400 

1140 

475 

Isp,  km/s 

35.2 

31.0 

26.0 

22  8 

129 

9  8 

3  8 

Scramiel-Rockel  Performances 


Table  3 


M 

5 

6 

10 

11 

12 

13 

15.2 

H,  km 

21  6 

240 

30  6 

32.3 

35.0 

40.4 

53  6 

air/fuel  ratio 

1  60 

1  20 

1  10 

1  10 

1  15 

0  90 

0.80 

0/H  ration  of  preborner 

0  30 

0.00 

000 

000 

0.05 

0  05 

0  70 

R,kN 

1900 

1947 

1600 

1314 

1139 

947 

2437 

Isp,  km/s 

1200 

32  87 

16  40 

12.90 

940 

7.10 

4.30 

As  a  result  of  optimization  of  SCRJ  hyper¬ 
sonic  operating  mode,  the  air  excess  coefficient 
remains  constant  and  is  equal  to  I  0  at  acceleration 
phase  from  M  =  7  to  M  =  10  (Table  2.)  Futher  with 
the  speed  increasing  SCRJ  operates  on  a  fuel  enriched 
by  hydrogen 

Optimization  of  SCRJ-R  operalion  modes 
gives  following  results:  in  the  concluding  acceleration 
phase  (M  =  12  IS)  for  providing  higli  thrust  values 
engine  may  operate  on  oxygen  enriched  propellant 

In  moderate  hypersonic  speed  range  (6  <  M 
<  1 1 )  corresponding  to  constant  dynamic  pressure  q  ^ 
75  kPa  the  optimum  chosen  on  payload  criterion  is 
represented  by  highly  economical  operating  mode 
without  on-board  oxygen  supply 

The  results  of  computational  optimization  of 


Mach  number  range  for  SCRJ  and  SCRJ-R  effective 
operation  show  that  optimum  transition  Mach  number 
(to  LRE)  makes  up:  for  SCRJ  14  and  for  SCRJ-R  15  2 

The  simultaneous  operation  is  also  useful;  of 
LRE  and  ATRgg  in  transsonic  flight  range,  of  LRE 
and  SCRJ "  by  Mach  numbers  13  6  l40andofLRE 
and  SCRJ-R  by  Mach  numbers  14  8  15  2 


Comparative  Evaluation  of  Flieht 
Performances  of  Aerospaceplane  with  SCRJ  and 
SCRJ-R. 

Basic  aerospaceplane  flight  peiformances 
with  two  PS  concepts  --  SCRJ  and  SCRJ-R  -  are 
shown  in  Table  4 
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SCR.J  and  SCRJ-R  Performances 


Tahiti  4. 


Flight  performances  parameters 

SCRJ 

SCRJ-R 

PS  -  ASP  the  main  parameters 

6.25 

6.25 

Start  relative  loading,  kg/sq.ni 

603 

620 

192 

203 

Mass  bailance  parameters,  tonus 

Pay  load  mass 

14 

4.6 

Mass  in  orbit 

93.8 

Propulsion  mass 

20.9 

Air  fraim  mass 

37  9 

Tank  mass 

9.1 

Propellents  mass,  tonns 

Oxygen  for  ATR-gg 

15.7 

15.7 

Hydrogen  for  ATR-gg 

15.7 

15.7 

Oxygen  for  SCRJ-R 

.... 

21.3 

Hydrogen  for  SCRJ/SCRJ-R 

45.6 

43  8 

Oxygen  for  LR 

82  5 

Hydrogen  for  LR 

14  43 

118 

Total  oxygen 

117  3 

1 19  5 

Total  hydrogen 

76  1 

71.3 

Geometrical  parameters 

Vehicle  length,  m 

65.7 

64.8 

Wings  span,  m 

29  1 

28  7 

Vehicle  valume,  cub.m 

1564 

1500 

Flight  performances 

Accent  time,  s 

1345 

1340 

Accent  distance,  km 

4351 

4428 

Speed  losses  due  to  drag,  m/s 

3367 

3210 

One  can  see  from  Table  4  that  SCRJ  thrust 
auginentaton  (use  of  SCRJ-R)  allows  to  diminish 
aerospaceplane  volume  what  is  particularly  important 
under  conditions  of  high  tanks  and  airframe  elements 
specific  mass. 

So  using  SCRJ-R  instead  of  SCRJ  allows  to 
reduce  total  hydrogen  mass  by  S  t,  aerospaceplane 
volume  by  64  cub.m,  aerospaceplane  wetted  surface  by 
43  sq.m,  airframe  and  tanks  mass  by  1.5  t  All  these 
improvements  ensure  launching  into  near-earth  orbit 
4.5  St  of  payload,  i.e.  some  three  times  greater  than 
the  payload  launched  when  using  SCRJ  only 


Some  Conclusions. 

1  A  4-5  t  payload  may  be  launched  to  the 
near-earth  orbit  (H=20  km,  i=5l  deg)  by 
aerospaceplane  with  starting  mass  of  280  t  using 
oxygen  boosted  SCRJ,  i.e.  SCRJ-R.  This  payload  mass 
is  three  times  greater  than  that  launched  by  ASP  with 
not  oxygen  SCRJ 

2  Optimum  Mach  number  for  transition  to 
LRE  operation  mode  is  for  SCRJ  -  14  and  for  SCRJ-R 
-  15  2 

Using  oxygen  as  additional  fuel  component 
leads  to  larger  the  effective  operating  diapason  of 
SCRJ-R  in  comparison  with  not  oxygen  SCRJ  that 

3  Using  of  SCRJ-R  permits  to  increase 
volumetric  efficiency  of  aerospaceplane  and  to  reduce 
It's  structure  mass. 
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t'lg  I  7  SpcciHc  impulses  of  hydrogen  scrainjcl  and  iMg  I ‘7  Specific  impulses  of  hydrogen  scrainjel  and 

hydrogen-neon  scramjel  with  difTcrcni  fuel  hydrogen-helium  scrainjct  with  differeiu  fuel 

flow  ratios.  How  ratios 


Kig  I  8  Density  impulses  of  hydrogen  scramjel  and  fig  110  Density  impulses  of  hydrogen  scramjet  and 

hydrogen-neon  scramjel  with  different  fuel  hydrogen-neon  scramjel  with  different  fuel 

flow  ratios  flow  ratio. 
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Fig  I  12  Density  impulses  dilTcrcnccs  of  bipropcllaiil 
scramjet  and  purc-hydrogen  scranijet  for 
normal  fuel  injeelion  at  B  =  2  5 


Fig  I  14  Specific  impulses  difTerenccs  of  bipropcilant 
scramjet  and  pure-hydrogen  scramjet  for 
normal  fuel  injection  at  B  =  2.5 


Mf 


Fig.  1.15  Density  impulses  differences  of  I'ipropellant 
scramjet  and  pure-hydrogen  scramjet  for 
normal  fuel  injection  at  B  =  2  5. 


IvH  .  MN  s/cub 


Mf 

Fig.  1.17.  Density  impulses  difTerenccs  of  bipropcllanl 
scramjet  and  pure  hydrogen  scramjet  for 
tangential  fuel  injection  at  B  =  2.5. 


Fig.  1. 19.  Density  impulses  differences  of  bipropellant 
scramjet  and  pure-hydrogen  scramjet  for 
normal  fuel  injection  at  B  =  2.5. 
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Fig.  1.20.  Specific  impulses  of  hydrogen  scramjcl  and 
hydrogen-oxygen  rocket  scrainjel  for 
hydrogen  lenipernture  1000  K 
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Fig.  1.21  Density  impulses  of  hydrogen  scrainjet  and 
liydrogen-oxygen  rocket  scrainjet  for 
hydrogen  temperature  1000  K 


Mf 

Fig.  1.22.  Specific  impulses  of  hydrogen  scrainjet  and 
hydrogen-o.xygcn  lockct  scrainjet  for 
hydrogen  temperature  2000  K. 
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SCRAMJET  CFD  METHODS  AND  ANALYSIS 
PART  I,  SCRAMJET  CFD  METHODS 

NUMERICAL  SIMULATION  OF  THE  FLOW  IN  SCRAMJET  DUCT 


by 

V.KOPCHENOV. 

K.LOMKOV,  L.MILLER,  V.KRJUKOV.  I.RULEV. 
V.  VINOGRADOV.  V  STEPANOV.  N.ZACHAROV. 
R  TAGUIROV.  M.AUKIN 


CIAM  (Central  Institute  of  Aviation  Motors) 
Aviamotomaya  street  2 
11 1250  MOSCOW 
RUSSIA 


1.1  Introduction 

1.2  Forebody  and  inlet  flow  model 

1.3  Combustor  CFD  model  structure 

1.4  Nozzle  and  aflerbody  CFD  model 

l.l  Introduction 

The  computer  analysis  of  scramjet  flow  became 
of  great  importance  because  of  the  limited  possibilities 
of  ground  tests  and  difllculties  of  measurements  in  high 
speed/enthalpy  flows.  This  fact  is  a  powerful  stimulus  in 
CFD  development  on  the  other  hand.  The  short 
description  and  examples  of  applications  of  the 
mathematical  model  for  scramjet  duct  flow  developed  in 
CIAM  are  presented  in  this  paper. 

Before  formulating  the  main  requirements  to  the 
mathematical  model  it  is  necessary  to  take  into  account 
the  following  circumstances.  The  airbreathing 
hypersonic  vehicle  is  characterized  by  high  level  of 
integration  of  airframe  and  propulsion  system. 
Therefore,  the  correct  prediction  of  propulsion  system 
performances  demands  to  consider  the  forebody  pre¬ 
compression  of  air  entering  the  scramjet  engine.  The 
afterbody  of  the  vehicle  is  a  nozzle  extension.  Thus,  the 
mathematical  model  of  the  scramjet  duct  flow  must 
include  the  description  of  the  forebody  and  afterbody 
flows. 

At  the  numerical  simulation  of  scramjet  duct 
flow,  it  is  necessary  to  take  into  account  the  three- 
dimensiortal  effects,  the  real  gas  effects,  viscosity 
influence,  turbulent  mixing  processes,  chemical 
reactions.  The  complex  gasdynamical  stmeture  of  the 
flow  and  viscosity  influence  require  to  use  the  most 
general  hydrodynamic  model  -  the  Navicr-Stokes 
equations  with  Reynolds  averaging.  The  turbulence 
model  adequate  to  high  supersonic  Mach  numbers  flows 
is  required.  It  is  necessary  to  take  into  account  the 
complex  physical-chemical  processes  in  air  flow  over 
the  forebody  and  in  inlet.  It  becomes  necessary  to 


incorporate  the  model  of  hydrogen-air  combustion.  Air- 
hydrogen  chemical  processes  simulation  is  important  in 
considering  the  flow  in  combustor  and  nozzle.  Thus,  it 
is  desirable  in  general  case  to  solve  the  three- 
dimensional  Reynolds-averaged  Navier-Stokes 
equations  for  multicomponent  flow  with  adequate 
system  of  chemical  reactions  and  turbulence  model. 

This  level  of  numerical  simulation  requires  the 
usage  of  the  most  powerful  modem  supercomputers.  We 
have  used  the  computers  with  like  personal  one  power 
in  our  work.  Therefore,  the  system  of  sufficiently  simple 
models  has  been  developed  to  evaluate  the  influence  of 
the  main  processes,  regime  and  design  parameters  on 
performances  of  propulsion  system  elements.  This  way 
leaves  some  questions  open,  but  seems  to  be  justified  as 
really  possible  for  preliminary  design  evaluations. 

Recently  some  surveys  about  CFD  in 
SCRAMJET  applications  were  published  |1-6|.  We 
describe  our  own  experience  in  this  line  in  this  report. 
The  system  of  mathematical  models  and  codes 
developed  in  CIAM  has  the  modular  structure  and 
includes  such  elements:  forebody,  inlet,  combustor, 
nozzle  and  afterbody.  Comparatively  simple, 
engineering  models  are  used  on  the  first  step  of  the 
propulsion  system  performance  evaluations.  This  is  the 
level  "0"  in  accordance  with  (5j.  Another  modcio  allow 
to  evaluate  the  influence  of  three-dimensional  effects, 
real  gas  effects,  to  estimate  the  role  of  physical-chemical 
processes.  The  most  part  of  these  codes  is  based  on  the 
Euler  and  boundary  layer  equations  and  some 
procedures  of  viscous-inviscid  interaction.  This  is  level 
"1"  in  accordance  with  |S|.  Several  codes  are  based  on 
the  Reynolds-averaged  paraboli7.ed  Navier-Stokes 
equations  and  may  be  attributed  to  level  "2"  in 
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classification  mentioned  above.  Finally  some  codes  are 
developed  for  the  numerical  solution  of  the  full  Navier* 
Stokes  equations  in  2-D  case.  These  codes  may  be  used 
in  local  regions  where  strong  viscous-inviscid 
interaction  is  significant.  Besides,  they  allow  to  evaluate 
the  influence  of  effects  neglected  in  the  models  of  lower 
level.  It  can  be  done  on  the  examples  of  special  test 
problems. 

It  is  necessary  to  note,  that  dividing  on  the  levels 
is  conventional  in  our  case.  Indeed,  the  more  simple 
physico-chemical  model  may  be  used  with  more 
complex  hydrodynamic  model  (Navier-Stokes  equations 
versus  Euler  equations  for  e.xample)  and  vice-versa. 
Moreover,  the  combustion  model  of  higher  level  may  be 
used  in  2-D  case  in  comparison  with  3-D  case  in  codes 
for  the  numerical  solution  of  Reynolds  averaged 
paraboli/.ed  Navier-Stokes  equations. 

The  development  of  alternative  versions  of 
mathematical  models  and  the  comparison  of  the  results 
obtained  with  the  aid  of  various  models  are  useful, 
because  the  most  part  of  models  is  approximate.  The 
experimental  testing  of  existing  mathematical  models  is 
very  important  problem.  This  is  necessary  to  establish 
the  credibility  of  CFD  results  used  in  design  |7|. 

1.2  Forebodv  and  inlet  flow  model 

The  main  requirements  to  the  airspace  plane 
forebody  design  may  be  formulated.  The  forebody  must 
have  the  minimal  drag  at  fixed  volume.  The  lower 
surface  of  forebody  must  precompress  the  flow  with 
minimal  losses,  to  provide  the  required  massflow  and 
uniform,  as  far  as  possible,  air  flow  at  the  inlet  entrance. 
The  forcbody  must  have  blunt  nose  part.  Bluntness  of 
the  nose  must  be  chosen  on  the  base  of  compromise 
between  demands  to  be  stable  to  the  action  of  high  heat 
flu.\es  and  to  decrease  the  wave  drag  and  to  provide  the 
uniform  air  flow  at  the  entry  of  inlet.  From  practical 
point  of  view,  it  seems  to  be  justified  to  choose  the 
minimal  acceptable  bluntncss  from  the  heat  flu.\es 
analysis  and  then  to  shape  a  forebody  in  order  to  satisfy 
other  requirements. 

Thus,  the  numerical  model  for  the  forebody  must 
provide  the  opportunity  to  analyze  the  influence  of  blunt 
nose,  the  three-dimensional  effects,  the  influence  of 
physico-chemical  processes  in  high  temperature  air,  and 
effects  of  viscous-inviscid  interactions. 

The  existing  system  of  codes  is  based  on 
numerical  solution  of  the  3-D  Euler  equations.  These 
codes  are  modified  to  include  real  gas  effects  in  local 
equilibrium  approach.  It  is  supposed  that  gas 
composition,  molecular  mass,  heat  capacity  and  specific 
enthalpy  are  functions  of  local  pressure  and 
temperature.  To  complete  the  problem  it  is  necessary  to 
use  the  system  of  equations  for  the  thermodynamic 


equilibrium  in  addition  to  usual  Euler  equations  |8,9|. 
More  simple  method  is  based  on  the  use  of  analytical 
approximations  for  the  air  properties  1 10|.  This  method 
is  implemented  in  combination  with  Euler  equations  in 
some  CIAM  codes  for  forebody  and  inlet  flows. 

Alternative  method  was  proposed  in  |ll|  for 
approximations  of  gas  properties  in  equilibrium 
approach.  In  this  case  effective  specific  heat  ratio 
(K=a^p/p  where  a  is  a  frozen  speed  of  sound,  p  is 
pressure  and  p  is  density),  specific  enthalpy  h  and 
molecular  mass  ^  arc  represented  as  functions  of  two 
successfully  chosen  independent  variables.  One  of  them 
is  the  decimal  logarithm  of  pressure,  and  another  -  the 
special  function  of  pressure  and  density.  It  is  possible  to 
obtain  the  values  of  k,  h,  ^  as  functions  of  chosen 
independent  variables  with  the  aid  of  approximation 
procedure,  based  on  some  "node"  points.  These  "node" 
points  arc  stored  as  tables,  in  which  the  main 
parameters  k,  h,  p  are  represented  in  sufficient  number 
of  points  in  the  space  of  independent  variables  to 
provide  the  acceptable  approximation  accuracy.  The 
proposed  method  provides  the  accuracy  1-2%  in  wide 
range  of  pressures  (  from  100  Pa  up  to  10^  Pa  )  and 
temperatures  (from  200°  K  up  to  20000°  K  ). 

Two  codes  are  used  for  the  numerical  simulation 
of  the  flow  over  forcbody  (developed  by  V  Kopchenov. 
V.Kijukov,  K.Lomkov  and  L.Miller).  The  first  code  for 
the  computation  of  sub-,  tran-  and  supersonic  flows  is 
based  on  time  relaxation  method.  The  region  near  the 
blunt  nose  is  calculated  with  the  aid  of  this  code.  The 
numerical  method  is  the  modified  version  of  the  well- 
known  Godunov's  scheme  |12).  The  piecewise  linear 
distributions  of  the  main  parameters  in  all  spatial 
directions  instead  of  piecewise  constant  distributions  in 
each  computational  cell  are  supposed  |13|.  The 
modified  minimal  increments  principle  |l4j  is  used  to 
provide  the  monotonicity  condition  |15].  The  explicit 
higher  order  accuracy  scheme  proposed  in  (16|  for 
hyperbolic  systems  of  equations  is  realized  as  predictor- 
corrector  scheme  in  accordance  with  [17]. 

The  modified  version  of  shock  fitting  procedure, 
which  is  based  on  some  principles  proposed  for  2-D 
case  in  (18]  is  developed  for  3-D  case.  The  proposed 
method  provides  the  second  order  accuracy  on  a  regular 
uniform  grids  and  conserves  approximation  on  arbitrary 
nonuniform  irregular  grids.  The  local  time  step  is 
chosen  for  each  cell  to  decrease  the  run  time  necessary 
to  obtain  the  steady  state  solution  with  the  aid  of  the 
time  relaxation  procedure.  The  experience  shows  that 
local  time  step  marching  provides  almost  the  twice  gain 
in  run  time,  when  the  transition  from  one  flight  Mach 
number  regime  to  another  is  accomplished.  Moreover, 
this  method  with  local  time  step  is  comparable  by  the 
number  of  time  iterations  with  the  implicit  method  |I9], 
based  on  the  scheme  with  space  directions  and  physical 
processes  splitting  and  with  global  time  integration  step. 
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The  marching  method  is  used  in  the  regions  with 
supersonic  longitudinal  velocity  component.  This 
method  is  the  higher  order  accuracy  version  of  the 
steady  analogy  of  Godunov's  scheme  [12].  The  same 
model  [11|  of  equilibrium  air  is  incorporated.  The 
modified  version  of  the  scheme  for  3-D  steady 
supersonic  flows  is  based  on  the  same  principles  as  the 
scheme  for  the  unsteady  case  [13,  14,  16-18).  The  base 
version  of  this  scheme  for  3-D  steady  flows  of  perfect 
gas  was  proposed  by  A.Kraiko  and  S.Schipin. 

It  is  necessary  to  evaluate  the  influence  of  the 
viscous  effects  on  the  flow  fields.  The  simplified  method 
was  implemented  until  recently.  The  boundary  layer 
displacement  thickness  is  evaluated  in  approximate 
manner  along  generatrices  of  the  body  in  each  cell 
nearest  the  wall.  Then  the  body  surface  is  corrected  on 
the  boundary  layer  thickness  and  new  "external" 
inviscid  flow  is  calculated  and  so  on.  Such  iterative 
procedure  must  be  repeated  up  to  convergence  in  some 
sense.  This  iterative  procedure  was  developed  and 
rcali/.ed  in  [20].  The  integral  turbulent  boundary  layer 
method  [21]  allows  to  estimate  the  boundary  layer 
displacement  thickness,  the  momentum  thickness,  the 
skin  friction  coefficient  and  the  specific  heat  flux  to  the 
wall. 

The  flowfield  is  calculated  up  to  the  inlet 
entrance.  It  is  possible  to  evaluate  in  this  cross-section 
the  entropy  layer  thickness,  the  extent  of  parameters 
nonuniformity,  the  possible  inlet  area,  the  boundary 
layer  thickness,  and  forces  acting  on  the  forebody  and 
additional  forces  acting  on  the  streamtubc  captured  by 
inlet.  The  last  is  necessary  for  the  analysis  of  control 
volume  forces. 

Typical  forebody  solutions  arc  illustrated  in 
following  figures.  The  flow  over  the  sphere  is  calculated 
for  two  hypersonic  regimes  with  flight  Mach  numbers 
Mi=10  for  the  altitude  H=10  km  (Fig.  1.2.1)  and  with 
Mi<=20  for  H=20  km  (Fig.  1.2.2).  Results  arc  compared 
with  the  primary  standard  results  obtained  in  (9|.  The 
pressure  and  density  distributions  on  the  surface  of 
sphere  arc  compared.  The  pressure  and  density  are 
related  accordingly  to  dynamic  pressure  and  density  in 
the  free  flow.  The  results  are  obtained  on  the  grid 
containing  the  10x10x10  nodes  by  means  of  the  base 
Godunov's  scheme  and  its  modified  version.  The 
distance  from  the  sphere  surface  to  the  bow  shock  along 
the  sphere  radius  direction  is  also  shown  as  a  function 
of  the  polar  angle  iu  Fig.  1.2. 1-c  and  1.2.2-c.  It  is 
necessary  to  note  the  higher  level  of  accuracy  of 
modified  scheme  in  comparison  with  original  base 
version  scheme. 

The  second  example  corresponds  to  the  inviscid 
for^xxty  flow.  The  geometrical  shape  of  the  blunted 
forebody  is  presented  in  Fig.  1.2.3.  The  calculations 
were  performed  for  MplO  at  an  angle  of  attack  3.9°  for 
the  altitude  30  km.  The  pressure  fields  are  presented  in 


Fig.  1.2.4  in  four  cross-sections  to  illustrate  the 
influence  of  the  shape  change  on  the  flow  parameters 
distributions.  One  can  see  the  generation  of  the  internal 
shock  and  region  of  high  compression  within  the  shock 
layer  connected  with  the  deformation  of  the  upwind  side 
of  the  fordxidy.  Therefore  the  visible  nonuniformity  in 
parameters  distribution  may  be  obtained  at  the  entry  of 
inlet. 

The  entropy  layer  which  is  formed  on  blunt  nose 
part  is  also  unfavorable  factor  for  the  inlet  operation. 
The  conventional  "total  pressure"  is  introduced  to 
distinguish  the  entropy  layer.  This  value  is  calculated 
for  locally  frozen  flow  parameters.  Such  "total  pressure" 
distributions  in  some  cross-sections  are  shown  in  Fig. 
1. 2.5.  It  is  necessary  to  note,  that  the  entropy  layer 
occupies  the  all  shock  layer  in  cross-sections  near  the 
nose.  But  at  the  end  of  the  conical  part  of  the  forebody, 
the  major  part  of  the  entropy  layer  flows  on  the  leeward 
side  of  the  vehicle. 

The  calculation  with  the  boundary  layer 
estimation  shows  the  following.  The  boundary  layer 
displacement  thickness  in  the  last  cross-section  (see  Fig. 
1.2.4-d)  constitutes  approximately  5%  from  the  shock 
layer  thickness  on  the  upwind  side  of  the  forebody. 
These  estimations  were  obtained  by  N.Zacharov. 

It  is  necessary  to  note  that  all  these  calculations 
were  performed  on  the  IBM  PC/AT486.  The  blunt  nose 
flow  was  simulated  on  the  grid  containing  5000  nodes 
and  it  was  required  for  this  calculation  about  2  hours  of 
run  time.  The  run  time  with  the  marching  method  up  to 
the  inlet  entry  constitutes  approximately  5  minutes  on 
the  same  computer. 

The  numerical  simulation  of  the  inlet  flow  is 
difficult  task.  This  may  be  explained  by  several  reasons. 
One  of  them  is  a  wide  range  of  operational  regimes  at 
flight  Mach  numbers  variance  from  0  up  to  20-25.  It  is 
necessary  also  to  note  the  essential  part  of  viscous- 
inviscid  interaction  in  the  flow  with  deceleration.  This 
part  is  most  important  on  regimes  of  starting  and 
unstarting.  Besides  that,  the  large  nonuniformity  in 
parameters  distributions  may  exist  at  the  entrance 
because  it  is  impossible  to  control  actively  the  boundary 
and  entropy  layers. 

But  on  the  other  hand,  it  is  necessary  to  analyze 
large  number  of  inlet  alternative  schemes  at  the  stage  of 
preliminary  design.  Therefore  it  is  desirable  to  use  some 
simplifled  mathematical  model  of  inlet  flows. 
Nevertheless  it  is  necessary  to  take  into  account  the 
main  factors  influencing  the  inlet  performances  at 
simplification  of  mathematical  model.  These  main 
factors  are;  the  flow  spreading  over  a  forebody  and 
additional  drag  concerned  with  this  effect;  the  three- 
dimensional  effects  in  the  inlet  flow;  the  real  gas  effects 
in  high  temperature  flow;  the  boundary  and  entropy 
layer  nonuniformity  at  the  inlet  entrance;  the  bound^ 
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layer  influence. 

In  accordance  with  the  forebody  flow  nuxlel,  it  is 
possible  to  take  into  account  the  m^r  part  of  the 
factors  mentioned  above  by  using  the  following  inlets 
flow  mathematical  model.  This  mathematical  model 
includes;  the  code  for  the  3-D  calculations  of  steady 
supersonic  flow  in  inlet  on  the  base  of  marching 
Godunov's  type  scheme  |22];  the  real  gas  efiects  in  high 
temperature  flow  are  analyzed  with  the  aid  of 
equilibrium  air  model  (10];  the  boundary  layer 
estimations  on  wetted  surfaces  are  performed  assuming 
that  the  flow  is  attached  with  the  aid  of  integral  method 
[21]  in  accordance  with  procedure  pressed  in  (20]. 
Some  examples  of  proposed  mathematical  model 
applications  for  inlet  flow  fields  and  performances 
predictions  are  presented  in  (20,22]. 

It  is  necessary  to  note  that  mathematical  model  is 
approximate  and  following  justification  is  required  for 
the  recommendations  have  been  made  on  the  base  of 
this  model.  But  it  is  possible  to  "optimize"  inlet 
configuration  on  the  stage  of  preliminary  design  with 
the  aid  of  this  simple  and  computationally  fast  model 
and  to  diminish  the  number  of  variants  for  the  following 
investigations. 

The  applicability  of  this  configuration  must  be 
justified  by  experimental  investigation  or  with  the  aid  of 
some  more  full  (if  possible)  and  more  expensive 
mathematical  models.  Numerous  examples  of  proposed 
method  application  to  solve  various  gasdynamic 
problems  show  that  local  and  integral  flow 
characteristics  are  defined  with  an  accuracy  sufficient 
for  practical  applications.  Particularly,  the 
computational  errors  in  the  definition  of  integral 
characteristics  (inlet  capture  ratio  that  is  equal  to  ratio 
of  areas  of  captured  stream  tube  at  the  inlet  face  and 
inlet  frontal  area,  mass  averaged  total  pressure  recovery 
factor,  additive  drag  coefficient )  do  not  exceed  O.S  - 
3%. 

The  calculation  of  the  single  inlet  performances 
was  made  [22].  The  inlet  configuration  is  shown  in  Fig. 
1.2.6.  The  computational  region  is  divided  into  some 
subregions.  The  computational  region  at  zero  slip  angle 
is  presented  in  Fig.  1.2.6-a.  The  inlet  sidewall  that 
begins  in  section  x=0  has  a  sharp  leading  edge  with 
sweep  angle  x-  The  cutback  cowl  (x=Lc)  has  also  a 
sharp  leading  edge  with  sweep  angle  a=4S°  .  The 
sidewall  and  cowl  are  wedges  with  angles  6=5.3°  and 
P=I°  in  planes  XOZ  and  XOY  (Fig.  1.2.6-a).  Cowl 
internal  surface  coordinates  (upper  duct  wall)  and  base 
plate  (lower  wall)  are  specified  and,  in  our  case, 
conespond  to  planes  y=h  and  y=0  respectively. 

The  struts  dividing  the  inlet  into  central  and  side 
passages  (for  the  half  of  the  inlet)  have  the  same  sweep 
angle  as  side  walls.  To  reduce  the  excessive  flow 
compression  near  the  cowl,  the  central  strut  height  is 


reduced.  Relative  inlet  throat  area  Ai  (ratio  of  the  area 
of  captured  stream  tube  at  the  inlet  throat  to  the  inlet 
frontal  area)  was  about  0.21  taking  into  account  the 
mentioned  expansion. 

Numerical  investigation  of  inlet  flow  was  carried 
out  for  Mi=4-8  with  the  grid  in  the  plane  ZOY 
containing  24*80  nodes.  Calculations  of  integral 
characteristics  were  made  according  to  the  conservation 
equations  written  for  control  volume,  which  was  defined 
by  base  plate,  cowl,  side  wedges,  entry  and  exit  sections 
and  upper  surface  limiting  the  freestream  tube.  While 

calculating  ^Dad  (additive  drag  coefficient),  it  was 
assumed  for  convenience  in  defining  the  airframe  - 
integrated  inlet  drag,  that  the  additive  drag  force 
includes  not  only  the  force  acting  on  the  liquid  surface 
but  also  the  force  acting  on  parts  of  sidewalls  (marked 
region  in  Fig.l.2.6-b)  wetted  by  the  flow  that  does  not 
enter  the  inlet.  Averaging  was  made  with  conservation 
of  the  flow  rate,  total  enthalpy  and  entropy  in  real  and 
averaged  flows. 

The  total  inlet  characteristics  are  shown  in  the 
Fig.  1.2.7  for  three-strut  inlet  with  sweep  angle  48°.  One 
can  see  a  varying  behavior  of  ii=f[Mf)  connected  with 
the  increased  recovery  losses  at  Mf«5  because  of  critical 
flow  regime  in  the  central  passage  near  the  cowl.  But  it 
is  necessary  to  note,  that  the  evaluation  of  the  possible 
influence  of  the  viscous-inviscid  interaction  on  the  main 
inlet  performances  is  required.  Then  it  is  necessary  to 
use  the  reliable  experimental  data  or  more  full, 
complex  and  expensive  mathematical  models.  This  fact 
is  confirmed  by  the  comparison  of  experimental  and 
computational  pressure  ^stributions  along  the  base 
plate  and  side  wedge  of  considered  inlet  (see  Fig.  1.2.8). 
Unfortunately,  there  is  no  acceptable  mathematical 
model  now  to  evaluate  the  inlet  performances  for 
regimes  near  starting  and  unstarting.  The  experimental 
investigations  are  the  single  possible  method  in  this 
case. 


1.3  Combustor  CFD  model  structure 

The  numerical  simulation  of  the  combustor  flow 
requires  to  take  into  account;  the  turbulent  mixing;  the 
physico-chemical  processes  in  hydrogen-air  mixtures; 
the  complex  gasdynamic  structure  of  the  flow;  the  three- 
dimensional  effects. 

It  is  necessary  to  note,  that  two  characteristic 
combustion  regimes  can  be  considered  in  the  scramjet 
combustor.  The  combustion  process  in  duct  at  small 
supersonic  combustor  entrance  Mach  numbers 
corresponding  to  flight  Much  numbers  6-7  realizes 
basically  at  subsonic  velocity.  This  is  caused  by  the 
pseudoshock  wave  system  existing  due  to  the  mass-heat 
supply.  The  effects  of  interaction  of  shock  wave  system 
with  boundary  layer  are  of  the  great  importance  in  the 
flow  regime  realization.  Combustion  regime  with  the 
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creation  of  extensive  subsonic  regiones  and  recirculation 
/.ones  takes  place  as  a  result.  The  estimations  of  the 
combustion  efficiency  are  made  in  CIAM  for  these 
regimes  on  the  base  of  experimental  data  generalization. 

At  high  flight  Mach  numbers  combustion  occurs 
in  supersonic  stream,  when  the  velocity  remains 
supersonic  everywhere  including  combustion  zone  with 
the  exception  of  wall  boundary  layers.  The  estimations 
of  the  combustion  efficiency  for  these  regimes  are 
carried  out  using  mathematical  model,  which  is  based 
on  Reynolds  averaged  parabolized  Navier-Stokes 
equations. 

It  seems  to  be  justified  to  develop  the  system  of 
mathematical  models  and  a  number  of  c^es  to  evaluate 
the  performances  of  scramjet  combustor  and  the 
influence  of  the  regime  and  design  parameters  on 
combustor  performances.  This  system  must  include  both 
the  simple  engineering  models,  based  on  generalization 
of  experimental  data,  and  the  most  full  models,  which 
are  based  on  modem  numerical  simulation  of  supersonic 
combustion. 

Apparently,  the  most  general  model  must  be 
based  on  the  3-D  Reynolds  averaged  Navier-Stokes 
equations  with  acceptable  for  high  Mach  numbers  flows 
turbulence  model,  for  multicomponent  mixtures  with 
sufficiently  detailed  scheme  of  chemical  reactions.  But 
this  level  is  inappropriate  to  the  available  computers.  At 
the  same  time,  some  simplifications  may  be  used,  if  only 
regimes  with  combustion  in  supersonic  regions  are 
considered  Then  parabolized  Navier-Stokes  (PNS) 
equations  may  be  used  for  the  numerical  simulation.  It 
is  possible  to  use  effective  marching  numerical  methods 
and  to  realize  these  models  on  available  computers. 

It  seems  tliat  the  most  realistic  way  is  to  develop 
the  hierarchy  of  models  including: 

-  engineering  models  based  on  one-dimensional 
calculations  of  combustor  duct  flows  with  known  curve 
of  combustion  efficiency  obtained  by  experimental  data 
generalization  (see,  for  example,  |23|); 

-  codes  for  2-D  calculations  with  turbulent  mixing  and 
combustion  simulation; 

-  codes  for  3-D  effects  evaluations. 

The  second  and  the  third  levels  may  be  based  on 
the  PNS  equations.  But  the  more  detailed  combustion 
models  may  be  incorporated  into  2-D  codes.  In  codes  for 
3-D  flows,  it  is  Justified  to  use  the  more  simple 
combustion  models  on  the  first  stage.  For  example,  the 
diffusion  flame  sheet  model  seems  rather  attractive.  But 
the  opportunity  to  estimate  the  applicability  of  this 
simplified  model  and  to  evaluate  the  influence  of  the 
finite  rates  of  chemical  reactions  on  the  combustion 
process  must  be  provided. 

The  more  detailed  description  of  the 
mathematical  model  is  presented  in  the  second  part  of 


this  paper.  Some  results  obtained  with  the  aid  of  the 
developed  system  of  codes  are  presented  in  Fig.  1.3.1 - 
1.3.3.  The  combustion  efficiency  versus  longitudinal 
distance  is  presented  in  Fig.  1.3.1  for  axisymmetric  flow 
in  the  cylindrical  duct.  The  regime  is  characterized  by 
following  parameters  in  the  initial  cross-section; 
hydrogen  jet  -  M.=2.9,  T.=373»  K; 
air  stream  -  M«=4.8,  Te-I500°  K, 
pressures  ratio  in  the  hydrogen  jet  to  air  stream  is  equal 
to  1.92.  This  regime  corresponds  to  conditions  at  the 
entiy  of  supersonic  combustor  chamber  for  conventional 
vehicle  at  flight  Mach  number  12.  The  calculations 
were  performed  for  two  levels  of  turbulent  viscosity 
(eo=3''‘10'*  and  2.5*  10-*)  in  initial  cross-section.  The 
tuibulent  viscosity  is  referred  to  the  hydrogen  velocity 
and  the  hydrogen  jet  radius  in  initial  cross-section.  It  is 
interesting  to  point  out  the  higher  level  of  combustion 
efficiency  for  higher  level  of  turbulent  viscosity.  This 
example  demonstrates  the  influence  of  the  mixing 
process  on  the  combustion  efficiency.  Therefore  the 
mixing  enhancement  becomes  of  primaiy  importance 
for  combustion  efficiency  augmentation. 

The  influence  of  the  heat  release  on  the 
gasdynamical  structure  of  the  flow  in  the  duct  is 
illustrated  in  Fig.  1.3.2  and  1.3.3.  The  calculation  was 
performed  in  the  first  case  (Fig.I.3.2-a  and  I.3.3-a) 
only  with  hirbulent  mixing  without  combustion.  In  the 
second  case,  the  turbulent  combustion  was  simulated 
with  the  aid  of  the  flame  sheet  model  (Fig.I  .3.2-b  and 
I.3.3-b).  The  pressure  (Fig.  1.3.2)  and  Mach  number 
fields  (Fig.  1.3.3)  are  shown.  It  is  interesting  to  note, 
that  the  system  of  shocks  in  duct  is  much  more  distinct 
in  the  case  of  heat  release.  Moreover,  the  longitudinal 
dimensions  of  "periodical"  structures  becomes  smaller. 

The  developed  mathematical  model  may  be  used 
for  the  comparative  study  of  various  methods  of  mi.\ing 
and  combustion  enhancement.  This  model  may  be 
implemented  to  evaluate  the  influence  of  the  flight 
regime  parameters  on  the  combustor  efficiency.  It  is 
possible  to  perform  the  efficiency  comparison  for  some 
versions  of  injection  system  in  combustor.  Some  CIAM 
experience  in  supersonic  combustion  model  applications 
is  presented  in  the  second  part  of  this  report. 


1 .4  Nozzle  and  afletbodv  CFD  model 

The  exhaust  system  of  airspace  plane  is 
characterized  by  the  following  features;  the  integral 
scheme  of  the  nozzle  and  airframe;  the  principle  of 
combined  propulsion  system;  the  3-D  schemes. 

In  the  integral  scheme  of  exhaust  system  and 
airframe,  the  surfaces  of  the  nozzle  are  at  the  same  time 
the  airfhune  surfaces.  Therefore  the  exhaust  system 
performances  must  be  determined  taking  into  account 
the  afterbody  flow.  The  principle  of  combined 
propulsion  system  supposes  that  various  engines  or  their 
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combination!  may  be  used  on  some  sections  of  flight 
tnyectoiy.  In  this  case  the  exhaust  system  is  a  nozzles 
combinations  of  various  engines  (liquid  rocket,  tuibojet, 
scramjet),  operating  simultaneously  or  sequentially  in 
time.  The  mathematical  model  must  provide  the 
determination  of  longitudinal  and  transverse  forces, 
moments  of  forces,  skin  friction  forces  and  heat  fluxes 
on  the  walls  of  the  exhaust  system,  thrust  direction  and 
its  location  point. 

The  proposed  mathematical  model  may  be  used 
to  evaluate  the  influence  of  two  factors  mentioned 
above.  This  simplified  mathematical  model  for  2-D 
flows  is  based  on  the  following  principles.  The 
computational  region  is  divided  into  several  subregions. 
The  supersonic  inviscid  flow  is  described  by  the  steady 
Euler  equations,  which  are  solved  numerically  with  the 
aid  of  Godunov's  type  marching  scheme.  The  version  of 
the  scheme  is  used,  which  was  proposed  in  [24].  The 
integral  method  is  used  to  describe  the  boundary  layer 
and  mixing  layer  flows.  The  skin  fnction  and  wall  heat 
fluxes  are  evaluated  with  the  aid  of  the  integral  method 
I21|. 

The  method  [25,26]  was  developed  to  determine 
the  base  pressure  and  base  enthalpy  behind  the 
backward  step,  which  is  flowed  by  two  diflerent 
supersonic  streams.  The  method  allows  to  determine  the 
base  pressure  and  enthalpy  taking  into  account  the 
influence  of  Mach  numbers,  Reynolds  numbers,  initial 
boundary  layers  thicknesses  in  main  streams.  The  total 
pressures  and  temperatures  are  dififerent  in  two  flows. 
The  gas  is  considered  as  perfect  with  dififerent  specific 
heat  ratios  in  two  streams.  The  method  permits  to 
estimate  the  influences  of  mass  blowing  into  the  base 
region  and  heat  flux  through  the  wall  of  the  base  face  on 
the  base  pressure  and  enthalpy.  The  model  of  viscous- 
inviscid  interaction  [25,26]  was  used  to  determine  the 
parameters  in  the  base  region.  The  original  condition  in 
reattachment  point  was  proposed  [25]. 

In  general  case,  the  configuration  of  the  exhaust 
system-afterbody  involves  the  base  face.  Moreover,  the 
exhaust  system  is  considered  as  uncontrolled.  Therefore, 
large  base  regions  may  arise  in  exhaust  system  flow  on 
the  acceleration  part  of  flight  trajectory,  when  scramjet 
engine  does  not  operate,  and  some  additional  engines  of 
combined  propulsion  system  operate.  It  is  known  that 
large  thrust  losses  may  exist  in  this  case. 

The  possibilities  of  the  proposed  mathematical 
model  are  illustrated  in  Fig.1.4.1-1.4.5.  These  results 
are  obtained  by  RTaguirov  and  M.Aukin.  Some 
estimations  were  performed  for  conventional  vehicle 
exhaust  system  in  the  case  of  turbojet  engine  qreration. 
The  flow  field  is  illustrated  in  Fig.  1.4.1  for  supposed 
regime,  corresponding  to  flight  Mach  number  1.3.  The 
bypass  of  the  gas  was  realized  through  the  duct  of  the 
non  operating  scramjet  engine.  Two  base  regions  in  the 
exhaust  system  flow  take  place.  The  thrust  losses 


constitutes  in  this  case  more  than  30  %  from  the  ideal 
thrust. 

The  flow  picture  is  shown  in  Fig.  1.4.2  for 
another  conventional  regime.  It  is  supposed  that  the 
combined  propulsion  system  operates  at  flight  Mach 
number  Mf»2  in  such  manner:  the  liquid  rocket  and 
turbojet  engine  are  operating,  and  massflow  bypass  is 
realized  through  the  scramjet  duct.  The  external  flows 
over  afterbody  and  nozzle  cowl  are  also  considered  in 
this  case.  Besides  that,  the  base  region  exists  near  the 
base  face  of  afterbody-exhaust  system  configuration. 
The  thmst  losses  constitutes  in  this  case  approximately 
20%. 

The  Mach  number  contours  are  shown  in 
Fig.  1.4.3  for  conventional  regime,  corresponding  to 
Mi=10.  Only  scramjet  engine  operates  in  this  case.  The 
performances  of  the  exhaust  system  were  evaluated  for 
the  conventional  regimes  of  Mr  from  4  up  to  16.  The 
exhaust  system  configuration  presented  in  Fig.  1.4.3  is 
considered.  The  thrust  losses  are  obtained  in 
comparison  with  ideal  thrust  as  function  of  flight  Mach 
number  and  are  shown  in  Fig.  1.4.4.  The  dependence  of 
the  slope  of  the  thrust  vector  on  flight  Mach  number  is 
presented  in  Fig.  1.4.5. 

It  is  necessary  to  note,  that  the  developed 
mathematical  model  is  approximate  and  has  serious 
restrictions.  This  model  is  being  modified  now  to 
include  the  three-dimensional  and  real  gas  effects.  The 
experimental  investigations  are  required  especially  for 
regimes  with  large  separation  zones  to  verify  the 
numerical  codes. 
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PRESSURE  DISTRIBUTION  ON  SPHERE  SURFACE 


40^  Sr 


Mf=10.  H  =  l()km 


Fig. 1.2.1  -  A. 


Fig.  1.2.1  -B. 


Fig.  1.2. 1  -C. 


PRESSURE  DISTRIBUTION  ON  SPHERE  SURFACE 


Mt  =  20,  II  20  km 


Fig  1  2  2  A 


DENSITY  DISTRIBUTION  ON  SPHERE  SURFACE 


Fig.  1.2. 2  -  B. 


BOW  SHOCK  DEPARTURE 


THE  FOREBODY  SCHEME 


THE  PRESSURE  FIELDS 


THE  PRESSURE  HELDS 


Fig.  1 .2.4  -  C.  THE  CROSS-SECTION  X =X5 


Fig.  1 .2.4  -  D.  THE  CROSS-SECTION  X  =  Xa 


Fig .  1 . 2 . 5  -  C .  THE  CROSS-SECTION  X  =  X3 


Fig,  1.2.5  -  D.  THE  CROSS-SECTION  X=X6 


THE  HYPERSONIC  INLET  SCHEME 
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STATIC  PRESSURE  DISTRIBUTION  ALONG  THE  BASE  PLATE 


CENTER  PASSAGE 


Fig.  1.2.8  -  A. 


STATIC  PRESSURE  DISTRIBUTION  ALONG  THE  SIDE  WALL 


Fig.1.2.8  -  B. 


MIXING  ONLY 
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Fig.  1.3.2.  THE  PRESSURE  FIELD  IN  AXISYMMETRIC  DUCT 


MIXING  ONLY 
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Fig.  1.3. 3.  MACH  NUMBERS  CONTOURS 


COMBINED  NOZZLE 

SMALL  SUPERSONIC  FLIGHT  MACH  NUMBER 


HYPERSONIC  NOZZLE 


NOZZLE  PERFORMANCES 


THRUST  LOSSES 
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THRUST  VECTOR  ANCLE 
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RESEARCH  AND  DEVELORMENT  OF  RAMJETS/RAM ROCKETS 
_ PART  II  INTEGRAL  LIQUID  FUEL  RAMJEIS _ 

by 
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CIAM  (Ceniiiil  liistitiitc  ol  Aviiiiioii  Muiors) 

2.  AviiimotoriKiyii  St.  111250  MOSCOW 
KLISSIA 


S  LI  M  MARY 

liilcynil  liquid  t'nel  riiinjets  liiivc  some 
specific  I'eiiiiires  mniieiicmg  on  tlieir  :irr;mt’emem 
nnd  coiisiniction.  Among  such  features  ;ire: 
mostly  bigger  size  ;md  working  dimilion  th;m  by 
SPRR.  the  necessity  of  fuel  manifolds  and 
flameliolders,  and  also  wall  cooling  system 

arrangement  in  combustion  ciiamber,  the 

possibility  of  fuel  How  and  nozzle  position 

control  during  flight  on  different  speed/altitiide 
trajectories.  In  this  lecture  there  will  be  discussed 
some  Items,  concerning  the  tnentioned  I.FRJ 
features: 

-  The  integration  of  ram  combustor  and 

booster. 

-  Duct  flow  instability  during  the  ejection  of 
booster  case. 

-  Fuel  supply  device  and  effective  coiiihiistion 
in  ramjet. 

-  Adaptive  control  of  ramjet  on  different  llight 
trajectories. 

NOMENCLATURF. 

A  -  area; 

d  -  diameter; 

G  -  mass  flow  rate; 

H  -  altitude; 

M  -  M:ich  ninnber; 

q  =  p,,V,,V2  -  dynamic  pressure; 

r  -  range; 

T  -  tempenitnre; 

t  -  time; 

V  -  flight  velocity; 

rt"  -  angle  of  attack; 

\  -  dimensionless  velocity  coefficient; 

p  -  density. 

INDICES 

f  -  fuel; 

0  -  ambient  atmosphere; 

ABBREVIATIONS 

AB  -  after  burner; 

ABE  -  air  breathing  engines; 

LFRJ  -  liquid  fuel  ramjet; 

LH2  -  liquid  hydrogen; 


LR 

-  liquid  rocket; 

RJ 

-  ramjet  engine; 

SPRR 

-  solid  propelhmt  r:imrockel; 

SR 

-  solid  rocket. 

I  INTEGRATION  OF  LIOCII)  I  I  I  1. 

RAMI  I  IS  Wllll  BOOSII  R 

The  concepts  ol  the  missiles  nilegiaiion 
with  iiqnid  fuel  ramjets  (LFR.I)  and  SPRR  as 
propulsion  systems  have  their  features,  specific  to 
the  conditions  of  using  each  missile  type.  As 
known  by  practice,  the  solid  propellant  ram- 
rocket  engines  ,ne  the  most  preferable  on  small 
"air-to-air"  anil  "gronnd-io-groiind"  missiles,  the 
IkiiikI  fuel  ramieis  :ire  preferable  on  larger  air- 
to-groiind"  ;nKl  "giomid-lo-groimd"  missiles.  I  he 
mam  characteristic  sections  ol  the  integral 
ramjets  (solid  or  liquid  fuels)  arc  eiveii  in  Fig. 
.1.1 

The  relative  low  gross  take-ofi  weight  and 
low  operation  times  of  "air-lo-air”  and  "groiiiid- 
to  air"  missiles  predeterniiiie  using  on  them  the 
SPRR  with  fixed  gas-:nr  How  passage  as  ;i 
propulsion  system  of  the  second  missile  stage. 
The  c;ist  or  ramjet  case-well-bonded  gram  of  ;i 
solid  propelkiiit  booster  with  ejectable  noz/le  (or 
nozzleless  soliil  booster)  is  used  to  till  .it  most  the 
volume  in  the  SPRR 

Fig.  .T2  shows  the  principle  schemes  ol  the 
integral  ramjets  of  differeni  class  ;nid  ;ipphcaiion. 

Opposed  to  the  missiles  w'ith  the  SR  the 
integration  of  the  missiles  with  ramjets  is 
associated  with  solving  some  problems  caused, 
first  of  all,  by  high  sirnctnr;il  complexilx  of 
sepanite  elements  :md  components  of  tlie 
combustor  and  jet  nozzle  as  well  as  ot  the  luel 
and  vehicle  actuator  control  systems. 

The  type  of  the  stall  (air.  groniid  and 
submarine)  defines  a  booster  gram  m:iss.  which 
may  highly  differ,  due  to  a  significant  difference 
in  time  from  the  missile  start  to  the  ramjet 
operation  initiation. 


Presented  at  an  AGARD  Lecture  Series  on  'Research  and  Development  of  Ram'Seramjets  and  Turhoramjets  in  Russia',  December 
IW  to  January  IW4. 
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Wlu’ii  designing  tlie  niinjcts  lor  ".iir-io- 
gioiind"  Mtiidl  missiles  |d  -  ilS0-45<)  mm)  due  lo 
tl.e  severe  resiriclions  in  :i  free  volume,  they  ;ire 
ns.'d  »i'lu‘nr  piNtthU*  tlk*  sun4iU*si  wiluiu’uv  m 
terms  of  the  structure;  the  orgnni/.ntum  ot 
burning  process  stnbili/.ed  mi  a  bottom  witiunit 
flameholders,  a  fixed  frontal  '  unit  at  the 
combustor  inlet  with  a  fixed  supersonic  luv/le 
(the  missile  of  Kh-3ltype)  and  using,  where 
possible,  thermal  barriers  of  the  combustor  walls 
(of  ASAl.M  tvpe)  instead  of  air-lilm  ones  (see 
Fig.  }.2). 

The  other  concept  of  the  inlegratioii  -  the 
location  of  the  solid  propellani  hiiosler  together 
with  a  case  in  the  luiiiid  fuel  ramjet  cotiihiistor  is 
used  for  the  high  gross  lake-off  weights  and  high 
engine  operation  time  of  '■groiiiid-to-groiiiid  "  .iiid 
"air-to-ground"  missiles.  In  this  case  the  compact 
location  ol  the  etigine  elements,  components  .nul 
units  complicated  in  the  structural  mamit.ictmiiig 
(mifolduig  fuel  nianitokis  and  nameholaeis. 
noz;rle  llap  control  tnechamsm)  in  the  Imnted 
solmne  of  combustor  is  needed  to  till  the 
comhiistoi  vohitne  b\  inserted  solid  pidpellaiil 
booster  the  most  fnIK 

I  sing  the  mserted  solid  propell.mt  hoostei 
has  Its  advantages  .md  allows: 

-  independently  lo  develoji  a  booster  .md  laniiet 
on  the  specialized  lest  beds; 

-  lo  Use  a  light  ramiel  combust. ir  with  .m-lilm 
cooling,  the  most  re.isonable  for  high  opei.itioii 
tune; 

-  to  Use  the  same  module  of  ihe  r.imiet  on 
missiles  of  different  applic:ition  with  sigmIic.miK 
diflerenl  tliglil  p.ilhs  and  different  solid 
propellant  booster  engines  such  .is  in  A.SM  MSS 
missile  of  double  applic.iliuii, 

A  wide  range  ol  using  such  .in  engine  lor 
thght  altitude  and  velocilv  is  provided  bv  .iKo  .1 
stepped  or  smooth  control  of  the  no/vIe  tliio.ii 
are, I  after  the  solid  piopell.mt  bo.ister  eiectum  .is 
well  as  by  a  wide  range  ol  fuel  llow  conln'l  ili.ii 
IS  possible  with  htimd  fuel 

The  type  of  laimcheis  (or  the  loc.ition  ol 
tiiissiles  on  a  carrier).  ;is  well  as  l.mnchmg 
conditions  nitliiences  ilirecllv  the  mtegr.ition  ol  .1 
vehicle  with  a  ramjet  Roth  these  factors  delnie, 
first  ol  all,  the  type  of  the  air  intake  and  its 
placement  on  a  missile.  At  present,  as  known,  the 
tnissiles  with  air  intakes  of  different  types  are 
developed:  nose  (frontal),  removable  (two- 
ditneiisional,  circular,  segmented)  atid  ventral 
Their  location  is  determined  by  Ihe  type  ol  ;i 
launcher. 


The  individual  siis|iension  under  .1  liiselage, 
.IS  a  rule,  does  not  limit  the  choice  ol  mi. ike  type 
The  missiles  with  ventr.il  intake  are  the  most 
rtiUMid  (ivr  c(vsi-Hf  I nuwlwrs  •  dnuw 
using  the  nose  .111  intake  is  the  most  re.is.ui.ible 
for  missiles  of  siibni.irme  si.111 

Fig.  illiislrales  the  scheme  ol  Ihe 

inlegr.il  liquid  fuel  ramiel  with  Ihe  iiiseiled  s.ilid 
propellant  booster,  lag.  t  t  shows  als.i  .ill  p.issible 
types  ot  intakes  ih.it  ;ue  used  on  existing  .md 
developable  missiles 

Fig.  .T4  shows  longiliidnial  section  of  the 
integral  lii|Uid  fuel  ramjel.  in  which  Ihe  Iroiital 
unit  .md  lliimeholdeis  .ire  niifojded  after  booster 
election  and  the  siipeis.iiiic  iio//.le  lhro.it  section 
Is  variable 

Ihe  possible  schemes  ol  miegi.ilioii  ol  the 
r.imjel  and  solul  pi.ipell.ml  boosiei.  preseiileil  111 
lag  Tl.  V2.  .md  1  T  lo  .1  coiisidemble  exteiii  .ire 
.issoci.iled  willi  Ihe  size  of  llie  vehicle  .md  engine, 
depend  on  tlie  velocilv.  np  to  which  .1  solid 
propell.mt  boosi.a  .'per.iles,  the  si  uliiig 
conditiiuis.  etc 

S.i,  Ihe  pi.iblem  ol  soIkI  propell.mt  booster 
siiiiclure  m.ilchmg  with  ernisnig  r.miiei  is  .1  kev 
quesii.rii  m  ilesigmng  the  whole  ol  propiilsuui 
s\slem  and  me. ms  ,1  re.is.ui.ible  eompiomise  in 
the  seleclKUi  ol  Ihe  c.iiiliguiili.ai  .iiul  ihe 
vehicle 
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I  lisle. idv  piocesses.  such  .is  hoosiei 
election,  miel  si.iil  -  iiiisi.irt.  combustor  si.iil  - 
iiiisl.iil.  ch.mge  ol  liiel  iiiieclioii.  sell  -  evuled 
oscill.ilioii  III  ml.a  or  conilmstoi .  i.imiet  ic.|'ouse 
.ui  exlern.il  sh.ick  w.ives  .nid  so  .>11.  .iie  veiv 
impoilanl  p.iil  ol  uilegi.il  i.imjels  liiiiciioiiiug 
bec.iuse  thev  c.m  le.ul  lo  the  engine  dMi iiclioii 

Nuiiieric.il  smuilalioii  is  Ihe  only  w:iy  of 
uivesligalions  of  this  processes,  as  a  rule,  because 
expermient.il  rese.uches  .ire  vers  e\|>ensive.  iieetl 
pelted  ei|Uipmenl.  .nul  can  lead  to  expemneiilal 
model  desi ruction 

riierelore.  Ihe  m:ilhemalic.il  moilels  .md 
nunierical  codes  lor  nnsleady  processes 
simulation  were  worked  out  m  C'lAM  This 
models  based  on  ID  .iiul  2r)  unsteadN  Filler 
equations  for  reacting  gas  inxtiire.  They  include 
v.iMoiis  experimenial  and  empirical  dales,  and 
lake  into  account  different  construction 
peculiarities  of  researched  ramjet.  Numerical 


codes  lire  b;isec1  on  the  second  order  iiccnrncy 
Godunov  -  Koignn  alyorithni. 

Now.  let  me  present  yon  some  results  of 
iinsteiidy  processes  nnmenciil  simnliition. 
fnlfilled  in  ClAM.  In  Fig.  .V5  yon  ciin  see  the 
.scheme  of  Liquid  Fuel  Rmnjet  with  the  ejected 
booster,  used  ns  the  first  .stnge  of  missile.  All 
iiivestignlion.  I'll  tell  yon.  were  fulfilled  for  such 
type  of  rnmiets 

Ciiis  o.scill.itioii  III  closed  inlet  during 
missile  nccelerntion.  On  the  first  piirt  of  missile 
tnijectory  the  rnmjet's  inlet  is  closed  by  ilie 
booster.  If  Might  Mnch  niimber  is  grenter  then  1.5 

-  2.0.  then  selfe.xcited  oscilintions  in  rnmjei's  inlet 
nppenr  very  often.  They  c:in  lend  to  ramjet 
distrnclion.  We  use  miniericnl  siniitintion  to 
predict  the  appearance  of  selfexciled  oscillations. 
Ill  i..ili.iit.il(.  tfiCit  .iiiTpiitnilts  and  treqiKin-iOs.  K) 
predict  the  eflicacy  of  different  ways  of  this 
ox^'illUuHi  mq'lrlMdf  d/*cte4nait|  In  Ftg  yoy 
see  the  example  of  such  iiiniierical  simulation 
Flight  Mach  iiimiber  equals  2.5,  the  maximal 
unditnensional  amplitude  is  about  u.4. 

The  next  problem,  we 
deal  witii.  IS  the  booster  ejection  -  see  tig  3,7 
M;u4«Hwtici4l  t«od«L  'M!  «se. 
motion  and  gas  dynamic  Mow  in  ramjet's  duct 
together  .Aerodynatmc  and  inertial  forces, 
tikiion.  external  anilow  atound  ejected  bvwqet 
and  other  effects  are  t.iken  into  account  You  see 
III  fjg.  the  time  evolution  of  booster  velocity 
and  us  lo..aiioii.  So  We  c.iii  predict  the  possibituy 
of  blow  interaction  between  the  booster  and 
r.imjet  no//Je. 

In  Fig.  3.8  the  time  evolution  ol  .sell 
excited  oscillation  during  the  booster  ejection  is 
presented  And  m  Fig  3U  you  can  see  the 
comparison  of  experiment.il  (ciirxe  1)  .and 
numeric. il  (curve  2l  sinuilation  of  gas  dynaniic 
Mow.  induced  by  the  moving  booster.  Non  see  a 
good  .igieenient  between  numerical  .ind 
experinieiit.il  results  .So.  we  c.iii  calculate  the 
V. lilies  i)|  dynamic  loads,  .ipplied  to  the  internal 
surface  of  ramjet  and  initiated  by  moving  shocks 
and  supersonic  /ones.  It's  .i  very  unpoilant  result, 
because  the  unsteady  aerodynamic  loads  c.m  tear 
off  the  defense  .screens  m  combustor. 

All  this  results  can  be  summarized  as  a  s.ife 
ejection  area,  presented  in  the  space  of 
parameters:  Might  Mach  number.  Might  altitude  m 
Fig  3.10  (  niAe  I  is  a  boundary  of  blow 

interaction  between  booster  and  ramjet  nozzle; 
curve  2  IS  the  bonndary  of  combustor  destruction 
due  to  high  pressure  in  front  of  booster,  curve  3 

-  the  missile  trajectory.  The  missile's  trajectory 


part,  picked  out  in  Fig.  3.10,  is  possible  the 
booster  ejection. 

riie  combustor  start.  In  Fig.  3.11  you  can 
.see  some  results  of  the  next  unsteady  proce.ss 
numerical  simulation  -  the  combustor  .start. 
Mathematical  model,  which  we  use,  bases  on 
iin.steady  Euler  equation  for  reactiiu'  gas  mixture. 
We  suppose,  that  there  exist  an  l■clnilibrium  .state 
III  subsonic  combustion  chamber.  'vVe  take  into 
account  experimental  ilates  for  the  length  of 
burning  zone,  coefficient  of  combustion 
completeness  and  so  on.  We  find  the  dynamic 
loads,  the  maximum  temperatii.e  m  combustor 
and  other  parameters  of  unsteady  Mow.  The  main 
and  very  impoiiant  effect,  we've  found,  is  follow. 
The  initiation  of  air-fuel  mixture  leads  to 
appearance  unsteady  stress  waves,  that  move 
from  combustor  to  ramjet  inlet  and  decreases 

vtiiinig  silviTi  liiiie  the  lul.d  >iil11em  Ihiiiilgli  lailijct 

duct.  In  Fig.  3.11  you  can  see  the  time  evolution 
iiF  dr  r'Xcew  c»K‘UWw'».it  Cwiir  «  M'.i'ixi  xU-yJly 
approximation,  when  total  airMow  is  constant  and 
only  tiiel  weight  Mow  changes  Curve  (2) 
describes  .i  re.i!  unsteady  preKess,  curve  t3)  is  a 
stable  combustion  bound, iry. 

You  see,  that  unsteady  decrea.se  of  air- 
excew  cau  W  x^-y 

value  1.8  to  minimal  value  about  0.9).  Therefore, 
if  the  optimal  value  of  air  e.xcess  coefficient  on 
tlic  st.iii  pari  of  mi'sile's  trajectory  is  about 
(/“I  2-1,3  and  the  stable  combustion  boundary  is 
.iboiil  <t  0.9.  the  .iiiloin.itic  control  system  must 
provide  combiisioi  start  with  u  1.8,  and  only 
.ifter  that  increases  slowly  the  weight  fuel  Mow  to 
necessary  value  o  '  1.2-1  3  And  dnrmg  combustor 
restart  regime,  aiilomalie  control  system  work 
must  be  organi/ed  bv  the  same  wav  -  see  Fig. 
3  11. 

Self-e.xcited  oscillation  m  combii.stor.  In 
Fig.  3.i2  you  can  see  the  nnmerical  simulation 
results  of  .self-excited  oscillation  in  combustor, 
working  on  near-sioichiometric  air-fuel  mixture. 
I  he  physical  naliire  of  this  oscillation  is  follow, 
l  ets  suppose,  that  we  increase  fuel  niiection  so, 
that  air-cxcess  coefficient  decreases  to  the  value 
(I  1.0.  Then  the  combustor  heat  increase  too. 
At  the  same  moment  the  stress  wave  appearances 
III  combustor  and  moves  to  the  ramjet  inlet, 
decrea.sing  the  total  airtlow'.  Therefore  the  value 
of  «  becomes  less  than  1.0.  for  example  a  =  0.8. 
Than  combustor  heat  decreases,  the  stress  wave 
becomes  weaker,  the  tot -i  airMow  increases  for 
the  shoil  tittle  to  value  a  =  1.2.  But  very  soon 
the  constant  value  of  fuel  injection  leads  air- 
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excess  coefTicient  to  it’s  ste.idy  viilue  a=I.O,  and 
ail  process,  described  above,  repeats, 

Ramjet  response  on  external  shock  wave 
and  atmo.splieric  nominiformities.  In  Fig.  3.13 
you  can  see  the  result  of  numerical  simulation  of 
shock  wave  motion  through  the  ramjet.  The 
moving  .shock  increases  the  total  airflow  through 
the  ramjet  duct.  Therefore  air  exce.ss  coeftlcieni  a 
increases  loo.  New  value  of  nt  must  be  less  than 
stable  combustion  boundary. 

All  this  numerical  researches  were  fnltllled 
in  the  Cl  AM  and  were  used  for  development  of 
diflerent  Russian  ramjets. 


3.  FEATURES  OF  THE  COMBUSTION 
PROCESS  ORGANIZATION  IN  RAM.IET 

The  scheme  selection  of  the  combu.stion 
process  organization  in  the  straight-through-llow 
type  combustors  (ram  combustors)  is  mostly 
ciel'ineii  hy  the  flow  parameters  at  a  commisior 
inlet  such  as  pressure  P,,  temperature  T,  and  ).  - 
velocity  coefficient. 

A  possible  range  of  change  m  the.se 
parameters  in  modern  afterburners  and  ramjet 
combustors  is  tabulate  in  Table  I. 

T.ihle  I 

Combustor  type  P,  T,  a 

kPa  K 

Turbojet  40-600  WO- 1200  0.20-0,25 

.il'terburiier 

Tiirbofaii  40-600  (i00-8.50  0.15-0,22 

afterburner  with 
flow  mixing 

Ramjet  combuslor40-(i00  350-1300  0.20-0.22 

It  follows  from  the  Table  that  feature  ot  the 
booster-siistainer  ramjet  combustors  is  a  wide 
range  of  variations  in  a  combustor  inlet  air 
temperature  which  covers  a  possible  change  of 
the  lemperaTiire  in  all  existing  afterburiieis. 

When  the  turbojet  afterburners  were 
cre.rtntg  rite  ccntibJtstwn  process  org-ntizatt-m 
scheme  with  consecutive  realization  of  fuel 
mixing,  vaporization  and  combu.stion  processes 
along  the  coinbu.stoi  was  developed.  In  such  a 
scheme  of  combu.stion  process  organization  the 
fuel  IS  supplied  to  flow  upstream  llameholdeis  iii 
;t  dtsTancc  sulfivttiit  lu  it.s  pr.itiit..ll>  li'ill 
vaporization  and  mixing  with  ga.ses  entering  to 
the  afterburner.  Under  conditiotis  typical  to 
afterburners  the  fuel  burning  length  L,,  depends 
mainly  on  mntnal  arrangement  of  fuel  stabilizers 


and  is  equal  to  Lj,  =  (10-12)B,  where  B  is  an 
average  distance  between  the  axes  of  two 
adjacent  flameholders.  The  given  scheme  of  the 
combustion  process  organization  has  proved  itself 
and  at  present  is  being  used  widely  in  tiirbofaii 
afterburners  with  How  mixing.  Fig.  3,14  shows  the 
typical  arrangement  of  fuel  manifold  and  Hame 
stabilizers  for  the  turbojet  and  turbofan 
afterburners. 

Li.sing  the  mentioned  .scheme  for  the 
combustion  process  organization  in  the  ramjet 
combustors  led,  as  a  rule,  to  significant  problems 
with  providing  the  stable  operation  of  these 
combustors  at  low  inlet  air  temperature  (T,< 
500K).  These  problems  were  associated  with  the 
fact  that  the  combustors  of  the  mentioned 
scheme  of  tlie  combu.stion  process  organization 
show  a  great  tendency  to  the  excitation  of  the 
regular  longiiiidinal  gas  pressure  tliictiiation  in 
them,  particularly  in  fuel  reach  mixtures. 

Studying  the  combu.stion  process  of  the 
.itemized  liquid  fuel  at  low  flow  lenTper.ittire.s 
showed  that  a  decrease  m  combustion  process 
stability  was  due  mostly  to  a  reduction  in  a 
degree  ol'  the  fuel  s.rpunz.ttton  .rhtad  of 
flameholders.  the  deposition  of  fuel  droplets  on 
the  fiameholder  walls  and,  hence,  a  significant 
enrichment  of  the  gas  with  fuel,  being  m  the 
recirculation  zones  after  them  |3| 

Fig,  3  15  goes  the  experiiiieiilal 
dependence  of  the  air  excess  coefficient  in  the 
tlameholder  recirculation  zone  on  the  fuel 
vaporization  degree  z  upstream  the  tlameholder 
It  follows  from  the  presented  data  that  at  z  -♦  0 
the  gas  composition  in  the  recirculation  zone  is 
approximately  2,2  as  rich  as  the  mixture 
approaching  to  the  stabilizer. 

At  high  air  temperature  (  I ,  •  1 100- 1200K) 
the  luel  sell  ignition  is  possible  upstream 
tlanieliolders.  Hie  biirn-oiit  and  deslriiction  of 
llameholdeis  in  this  case  are  inevitably. 

Therdbre.  for  the  ramjti  eontbusiors 
operating  at  the  low  inlet  air  temperature  ClAM 
suggested  the  other  scheme  of  combustion 
vt-c-fikd  .schen+e  with  lUe 
separate  fuel  supply,  m  which  the  processes  of 
fuel  mixture,  vaporization  and  burning  take  place 
simnh.mcomly. 

The  proposed  scheme  of  the  combustion 
priK-fs*:  wgtHiiz.atnm  with  separirte  fuel  >:nppiy 
allows  to  provide: 

-  a  .stable  combustor  operation  at  low  air  inlet 
temperature  (T,  <  .500K); 
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-  a  high  reliability  of  the  combustor  o|)oratioii 
at  high  air  inlet  temperatures  (T,  >  900K): 

-  maximum  possible  stability  of  the  combustion 
process  under  high  altitude  conditions; 

-  the  maximum  simplicity  of  the  structure  when 
developing  the  combustor  with  iiiifoldiiig 
flameholders. 

However,  there  are  some  problems  m 
providing  high  combustion  elTiciency  at  kw  air 
temperatures  and.  besides.  the  special 
requirements  are  made  on  consumption 
characteristics  of  fuel  manifolds  at  such  scheme 
of  the  combustion  process  organization. 

Schemes  of  Combustors  of  Liquid  Fuel  Ramiet 
Integrated  with  Rooster  Engine 

Let  IIS  consider  now  the  possible  schemes 
of  the  llatueholder  tnounting  in  the  air  cooled 
combustors  of  booster-siistainer  ramjet.  In  the 
case  when  the  length  of  the  booster  engine,  that 
is  placed  into  combustor,  is  less  than  the  extent 
of  fuel  biirnitig  zone  length  or  equal  to  it.  the 
flatneholders  and  fuel  manifolds  are  si.iiioiiai\ 
located  iii  the  combustor  as  in  the  tuibofaii 
afteibiirners. 

Ill  case  when  the  length  of  the  booster 
engine  exceeds  the  extent  of  the  biirii-oiit  /one. 
the  imfolding  (tiirnmg)  tl.mieholders  are  iieedeil 
to  install  This  is  a.ssociated  with  the  fact  that  the 
enl.irgemeiit  in  combnstoi  length  beyond  reqiiiieit 
for  the  liiel  burning  out  leads  to  the  incre.tse  in 
air  How  to  its  cooling  system  and  in  this 
connection  to  a  reduction  m  fuel  conibusiu)ii 
efficiencN  in  the  fuel  rich  region. 

Fig  .^.16  presents  the  schematic  di.igr.nn  of 
such  a  combustor.  At  the  initial  nionieni  of  time 
the  tlaineholders  are  located  close  to  the 
combustor  wall  as  the  booster  engine  occupies 
practically  the  whole  \ohime  of  the  combiistor 
After  tts  jettison  the  tl.imeholders  are  unfolded 
(turned)  and  are  set  into  operating  position.  After 
that  the  ramjet  combustor  is  started.  Schetne  ot 
such  unfolding  radial  tlameholder  is  shown  m 
Fig.  TI7. 

Characteristics  of  Burning  Proce.ss  in  I.IMU 
Combustors 

To  compare  the  characteristics  of  the  fuel 
combustion  process  in  the  modern  acceleratmg- 
su.staming  ratnjet  cotnbiistor  and  iiirbofan 
afterburner  with  (low  mixing  is  of  interest,  w'hen 
the  cotnbiistioti  process  in  the  latter  is  orgattized 
by  the  traditional  scheme. 


Two  cottibiistion  chattibeis  with  the  s.iiiie 
relattve  length  ol  the  hot  section  (l.|,/ll  const) 
and  approximately  the  same  scheme  ot  the  inter 
combustor  proce.ss  control  were  .selected  to 
compare. 

Fig.  .TIS  and  .1.19  illustrate  the  regions  of 
the  stable  buriiiiig  in  these  cotiibtislion  chambers. 
It  follow's  from  the  data  presented  in  Fig  I.IS 
that  at  T,„„„  77()-S20  K.  -  O.I.s  and  IV'I’„ 

0..S  the  burning  in  afterburner  is  stable  in  the 
range  of  the  air  excess  coefUcient  variation  of  0.9 
<  a  <  (>.7.  The  minimum  value  of  pressure  m 
afterburner,  ;it  which  the  fuel  combiisiioii  is 
possible  under  these  conditions  is  IVP,,  -  0.27  (o 
=  2.0)  |4|. 

Decrease  in  aftei burner  inlet  temperature 
to  1,  =  500  K  leads  to  the  fact  that  ai  Pi/P,,  ~ 
0.5  tile  combustion  is  stable  only  at  a  >  1.2.s  and 
the  minimum  pressure  at  this  temperature  is 
P|/P..  “  0-22  and  corresponds  to  u  -  ."^.O. 

The  r.iiher  complicated  ciii\e.  bouiiding 
the  region  of  the  stable  biiniuig  in  the  .itierburner 
with  obviously  marked  mmimiim.  is  traiisfoi  ined 
for  the  ramjet  combustor  into  a  .straight  line 
ab'we  which  the  biirmng  ts  stable  and  below 
which  It  IS  impossible  (see  Fig.  .TI9). 

.At  the  same  v.ihies  of  T,  .ind  /.  the 
inuiunum  gas  pressure  when  the  coinbiisium  is 
still  possible  IS  much  the  same  in  both 
combustion  chambers.  The  difference  is  m  fact 
ih.il  under  the  muunuuu  gas  pressure  condition 
the  bmning  iii  the  .illeibiirner  is  possil)le  at 
practically  the  s.mie  \,ihie  (/.  where. is  m  the 
rainjel  combustor  il  is  possible  in  a  wide  range  of 
(/  van.ilion. 

Fig.  .T20  compares  the  combustion 
etficieiicy  for  two  considered  schemes  of  the 
combustion  process  organization  in  combustion 
chambers  with  close  rel.itive  length  of  hot  section 
(L|vB)  |5|.  Il  lollows  from  the  diagram  that  it  the 
combustor  inlet  air  temperature  lies  in  the  range 
icpic.il  to  the  afterbiiriiers,  the  combiisiu)n 
efficiency  is  practically  the  same  in  both  schemes. 

Increase  in  (low  temperature  up  to  T,  - 
(170  K  in  the  ramjet  combustor  shgiilly 
indticnccd  the  combustion  efdciency  value  m  it. 
Decrease  in  ramjet  combustor  inlet  air 
temperature  to  T,  =  .160  K  with  a  simultaneous 
reduction  in  fuel  temperature  to  t,  =  -50'’C  led  to 
the  fact  that  the  maximum  combustion  efficiency 
in  It  did  not  e.xceed  the  value  i)  =  0,68. 
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So.  the  use  of  the  developed  sclieiiie  of  the 
cotnbiistion  process  orgiinizution  with  sepiinitioii 
fuel  supply  iillows  to  creute  the  booster-sustiiiuer 
nimjet  combustor  openiliiig  in  more  wide  nui^e 
of  inlet  uir  temperuture  in  compiirison  with 
CvHwbwtoR  d«iimed  to 

scheme. 

Feiitures  of  the  LFRJ  Combustor  Start 

111  conclusion  it  .should  be  siiid  several 
words  iibout  the  feutures  of  the  combustor 
stiirting  in  the  modern  booster-sustuiner  nimjet. 

If  the  nimjet  hus  u  fully-v;iri:ible  nozzle, 
the  combustor  m;iy  be  stiirted  under  the  siime 
conditions  ;is  the  iifterburner  of  modern  turbofans 
and  practically  by  the  same  means.  If  the  ramjet 
is  equipped  with  the  nozzle,  having  a  coiistaiil 
throat  area,  or  two-position  nozzle,  the 
combustor  starting  under  these  conditions 
becomes  a  more  complicated  problem. 

The  point  is  that  in  this  case,  after  the 
boo.ster  engine  jetti.son  and  unfold  of  the 
flameholders  in  their  operating  position,  such  a 
flow  regime  in  the  combustor  is  set  when  the 
flow  velocity  between  the  flameholders  becomes 
equal  to  the  .sonic  one  (X  =  1.0).  The  combustion 
process  .stabilization  with  such  \elocilies  of  the 
flow  ill  the  combustor,  using  hydrocarbon  fuels, 
is  impossible. 

Therefore,  the  special  starting  devices  of  high 
Iwjit  pstwer  with  higlT  Imte  ef  opefatk^n  .are 

used  to  start  the  ramjet  combustor.  In  this  case 
after  switching  on  the  starting  device,  firstly,  the 
gas  flow  in  the  combustor  is  transformed  to  the 
subsonic  one  due  to  heat  release  in  flow  as  a 
result  of  the  fuel  portion  combustion,  delivered  to 
the  combustor,  in  hot  jet  of  the  starting  de\ice. 
Only  thereafter  the  combustor  is  ignited. 


4.  CONTROL  OF  LIQUID  FUEL  RAMJET 
(LFRJ) 

.Solid  propellant  ramrockets  have  limited 
possibilities  of  in-flight  control.  In  comparison 
with  them  liquid  fuel  ramjets  can  be  widely 
controlled.  Control  stages  of  SPRR  in 
comparison  with  LFRJ  are  shown  schematically 
in  Fig.  .T2I. 

Tte  a«u.witk  con(tt>{  siysfem  (ACS)  is  orw 
of  the  basic  components  of  LFRJ  on 
manufacturing  quality  of  which  the  flight 
performance  of  aircraft  depends.  It  is  necessary 
to  provide  the  LFRJ  missile  flight  on  different 


and  rather  complicated  flight  paths  (.see  Fig. 
3.22).  over  the  course  of  which  the  flight  altitude 
and  speed  are  varied  in  a  wide  range.  It  rec|uires 
llie  change  in  wide  ranges  of  flie  engine  iViriisi 
and  fuel  consumption  delivered  to  it  on  ditfercnt 

Hrf  I  Itf  ■cx»Tj  1 1  1 1  u*  ■*  i  luiti  i:|4J*nvl- 

.Tv  K  4  I  Iv  I  n  >1  VI  iiifTiT  t^iTT  1 1  TiFv  1 1 1  v  TiTr  I  l.ll 

depends  on  the  almoNpheric  coiidilions,  they 
must  be  taken  into  consideration  m  controlling 
the  fuel  consumption  ihroiigh  the  engine.  In 
connection  with  the  fact  that  LFRJ  are  used,  as 
a  rule,  on  unmanned  aircraft  the  engine  AC.S 
must  be  algorithmically  integrated  with  the 
aircraft  flight  control  system  to  provide  the 
required  thrust  on  all  the  flight  path  segments. 
In  this  case  both  inter-engine  parameters  and 
also  the  parameters  used  in  the  aircratl  flight 
control  system  are  utilized  to  control  the  fuel 
consumption  through  the  engine  |2|. 

The  necessity  of  rational  using  all  the 
volumes  on  unmanned  aircraft  leads  to  the 
advisability  not  only  of  algorithmic  but  also 
hardware  integration  of  the  engine  ACS  with  the 
flight  control  sy.stem  under  which  all  tlie 
calculations  are  performed  by  the  .same  onboard 
computer  and  only  the  transducers  and  actuators 
are  installed  in  the  engine. 

Target  of  LFRJ  Control 

In  selecimg  the  control  par.mielers  and 
piogr.im,  m  .uKhkon  to  tlie  pvosision  tlte 
required  engine  thrust  on  all  the  flight  p.ith 
segments,  the  mam  task  is  also  provision  of  the 
FeM  tljgiji  vharwtepsiws  of  tUrcraR  on  ’Ul  cJwch 
flight  path,  namely,  the  mo.st  effective  use  of 
su.stain  fuel  reserve.  Besides,  the  LFRJ  control 
ta.sks  involve  the  hmilalion  of  the  engine 
oper.ition  regimes  and  aircraft  flight,  providing 
the  conditions  for  no-failure  operation  of  the 
main  engine  and  aircraft  components.  Among 
such  restriction  are: 

for  the  aircratl 

-  the  minimum  ram  determining  the  possibilities 
of  aircraft  maneuver; 

-  the  maximum  ram  determining  the  loads  on 
aircraft  components  and  elements; 

-  the  maximum  air  stagnation  temperature 
defining  tlie  material  strength  of  the  aircraft 
structure; 

for  the  engine 

-  the  provision  of  adequate  margins  of  fuel 
combustion  stability; 

-  the  provision  of  aileqiiate  margins  ol  intake 
operation  stability  (stall  nuirgin); 

-  Uwf  preveutwili  ui  nrdiicliJJii  itJ  IliglU  Much 
number  below  the  minimum  Mach  number  under 
which  the  flight  becomes  impos.sible  at  all  values 
of  fuel  consumption  and  air  excess  coefficient. 
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The  LFRJ  control  l;i.sks  involve  ;ilso  the 
provision  of  its  reliable  starting. 

The  mentioned  restrictions  of  the  engine 
operation  regime  and  vehicle  llight  determine  the 
boiindaries  of  the  latter  application,  area  in  the 
M-ll  coordinates.  Fig.  3.2.'<  depicts  the 
application  area  of  the  "air-to-siirface"  missile  as 
an  e.xample.  The  left  bottom  of  the  area 
boundary  of  "air-siirface "  missile  application  is 
defined  by  the  minimum  Mach  number.  The  left 
tipper  part  of  the  application  area  boundary  is 
determined  by  the  minimum  ram,  surge 
boundary  of  the  intake,  combustion  instability 
and  again  by  surge  boundary  of  the  intake.  The 
right  upper  part  of  the  application  area  boundary 
is  defined  by  maximally  admissible  slagnativm 
temperature  of  air  flow  and  the  right  Lover  part 
of  tile  boundary  -  by  the  maximally  permissible 
values  of  air  ram. 

The  boundaries  ol  the  vehicle  a|)plic,iiioii 
are. I  depend  on  the  parameters  of  the  vehicle  and 
engine  as  well  as  the  engine  control  piogi.nn 
atmospheric  conditions. 

The  llight  control  program  is  .selected  .so 
that  Mach  number  -  llight  altitude  depeiulencies 
(operating  modes  lines)  were  not  beyond  the 
boundaries  of  the  vehicle  application  are.i  diiniig 
the  whole  llight  for  all  possible  traieclories  .iiivl 
atmospheric  conditions  (see  Fig.  In  this 

case  the  conditions  of  iio-f,nhire  opera’n)ii  ot  .ill 
the  basic  coniponeiits  of  the  engine  aiui  veliicle 
are  provided. 

^riictiire  and  C'onired  L-wps  vT  AC.S 

Fig.  .T24  shows  diagram-scheme  of  the 
ramiet  AC'S.  The  control  system  generally 
involves  the  control  loops  of  fuel  consumption, 
nozzle  thrust  area  and  intake  geometry. 

The  fuel  consimiptioii  control  loop 
performs  all  the  above  mentioned  functions.  Hie 
fuel  consumption  control  loop  is  ni.ide  ,is 
hydraulic  fuel  metering  nml  controlled  In 
electrical  signals  from  the  aircraft  computer. 

The  control  loop  of  the  nozzle  throat  area 
IS  Used  III  the  control  system  to  match  the  intake 
and  engine  operation  regimes  as  well  as  to 
provide  the  adecpiate  margins  of  the  intake 
stability  at  high  thrust  levels  necessary  on  aircraft 
climb  and  acceleration  regimes. 

The  control  loop  of  the  intake  geometry  is 
used  for  improving  the  engine  fuel  efficiency  il  it 


IS  required  to  provide  .1  wide  r.iiige  ol  v.iri.iiion 
in  llight  Mach  number 

The  control  loops  of  the  nozzle  .iiid  ml. ike 
may  be  made  both  with  iininlerriipted  change  of 
its  geometry  and  as  iwo-posilion  ones  -  with 
relay  change  of  the  intake  and  nozzle  geometry 
In  the  first  case  the  aircrall  llight  characlerislics  is 
only  little  more  than  the  aircraft  cliaraclerisiics 
with  relay  control  of  the  nozzle  .iiiil  miake  .M 
the  same  time  m  the  second  c.ise  the  g,i.> 
dynamics  forces  may  be  used  to  move  llojis  of 
the  nozzle  and  intake  lli  u  sigiiilicaiilly  decre.ises 
the  cost.  diiiieiiMoiis  and  weight  ol  the  control 
system  and  makes  it  possible  to  place  some 
additional  quantity  of  the  sustain  fuel  on  boanl 
and  to  improve  the  aircraft  llight  Cli.iracteristics. 

L'siiig  the  conirol  loops  of  the  nozzle  and 
intake  is  more  effective,  the  larger  the  aiicr.ilt 
sizes  (the  nuue  the  fuel  reserve)  and  the  vviiler 
the  r.mge  ot  v.ination  iii  aircrall  .illiltide  and 
speevl. 

I'lg  2.''  gives  as  .III  example  llie  elleci  of 
the  nozzle  control  introduction  on  the  tliglit 
char.icteristics  of  the  'an -surface"  missile.  C  urve 
I  shows  the  missile  llight  range  -  launch  .illitiide 
dependence  only  with  the  fuel  coiisiiniption 
conirol  according  to  the  program 

C.,  ^  f(l\,„,  ,\|). 

Curve  2  in  Fig.  .f2.'s  illiistr.iies  the  similar 
dependence  with  llie  liiel  ctuisuinplioii  conirol 
.ind  iwo-posiiion  conirol  of  llie  nozzle  acconling 
to  the  prog rani 

^’1  *1*  '^11' 

A’  =  1,(11.  .M) 

Curve  .t  III  Fig  .V2.s  displays  the  missile 
(light  range  with  the  fuel  consiimptioii  control 
and  two-position  control  of  the  nozzle  and  intake 
.iccording  to  |iiugr.ini 

Ci|-  f,(P,„,  M.  A*) 

A*  =  f^lM.  M) 

A,„  =  f^M.ri  ) 

It  is  seen  that  the  llight  range,  depending 
on  a  launch  altitude,  with  the  introcliictioii  of  the 
two-position  nozzle  conirol  increases  by  40-68% 
and  with  the  introduction  of  the  intake  control 
loop  -  by  13  - 17%  more. 
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To  provide  high  flight  iiircrah 
characteristics  with  sufficiently  reliable  operation 
of  all  the  main  airframe  and  engine  components, 
it  is  necessary  very  carefully  to  select  the 
command  parameters  and  to  optimi^e  the  engine 
control  program.  The  engine  control  program  is 
to  be  optimized  in  close  mutual  trade-off  with 
the  selection  of  the  aircraO  Hight  control 
program.  Developed  for  this  purpose  are  the 
characicri.siics  calculation  program  complex  of 
the  engine  and  aircraft  as  a  whole  and  also  a 
number  of  service  and  auxiliary  programs, 
facilitating  significantly  and  reducing  process  and 
tune  of  Tile  toiiTiol  piogiam  optimization 
respectively. 

During  the  optimization  of  the  aircraft 
ftiglii  and  engine  tonirol  programs  The  command 
signals  ACS  parameters  are  selected  in  .such  a 
way  as  to  provide  rather  wide  area  of  aircraft 
application,  covering  all  the  required  regimes  of 
its  flight,  including  the  most  economic  ones  and 
at  the  .same  time  to  obtain  such  thrust-economic 
engine  characteristics  which  permit  the  flight  to 
be  made  along  the  all  check  paths  (see  Fig.  .T23). 

The  complex  selection  method  of  the 
program  of  the  ramjet  and  vehicle  llight  control 
permits  all  the  possibilities  of  the  engine  and 
vehicle  to  be  used  and  .so  to  improve  the  llighi 
characteristics  of  vehicles  with  LFRJ.  Besides,  the 
developed  method  makes  it  possible  to  select 
such  directions  of  works  on  the  main  engine  and 
vehicle  components  that  will  lead  to  the 
maximum  improvement  of  the  (light 
characteristics  of  vehicles  with  LFRJ.  The 
calculations  show  that  the  llight  characteristics  of 
the  modern  vehicles  with  LFRJ  may  be  improved 
by  a  factor  of  2-3  as  a  result  optimizing  the 
characteristics  of  the  main  engine  and  vehicle 
components  as  well  as  the  progratn  of  the  engine 
and  (light  control. 

CONCLUDING  REMARKS 

The  integral  licpiid  fuel  ramjets  are  the 
most  promising  propulsion  for  missiles  of  quite 
big  size  and  long  distance  (light  because  of  their 
exclusive  energetic  effectiveness  and  compactness. 
In  comparison  with  SR  missiles,  which  thrust 
values  are  permanent  during  the  (light,  the  thrust 
of  liquid  fuel  ramjets  is  depend  on  airtlovv,  i  e. 
velocity  and  altitude,  and  on  fuel,  i.e.  control 
system  and  on  intake/nozzle  control,  and  can 
therefore  chatige  in  wide  range  iitider  required 
flight  conditions. 

So  LFRJ-tnissiles  are  very  effective  on  low- 
altitiide  trajectories,  on  high  altitude  and  on 
trajectories  of  combined  type.  Bectntse  of  thrust 


control  (lexibility  the  LFRJ-missiles  has  bigger 
mean  trajectories  speed  then  the  SR  missiles. 

As  the  rather  new  propulsion  the  liquid  fuel 
ramjets  this  .system  has  iniitiy  possibilities  of 
I'uture  development:  fuel  energetic,  more  etCective 
control  system  modes,  new  materials  and  light 
structure,  improved  e.xteriial  gas  dynamics. 

Many  succe.s.sfully  acting  in  .service  LFRJ- 
missiles  .show  ihiit  udvantages. 
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Fig.  3.3.  Tlie  LFRJ  and  booster  integration  main  features. 


Fig.  3.4.  Tlie  view  of  LFRJ  combustion  chamber  (the  folding  fuel  manifolds  and  stabilizators,  and  variable 

nozzle  are  seen). 
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Fig.  3.11.  Combustor  start  mimerical  simulations 

a)  Time  evolution  of  air  excess  coefllcienl 

curve  (1)  -  quasi-steady  approximation; 

curve  (2)  -  unsteady  process; 
curve  (3)  -  stable  combustion  boundary; 

b)  Fuel  weight  flow  along  the  missile  trajectory 

curve  (1)  -  optimal  regime; 

(2)  -  the  fuel  weight  flow,  governed  by  automatic  control  system; 
curve  (3)  -  combuster  restart. 
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Fig. 


l.v  F-xperinieiitiil  dependence  of  ;iir  excess  coefficient  in  recirciiliition  /.one  on  fuel  v;ipoiiz;ilion  level 


Fig.  3.16.  Scheme  of  combustor  of  the  nunjet  integrated  with  a  boo.ster. 
a  -  before  booster  ejection,  b  -  after  booster  ejection; 

1  -  flameholders,  2  -  booster  engine. 
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Fig.  3.iy.  The  boundaries  of  stable  combustion  region  in  ramjet  combustor. 
O  -  T,  =  .SOO  K.  X=  0.14  -  0.15; 

□  -  T,  =  360  K,  1  ■-=  0.1.5  -  0,16. 


\\\  -  afterburners,  L^B  =  10.5,  T,  =600  -  8.50  K,  P,  =  70  -  100  kPa,  X  =  0.15. 

Ramjet  combustor.  L,yB  =  9.5, 


O  -  T,  =  990  K.  P,  =  65  kPa,  X  =  0. 17  -  0.22; 
•  -  T,  =  1 170  K.  P,  =  60  kPa,  X  =  0.25; 

0  -  T,  =  700  K.  P,  =  50  -  60  kPa.  X  =  0.2; 

A  -  T,  =  360  K,  P,  =  300  kPa,  X  =  0.2. 


relative  range 

Fig.  3.2.\  Dependence  of  :iir-.siirfiice  ini.s.sile  flight  of  the  ramjet  control  complication,  by  different  start 

height. 

I.  Fuel  flow  control. 

2.  Fiiel+nozzle  control. 

3.  Fiiel+nozzle+intake  control. 
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SUMMARY 

Tlie  peculiarities  of  H2  ramjet  turboramjet 
high  efficiency  ram  combustors  are  discussed, 
which  include  some  special  questions,  such  as: 

-  t1ame  stabilization  behind  nozzle  edge; 

-  increase  of  number  of  nozzles  and  ram 
combustor  length  reduction; 

-  separate  combustion  without  mixing  of  llames; 

-  uniform  spread  of  fuel  and  air  in  chamber 
section; 

-  the  experiment  on  model  burner  series; 

-  methods  of  elTective  Hi  combustion  in  short 
combustor. 

NOMENCLATURE 

A  -  area; 

d  -  diameter; 

G  -  mass  flow; 

L  -  length; 

M  -  Mach  number: 

N  -  number  of  nozzles; 

P  -  pressure; 

S  -  distance  between  nozzles; 

T  -  temperature; 

W  -  speed; 

-  equivalence  fuel/air  ratio; 

5  -  nozzle  edge  thickness; 

q  -  fuel  combustion  completeness; 

p  -  density. 

INDICES 

a  -  air; 

b  -  combustor,  combustion; 

f  -  fuel; 

fl  -  flame; 

n  -  nozzle. 

ABBREVIATION 

A  -  air; 

AB  -  afterburner; 

ABE  -  air-breathing  engine; 

B  -  combustor; 

C  -  compressor; 

F  -  fan; 

FV  -  flying  vehicle; 


GH2  -  ga.seous  hydrogen; 

GH2  T  -  gas  (vapour)  hydrogen  turbine; 

HE  -  heal  exchanger; 

LA  -  liquid  air; 

LH2  -  liquid  hydrogen; 

P  -  pump; 

R  -  reduction  gearbox; 

T  -  turbine; 

TF  -  turbofaii; 

TJ  -  turbojet; 

TR  -  turborocket  engine. 

INTRODUCTION 

Unique  properties  of  hydrogen  allow  to 
study  and  develop  a  great  number  of  new  types 
of  engines  with  complex  thermodynamic  cycles 
having  a  substantially  better  characteristics  and 
parameters  in  comparison  with  the  conventional 
gas  turbine  engines, 

These  unique  properties  of  hydrogen  enable 
to  significantly  improve  the  parameters  and 
characteristics  of  the  air-breathing  engines: 

-  to  increase  tlie  specific  thriisi  (per  I  kg/s  of 
air  flow)  by  1.5  -  2.0  times; 

-  to  increase  the  specific  impulse  at  maximal 
thrust  by  1.2  -  1.5  times; 

-  to  increase  thrust/weight  ratio  by  1.5  -  2.0 
times; 

-  to  increa.se  the  maximum  speed  use  of  the  gas 
turbine  engine  bv  using  of  cooling  capacity  of 
LHi  till  M,„,,  =  ’5-7. 

These  advantages  are  gained  in  different 
types  of  the  LH2  -  ABE.  At  pre.seiit  in  different 
countries  and  companies  there  is  under  way  an 
extensive  work  for  searching  of  the  optimal  typer- 
of  the  LH2  -  air-breathing  engines  suitable  for 
the  initial  acceleration  phase  of  the  aerospace 
system  -  the  third  generation  of  space  vehicles. 
This  significant  theme  is  not  a  main  subject  of 
that  report.  Therefore  one  may  confine  to  the 
demoastration  of  .some  ABE  proposed  by  a 
number  of  engineers  and  companies  and  using 
the  cooling  and  energy  capacity  of  the  hydrogen 
or  both  these  properties  (Fig.  4.1).  Morphological 
research  by  Zwicky  |l|  shows  that  such  types  of 
the  LH2  -  ABE  can  be  more  than  10000.  Using 
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the  liquid  oxygen  if  it  is  abroad  permits 
additionally  to  improve  thrust  and  weight  of  the 
turborocket  engines. 

All  of  LH2  -  ABE,  which  are  developed  for 
high  Mach  numbers  flight  veliicle,  have  relieai  or 
ram  combustor  chamber  (for  example, 
turboramjet  engine  for  Zdnger).  The  operational 
behaviour  of  H2  combustion  chamber  is 
significantly  differ  from  ram  combustors,  using 
liquid  or  .solid  fuels. 

I.  MAIN  PROBLEMS 

There  are  considered  ABE  designed  for 
subsonic  and  supersonic  FV.  The  special 
problems  for  scramjet  are  not  discussed  further. 

Liquid  hydrogen  in  tanks  as  a  result  of 
cooling  of  hot  engine  components  or  in  special 
heat  exchangers  must  be  gasified  and  enters  tlte 
combustion  chamber  as  a  gaseous  state. 

The  experiments  shows  that  the  effective 
burning  of  the  hydrogen  in  the  primary 
combustion  chambers  of  the  gas  turbine  engines 
(ahead  of  the  turbine)  presented  no  special 
pfoWeiHs:  if  is  necessary  lo  Utcfc.Hw  fhe  ;w  sHpt^fy 
to  the  primary  zone  of  the  chamber  and  to 
ensure  an  intensive  mixture  of  the  hydrogen  with 
the  air,  for  example,  with  the  help  of  the  .swirling 
of  these  component  flows  in  the  injectors  and 
combu.stor  domes. 

A  wide  range  of  problems  is  po.sed  while 
burning  the  hydrogen  in  the  reheat  and  ramjet 
direct-flow  combustion  chambers  of  a  small 
length  (Fig.  4.2).  Such  combustors  are  specific  to 
reheated  turbojet  and  turbofan  engines  and  also 
to  high-speed  ramjet,  turboramjet  and 
turborocket  engines  with  .subsonic  speed  of  the 
air  and  the  gas  in  the  ram  combustors.  In  such 
chambers  there  occurs  the  diffusion  combustion 
of  the  hydrogen  flowing  out  of  many  nozzles  as 
opposed  to  the  burning  of  the  homogenized 
mixture  of  the  kerosene  with  the  air  in  the 
conventional  combustion  chambei-s. 

Research  series  of  the  burning  of  the 
hydrogen  in  such  combustors  carried  out  in 
ClAM  by  the  author  together  with  collaboratoi-s 
|2,  3,  4,  5|  found  out  the  conditions  the 
hydrogen  flame  .stabilization  at  the  nozzles  and 
also  the  pos.sibilities  of  nozzle  number  increase  to 
reduce  the  combustor  length  in  the  event  of 
isolated  combustion  without  confluence  of 
flames.  While  meeting  these  conditions  the  reheat 
and  ramjet  combustion  chamber  using  the 
hydrogen  can  be  made  2  -  2.5  times  as  short  as  a 
combustor  using  the  kerosene. 


2.STABILIZAT10N  OF  THE  HYDROGEN 
FLAMES 

The  first  problem  is  a  stabilization  of  the 
hydrogen  flames  at  the  nozzles  (Fig.  4.3).  The 
experiments  in  the  open  air  flow  showed  that  the 
nozzles  must  have  a  sufficient  edge  thickness  to 
realize  the  condition  of  the  flame  .stabilization  in 
the  recirculation  zone  (RZ)  behind  the  edges, 
namely  the  time  of  air-fuel  mixture  staying  in  it 
must  be  more  than  the  time  of  burning.  Obtained 
in  the  experiment  the  relationship  generalized  m 
correlating  parameters,  shows  that  .stability  of  the 
hydrogen  diffusion  flame  is  well  above  than  of 
methane  flame.  Received  dependencies  allow  to 
select  the  required  area  ratio  of  the  fuel  nozzles 
and  its  edges  thickness  to  obtain  the  stabilization 
of  the  hydrogen  flame  in  the  required  operating 
range. 

3.  RELATIVE  HYDROGEN  FLAME  LENGTH 

There  are  examined  the  variations  of  the 
relative  hydrogen  flame  length  L|,/d|,  from  the 
.speed  ratio  of  ihe  air  to  fuel  W^/W,  in  the  open 
air  flow  (Fig  4.4).'W)ien  the  nozzle  edge 
thickness  is  equal  to  0.  the  maximum  flame 
(englli  is  I'lfm-rvril  folluaiUl  (Itr  tlleOry  i^l  fi  N 
Abramovich  |(>1  at  W_,/W,  =  I.  With  the  linite 
nozzle  edge  thickness  the  flame  length  decreases 
continually  with  the  air  speed  increasing  that  is 
related  to  more  intensive  hydrogen  burning  in  the 
recirculation  zones.  The  rate  of  decreasing  in  the 
flame  length  growth  with  the  relative  edge 
thickness  increasing. 

One  can  obtain  Ihe  generalized  relaiionship 
of  the  relative  flame  length  on  the  complex 
parameter  involving  the  speeds  and  densities  ratio 
of  air  and  fuel  at  the  finite  nozzle  edge  thickness 
(in  Fig.  4.4  below,  left). 

4.  FUEL  NOZZLE  NUMBER 

It  is  known  |2|  the  idea  about  the  diffusion 
flame  reduction  with  fuel  nozzle  number 
increa.sing.  In  this  ca.se  at  the  same  fuel  flow  the 

flame  length  L„  as  against  that  of  a  single  flame 
* 

L|,  decreases  with 

1-11 <'» 
where  N„  -  is  a  nozzle  number  (Fig  4.4.  right). 

This  dependencies  used  for  de.signing  the 
combu.stion  chambers.  However,  nozzles  in 
pylons  must  be  located  so  that  the  flames  did  not 
interact  with  each  other  and  did  not  confluent 
into  one  common  flame  (Fig.  4.5). 
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The  minimal  critical  distance  between 
nozzle  axes  S*  was  determined  by  experiment. 
This  distance  decrea.se  with  increasing  of  the 
relative  air  speed  and  the  nozzle  edge  area. 

5.  HYDROGEN  COMBUSTION  CHAMBER- 
NOZZLE  SYSTEMS 

In  Fig.  4.6  are  given  the  results  of  the 
experiment  on  a  model  burner  having  some 
lateral  fuel  manifolds  located  in  one  plane  or 
separately,  Tlie  number  of  the  nozzles  in  the 
manifolds  is  varied  as  well  as  an  inclination  of 
their  a.xes.  Spacing  between  the  nozzles  met  the 
requirements  S  >  S*.  The  separate  disposition  of 
manifolds  with  an  axial  fuel  feed  proved  to  be 
best  in  combustion  efficiency  and  hydraulic 
resistance  (burner  3). 

In  accordance  with  the  relationship  (I)  one 
may  introduce  the  concept  of  the  equivalent 

relative  length  of  multi-nozzle  chamber  Lj,.  This 

length  resembles  the  relative  one  of  a  single 
nozzle  chamber  of  the  same  length  L|,  and 
diameter  d^^.^  |2|  in  the  combustion  efficiency 


By  means  of  the  parameter  Lj,  one  can  compare 
the  chambers  with  different  nozzle  number  .such 
that  can  be  varied  both  by  chamber  length  L^, 
or  the  nozzle  number  N„. 

The  combustion  efficiency  n.  derived  from 
the  heat  combustion  Hu,  depends  on  the 
equivalent  chamber  length  and  fuel-air  ratio  |5. 
One  may  select  on  the  basis  of  the  experimental 
data  the  type  of  the  function  ffiJ)  at  which  the 

parameter  Z  --  L,^  f((i)  will  define  a  unique 

fashion  of  the  combtistion  elTiciency  q.  The 
function  f((5)  has  a  different  form  at  (3  <  I  (air 
excess)  and  |i  >  1  (fuel  excess).  Obtained  in  such 
a  way  the  generalized  relationship  of  burning 
completeness  of  hydrogen  (Fig.  4.6)  enables  to 
estimate  by  calculation  the  combustion  efficiency 
characteri.stic  at  a  different  number  of  the  nozzles 

or  chamber  length,  namely  at  =  var  (Fig.  4.6 

on  the  right).  Here  is  shown  the  combustion 
efficiency  q,  determined  from  the  maximally 
po.ssible  heat  generation,  therefore  at  p  <  1:  q*  = 
q  (left  part),  and  at  p  >  I:  q*  =  qp  (right  part). 

These  data  show  the  possibility  to  achieve 
very  high  Hj  combustion  efficiency.  In  the  usual 


operation  region  p  =  L,,G|/Gy  =  0.2  -  1.0  by 
using  the  special  nozzle  devices  with  great 
number  of  nozzles  i.e.  by  long  equiviileni  relative 
combustor  chamber  (2)  the  experimentally 
achieved  value  of  q  were  0.9  -  0.99  in  an 
absolutely  short  combustion  chamber. 

CONCLUSION 

The  results  of  investigation  of  hydrogen 
combustion  chamber  give  us  the  methodology  of 
developing  a  short  combustion  chambers 
(decreasing  of  length  more  than  two  limes)  with 
.stable  operation  in  wide  region  of  fuel/an  ratio, 
the  pos.sibility  of  developing  of  CDF-codes  and 
design  engine  with  hydrogen  ram  combustor. 
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Fig.  4.1.  New  types  of  LH2  air-breathing  engines. 

1-  TJ  with  precooling;  2  -  TJ  with  intercooling;  3  -  liquid  rocket  engine  whith  air  liquefaction;  4  - 
turborocket  engine  (TR)  with  a  gaseous  hydrogen  turbune  GH2T;  5  -  TJ  with  GH2T;  6  -  TF  with  the 
GH2T;  7  -  TF  with  the  intercooling  and  GH2T;  8  -  TR  with  precooling;  9  -  TR  with  air  liquefaction. 


#  JP  -  homogenized  mixture  combustion 

#  H2  -  gaseous  fuel  diffusion  combustion 

Problems 

-  flame  stabilization  behind  nozzles  edge 
>  ignition  and  flame  spread  in  all  nozzles 

-  increase  of  number  of  nozzles  and  reheat  chamber 
length  reduction 

-  separate  combustion  without  mixing  of  flames 

-  even  spread  of  fuel  and  air  in  chamber  section 

Fig.  4.2.  Implementing  the  burning  in  reheating  and  ramjet  combustion  chamber. 
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Recirculation  zona  (RZ) 


Stabilization: 

ot  Bjaying  in  RZ  ^  ^ 
time  of  burning 


Hydrogen: 


Reliable  stabilization 
of  burning  on  edges 

Broad  range  of 
burning  without 
flameout 

Selection  of  required 
nozzles  edge 
thickness 


Fig.  4.3.  Hydrogen  flame  stabilization. 


Fig.  4.4.  Hydrogen  flame  length  in  an  open  air  flow. 
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ABSTRACT 

m 

-  bypass  ratio. 

N 

-  RPM. 

In  this  report  some  results  of  the  TRE  operating  process 

P 

-  pressure. 

including 

those  performed  on  specially  developed 

Pa 

-  ambient  air  pressure. 

demonstrator  engines  are  considered.  Essential  technical 

PS 

-  propulsion  system. 

requirements  and  design  features  of  the  experimental  TRF 

PRC 

-  compressor  pressure  ratio. 

designed  and  developed  at  CIAM  for  investigatory  .study 

q 

•  dynamic  pressure. 

on  a  test  bench  arc  shown.  Te,st  facilities  for  experimental 

RJ 

-  ramjet  engine. 

investigations  of  TRE  in  ''connected  tube"  manner  and 

R 

-  gas  specific  work. 

experimental  work  technology  features  arc  presented. 

SFC 

-  specific  fuel  consumption. 

Some  re.sults  of  the  CIAM  TRE  experimental  study 

Sin 

-  intake  recovery  coefficient. 

including 

engine  parameters  on  changing  to  ramjet 

T 

•  temperature.  K. 

operation 

mode  variation,  working  parameters  in  the 

T 

-  engine  thrust. 

windmilling  (ramjet)  mosic  of  operation,  and  tlow 

Ta 

-  ambient  air  temperature. 

characteri.stics  in  the  afterburner-ramjet  combu.stion 

t 

-  time. 

chamber 

are  shown.  A  TRE  based  on  TF  parts 

TF 

•  turbofan  engine. 

characteristics  matching  on  changing  to  ramjet  operation 

TFRJ 

-  turboramjet  with  TF  as  a  core. 

mode  and 

engine  working  parameter  variations  when 

TFRJs 

-  TRE  with  TF  as  a  core 

going  to  windmilling  in  the  ramjet  mode  are  di.scu.sscd. 

bypa.ss  ARCC. 

TJ 

-  turbojet  engine. 

TRE 

-  turboramjet  engine. 

NOMENCLATURE  AND  ABBREVIATIONS 

TRJ 

-  TRE  with  TJ  as  a  core. 

TRJs 

-  TRE  with  TJ  as  a  core 

A 

-  area. 

bypass  RJ  combu.stion  chamber. 

Ard 

-  TRJ  outer  duct  area. 

Vx 

-  flow  velocity  at  ARCC  inlet. 

ABE 

-  air-breathing  engine. 

-  mass  airflow. 

ARCC 

-  augmented-ramjet  combustion  chamber. 

a 

-  air  -  to  -  fuel  stoichiometry  ratio 

SUBSCRIPT 

coefficient. 

m 

a 

-  ambient  air. 

b  = - 

-  relative  airflow 

c 

-  compressor. 

m-i-1 

in  RJ  duct  or  TF  outer  duct. 

col 

-  cooling  .system,  air. 

cor 

-  corrected  parameters. 

C 

-  flow  absolute  velocity  in  comprcs.sor  or 

ex 

-  exit. 

turbine  flowpath. 

f 

-  fan. 

FV 

-  flight  vehicle. 

g 

-  gas.  turbine  inlet. 

fin 

-ratio  of  free  stream  cro.ss  .section  area  toi 

in 

-  intake,  inlet. 

inlet  area. 

m 

-  mean  value. 

k 

-  adiabatic  exponent. 

n 

-  no/zle. 

M 

-  Mach  number. 

oil 

-  oil. 

Mx 

-  flow  M  at  the  ARCC  inlet. 

r 

-  ARCC.  reheat. 

Presented  at  an  AGARD  Lecture  Series  on  'Research  and  Development  of  RamJScramjets  and  Turboramjets  in  Russia’,  December 
IW3  to  January  /^W. 
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rd  -  Ram  duct, 

s  -  screen, 

t  -  total  parameters, 

u  -  tangential  component. 

V  -  flight  conditions, 

w  -  windmilling  mode. 

X  -  ARCC  inlet. 

0  -  sea  level  static  conditions. 

♦  -  throat;  critical 
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.Scientist.  Head  of  Department.  ***)  Dr..  Senior  Scientist. 

parameters. 


INTRODUCTION 

In  the  second  half  of  the  fifties  in  connection  with  the 
successful  launch  of  the  first  Earth  satellite  there  was  a 
significant  growth  of  interest  in  advanced  high  .supersonic 
and  hypersonic  flight  technology.  CIAM  began 
fundamental  studies  of  combined  ABE  whose  operation 
process  is  based  es.scnlially  on  evolution  of  the  concept  of 
the  bypass  engine  with  reference  to  flight  conditions  at 
high  supersonic  speeds.  At  the  same  time  the  foundation 
of  their  theory  was  laid. 

Studies  were  conducted  on  a  variety  of  TRE  tynes  based 
on  TJ  and  TF  as  a  core  and  useful  fclds  of  application 
were  determined.  For  the  first  time,  methods  of  engine 
configuration  selection  were  determined,' which  is  es.seniial 
in  the  case  of  the  TRE  for  optimum  matching  of  the 
parameters  of  gas  gas  turbine  and  ramjets.  A  theory  of 
TRE  operation  was  developed  when  .switching  from  one 
operation  mode  to  another,  operation  in  ramjet  mode  at 
maximum  flight  speed  under  conditions  of  high  kinetic 
heating,  including  the  modes  with  turbofan 
(lurbocompre.ssor)  windmilling.  The  exten-sive  theoretical 
research  into  turboramjet  performances,  structures  and 
application  possibilities  was  carried  out  before 
experimental  work  began. 

Bench  te.sts  of  experimental  full-scale  turboramjets  were 
carried  out  at  CIAM  in  the  70-s  11).  For  experimental 
work  the  TRE  types  on  the  basis  of  TJ  (with  common 
ARCC)  and  TF  (Fig.l)  were  chosen. 

Investigations  into  real  operation  and  performance  of  the 
TRE  were  conducted  within  the  programme  of 
development,  together  with  test  bench  studies  of  several 
versions  of  full-scale  TRE  demon.strators.  created  in 
production  TJ's.  There  were  studied  Performances  on 
switching  for  various  operation  modes,  in  the  ramjet 
mcHle.  with  cooling  of  the  heat  stressed  components;  also 
studied  were  the  operation  conditions  of  rotor  supports 
etc.  For  the  first  time  tests  were  conducted  on  an 
experimental  TRJ  under  simulated  flight  conditions  at  M 
=  3  -  t  (Tin  =  30()  -  600  C)  over  a  long  period  (.several 
hours)  1 1 ). 

All  these  investigations  were  intended  for  development  of 
a  crui.se  mission  FV  using  kerosene.  However,  the  re.sulls 
obtained  and  the  Russian  experience  of  liquid  hydrogen 
u.se  (2|  open  up  po.s.sibilitie.s  for  development  of  TRE  for 
FV  using  liquid  hydrogen  as  fuel. 

Experimental  demonstrator  engine  inve.stigations  are  part 
of  an  advanced  power  plant  design  methodology  created 
in  CIAM  -  the  national  scientific  centre  of  the  engine 
industry.  CIAM  carries  out  scientific  supervision  of  the 
work  conducted  in  engine  and  accessories  design  bureaus 
and  related  research  institutes  (1).  The  principle  of  this 
mcthtxlology.  which  assumes  stage-by-stage  development. 
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consists  of  building  a  scicnlinc-lcchnical  base  prior  to  the 
engine  development  phase.  This  principle  includes 
development  of  new  construction  materials  and 
technologies,  design  and  te.sting  methods,  design  and 
development  of  experimental  parts,  components,  gas 
generators,  engines  with  gas-dynamic,  duration  and  cyclic 
te.sting.  Although  this  initial  phase  is  characlcri/,cd  by 
relatively  low  costs  with  respect  to  the  total  programme  it 
is  however  very  important  in  providing  new  engine  high 
quality  and  efficiency  (Fig.2).  Application  of  the 
methodology  favours  aircraft  and  engine  development 
matching. 

CIAM  has  the  largest  rigs  to  investigate  engines  and  their 
components  in  altitude  conditions.  The  unique 
cx|ierimental  base  of  CIAM  allows  performance  of 
comprehensive  tests  of  engines  of  practically  any  thrust 
and  power. 

As  an  example  of  an  up-to-date  powerful  facility  for 
investigation  of  supersonic  engines  there  is  an  altitude 
facility  with  a  multimiKle  generator  of  flow  disturbances 
at  engine  entry,  an  automated  system  for  monitoring 
experriiental  prenresses.  up-to-date  means  of  data 
processing  (Fig.3).  which  enable  the  investigation  of 
iion-uniform  flow  effects  on  engine  performance  under 
conditions  closest  to  those  in  Might  at  steady-state  and 
transient  regimes.  Tlte  facility  imitates  the  flight  dynamic 
conditions  along  the  trajectory,  simulating  non-uniformity 
of  pressure  distributions  and  pulsations  at  engine  entry 
which  correspond  to  inlet  operation  at  different  angles  of 
attack  and  slip  |.3|. 

.Some  results  of  the  TRE  operating  process  experimental 
investigations  are  presented  below  |4,.3.  6.7.10). 

1.  E.XFERIMENTAI.  TUK  BORAMJET.S  AND 
.SIMX  lAI.IZF.D  TE.ST  C'lX.l. 


Investigations  into  real  operation  and  |X’rformance  of  the 
TRE  were  conducted  at  CIAM  as  part  of  the  programme 
of  develo|iment  and  test  bench  studies  of  several  versions 
ol  lull-scale  TRE  demonstrators,  based  on  pnxiuclion  TJ's 
and  their  parts.  Tlie  ex  perimenial  TRJ  was  developed  on 
the  basis  of  two  TJ  and  AB  engines  of  the  R- 11 -.300 
family  lFig.4)  (.S). 

To  provide  a  simple  solution  to  the  |)roblems  of  maintain 
ability,  service,  preparation,  manufacturing,  and 
controlling  the  unified  ram-duct  with  a  sliut-off  device 
with  remoted  control  was  used.  'Ilie  ram-duct  consists  of 
Iront  and  back  manifolds  and  four  connecting  side  tubes; 
replaceable  after-turbine  no/./.les  which  provided  different 
exit  turbine  areas  were  used  (Fig..S). 


During  the  TRJ  heat  state  problems  study  the  ARCC  was 
equipped  with  a  perforated  screen  along  its  length,  a 
distribution  sy.stem  of  manifold  fuel  supply  and  a  separate 
air  cooling  system.  This  cooling  system  could  provide 
variable  parameters  of  cooling  air  (Wcol,  Pcol,  Tcol)  In 
the  cooling  duct  i.c.  into  the  space  between  the  external 
case  and  the  perforated  screen  of  ARCC.  The  bearing 
supports  of  TRJ  were  reconstructed  too.  To  provide 
operability  of  engine  transmission,  thermo-protective 
screens  were  located  over  support  cases.  Air  cooling 
system  with  variable  parameters  (Wcol,  Pcol.  Tcol)  and  oil 
system  with  variable  oil  feed  were  used  for  bearing 
support  cooling. 

The  main  goals  of  the  experimental  research  were  as 
follows: 

-  complex  .study  of  operation  process; 

-  afterburning  ramjet  combustor  operation; 

-  engine  switching  modes  and  operation  stability; 

-  windmilling  and  ramjet  operation  mode  characteris-  tics; 

-  pa.ssage  hydraulic  characteri.stics; 

-  power  output  possibilities; 

-  ramjet  combustor  and  no/./le  cooling  at  M  =  3..S-4.5: 

-  cooling  system  impact  on  operating  parameters; 

-  .structure  heat  state  and  transmission  operability. 

Te.sis  on  experimental  TRE  engines  were  conducted  at  the 
facility  with  an  attached  air  pipeline,  with  the  air 
parameters  behind  the  inlet  reproduced  at  the  engine  entry 
(Fig.6).  Tlic  maximum  entry  air  temperature  realised  at  the 
facility  corresponds  to  approximately  M  =  .S.  It  is 
provided  by  heat  exchanger  and  Marne  heaters  (with 
recovery  of  normal  air  composition  by  oxygen 
replenishment)  and.  in  ca.se  of  need,  may  be  incrca.scd. 
Air  pressure  at  entry  reaches  9(X)  kPa.  The  facility  has 
several  hundred  channels  for  temperature  and  prc.s.surc 
measuring  in  sialic  and  dynamic  modes.  The  facility 
dimensirms  allow  testing  of  any  current  supersonic  engine. 
Tliis  cell  was  also  equipped  with  an  injector  exhaust 
sy.stem.  Tlie  lest  facility  was  equipped  with  separate 
controlled  air  cooling  and  oil  systems. 

Ihc  parameters  of  air  flow  at  the  engine  inlet  were 
changed  in  the  range: 

-  Ptin  =  0.1. ..0.2  MPa. 

-  Ttin  =  270  -  9(X)  K. 

Tlie  variable  parameters  of  cooling  air  for  ARCC  cooling 
were  changed  in  the  range: 

-  Ticol  =  4(X)...9(X)  K. 

-  Ptcol/Ptr  =  0.9 .S...  1.40. 

-  Wcol/Wxin  =  0.()3...().23. 
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The  bearing  cooling  air  pressure  was  varied  in  range  up 
to  0.3  MPa  and  oil  pressure  on  entrance  to  bearing 
supports  was  changed  in  the  range; 

•  Foil  »  0.16...0.22  MPa. 

The  air  mass  flows  through  ram-duct  and  ARCC  cooling 
air  tube  were  controlled  by  changing  the  shut-off  device 
damper  angles.  During  the  experimental  investigations 
measuredthe  following  parameters  : 

-  total  and  static  pressures  and  total  temperature  at  the 
engine  inlet; 

-  total/static  pressures  and  total  temperature  at  the 
compressor  inlet  and  outlet,  at  the  turbine  outlet: 

-  total  and  static  pressures  in  the  ARCC  and  in  ARCC 
cooling  duct; 

-  total  and  static  pressures  in  the  ram  duct; 

■  total  and  static  pressures  and  temperature  at  the  outlet 
section  of  both  engine  parts  ducts; 

•  total  temperatures  in  both  the  ARCC  and  the  cooling  air 
streams; 

-  wall  temperature  of  perforated  screen  along  its  length; 

•  cooling  air  flows  through  both  the  cooling  duct  and  the 
bearing  supports; 

-  temperatures  of  bearing  support  cases; 

•  cooling  air  temperatures  at  entrance  and  exit  of  supports; 

•  oil  temperatures  at  entrance  and  exit  of  supports; 

•  oil  flow  through  bearing  supports; 

•  engine  rotational  speed  and  some  other  parameters. 

The  layout  of  the  engine  and  ARCC  preparation  is  shown 
in  Fig.6.  Engine  continuous  operation  time  at  M  =4...4..S 
was  about  3  hours. 


1  THE  EXPERIMENTAL  INVESTIGATIONS  (.'F  TRJ 
TRANSITION  TO  RAMJET  MODE 


The  transition  from  gasturbine  to  ramjet  mcKle  (also 
windmilling  mode)  is  of  great  interest  for  TRJ.  Tlie  first 
pan  of  te.sts  were  directed  just  to  the.se  mrxles  |6|.  Some 
results  of  these  investigations  will  be  discussed.  The 
rational  value  of  flight  speed  for  transition  to  ramjet  mode 
depends  on  the  design  operating  parameters,  the  TJ 
control  mode  and  the  size  correlation  between  typical 
propulsion  system  duct  areas.  The  tran.sitinn  Mach  number 
is  usually  in  the  range  2.5  -  3.5  |8|. 

The  working  lines  on  the  conipre.s.sor  map  for  different 
nuHles  of  operation  are  .shown  on  Fig.7.  The  gasturbine 
miKle  corresponds  to  the  curve  A.  The  joint  operation  of 
TJ  and  RJ  is  realized  in  the  transition  mode.  In  these 
conditions  the  pressure  behind  the  turbine  is  greater  than 
that  at  the  ram-duct  entrance.  If  the  shut-off  device  open.s. 
the  control  system  of  TRJ  mu.st  respond  in  .such  a  way 


that  stable  operation  of  the  inlet  and  the  engine  is  ensured 
(41. 

The  RJ  starting  mode  corresponds  to  zero  air  flow  through 
the  ram-duct.  The  curves  B  and  C  (  Fig.7  )  correspond  to 
this  mode  for  different  values  of  turbine  exit  duct  area 
(this  area  for  curve  C  is  bigger  than  one  for  curve  B  ).  A 
certain  engine  nozzle  throat  area  at  the  selected  turbine 
exit  corresponds  to  this  condition.  The  region  above  the 
curvet  B  a^  C  corresponds  to  the  reverse  flow  of  the  gas 
part  from  behind  the  turbine  to  the  entry  of  the  engine. 
Such  reverse  flow  occurs  if  the  engine  nozzle  throat  area 
An  *  it  less  than  the  value  An*o  corresponding  to  the 
curve  Wrd  ^  0.  With  lower  values  of  An*  unstable 
operation  of  TRJ  and  propulsion  system  is  possible.  The 
points  below  the  curves  Wrd  =  0  correspond  to  the  direct 
air  flow  through  the  ram-duct.  Such  flow  occurs  if  the 
engine  nozzle  throat  area  An*  is  bigger  than  the  An*o.  If 
An*  is  increased  additionally,  there  is  an  increase  of  air 
flow  through  the  ram-duct  at  practically  the  same  airflow 
through  TJ.  The  experimental  points  in  the  joint  operation 
mode  are  located  nearly  the  curves  B  and  C. 

At  definite  values  of  corrected  RPM  the  curves  Wrd  =  0 
cross  the  curve  A  and  approach  the  compressor  stall 
curve.  But  usually  for  TRJ  the  corrected  RPM  for  the 
transition  to  RJ-mode  is  located  right  of  the  curve 
crossing  point,  'niereforc.  an  error  of  control  at  the  start 
of  RJ  (the  shut-off  device  prematurely  open)  pre.scnts  a 
danger  rather  for  stable  operation  of  the  inlet  (Fig.8).  As 
follows  from  the  Figure,  the  forestalling  shut-off  device 
opening  leads  to  lowering  of  the  TJ  inlet  corrected  airflow 
with  corresponding  consequences.  Tliis  w  as  confirmed  by 
tests  of  TRJ  |5). 

The  rational  control  of  an  engine  on  transition  to  RJ-mode 
priKess  must  provide  not  only  stable  operation  of  the 
propulsion  system  but  also  thrust  onset  without  significant 
drops. 

Inve.stigaiions  have  revealed  a  rather  narrow  operation 
interval,  inside  which  a  stable  working  prtKCSs  of  the 
power  plant  with  parallel  operation  of  fj  and  RJ  parts 
could  be  realized.  Maintaining  the  TJ  operating  parameters 
with  respect  to  the  limitations  provides  propulsion  system 
reliability  on  transition  to  RJ  mode.  In  transition  operation 
the  profile  of  ARCC  inlet  flow  velocity  changes 
considerably.  The  transition  to  RJ-mode  finisheds  with  TJ 
windmilling,  which  may  be  used  to  drive  engine 
accessories. 

in  the  transient  mode  the  structure  of  flow  at  the  ARCC 
entry  is  strongly  changed  (Fig.9).  The  rc.sults  of  TRJ  tests 
.show  that  ARCC  inlet  How  veliKily  increases  at  con.stant 
rotation  .speed  approximately  in  proportion  to  the  increa.se 
in  engine  nozzle  area.  In  this  case  a  considerable 
distortion  of  flow  takes  place.  For  example,  in  the 
TJ-mode  the  distortion  of  flow  is  not  more  than  10  -  20% 
(the  curve  A  in  Fig.9).  but  in  the  engine  parts  joint  mode 
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the  maximum  flow  speed  can  exceed  the  me.a».  fiovk 
velocity  by  about  2  -  2.4  times  (the  curves  B  and  C  in 
Fig.9).  Therefore,  special  measures  possibly  would  be 
demanded  for  stable  combustion  in  ARCC  in  the 
transition  mode. 


3.  THE  RJ-MODE  OF  TRJ  WITH  WINDMILLING  TJ 


In  the  RJ-mode  TRJ  can  operate  with  either  open  or 
closed  gas  turbine  part  of  the  engine.  The  curve  D  on 
Fig.7  corresponds  to  the  windniilling  mode  of  the  TJ 
turbocompressor.  The  prcs.surc  losses  in  TJ  in  windmilling 
mode  depend  very  much  on  compressor  corrected  air  flow 
(the  curve  A  in  Fig.  10  with  the  ram-duct  closed).  In  the 
RJ-mode  the  TRJ  pres.sure  losses  do  not  exceed  5  -  7%  if 
TJ  is  closed  (the  curve  C  in  Fig.lO)  or  operated  in  the 
windmilling  mode  (the  curve  B  in  Fig.lO).  Application  of 
the  TJ  windmilling  mode  provides  an  increase  of  engine 
air  flow  as  the  additional  part  of  the  air  flow  is  passed 
through  TJ  and  gives  some  possibilities  for  accessories 
drive.  However  the.se  pos.sibilities  depend  on  TJ 
efficiency  in  the  wiiidmilling  made.  On  Fig.l  1  the 
experimental  curve  for  TJ  efficiency  in  windmilling  wiih 
energy  output  is  presented  |4). 

In  the  RJ-mode  the  ARCC  inlet  flow  has  relatively  little 
speed  distortion.  At  the  begining  of  transition  mode  the 
region  of  maximum  speed  is  located  in  the  central  part  of 
the  ARCC.  and  very  strong  distortion  takes  place,  but  in 
the  windmilling  mode  it  moves  to  the  peripheral  part  of 
ARCC  (the  curve  D  in  Fig.9 1.  The  unevenness  of  ARCC 
inlet  flow  decreases  if  the  corrected  air  flow  also 
decreases. 


4.  CXXJLING  OF  THE  AFTERBURNER-RAM 
COMBUSTION  CHAMBER 


Tlic  ARCC  and  noz/le  are  one  of  the  most  heat  loaded 
units  of  the  TRE  operating  in  the  ramjet  mixlc.  To 
provide  reliability  of  these  units,  it  is  natural  to  use  an  air 
cooling  system  in  which  a  part  of  the  air  is  taken  away 
from  the  engine  llowpath  to  the  ARCC  cooling  duct  (i.c. 
a  space  between  the  ARCC  case  and  the  (xtrl'orated 
screen). 

In  the  experimental  TRJ.  an  air  cooling  sy.stem  with  a 
perforated  screen  was  used  for  cooling  the  ARCC  and  the 
slot  .system  was  used  for  cooling  the  no/./.le  (Fig.l 2). 

Experimental  investigations  of  heat  .state  and  operability 
of  high  heat  loaded  TRJ  units  were  carried  out  in  the 
ramjet  mode  operation  with  windmilling  of  gasturbine 
core  and  simulation  of  Mach  numbers  in  the  range  of 

2.S...4.  The  next  heat  state  problem  tasks  investigated 


were:  -  ARCC  combustion  performance  with  the 
distortion  of  ARCC  inlet  total  pressure  and  flow 
velocities  fields; 

•  joint  operation  of  ARCC  and  its  cooling  system; 

-  heat  state  of  ARCC  structure;  -  heat  state  of  bearing 
supports  in  the  ramjet  operation  mode.  Some  results  of 
experimental  investigations  on  full-scale  ARCC  in  the 
ramjet  mode  working  process  and  estimation  of  cooling 
system  operation  influence  on  engine  performance  are 
discussed  below. 

4.1.  Operation  of  ARCC  cooling  system  in  RJ  modes 

The  operation  of  TRJ  is  characterized  by  a  wide  range  of 
ARCC  inlet  parameter  change  with  significant  di.stortifln 
of  inlet  total  pres.sure  fields.  The  value  of  inlet  total 
pressure  distortion  depends  on  the  operating  mode  and  the 
value  of  (he  corrected  air  flow  through  the  engine.  In  the 
course  of  the  experimental  investigations  of  TRJ  the 
ARCC  inlet  parameters  of  flow  were  characterized  by  the 
values: 

Tlx  =  450...90()  K. 

Mx  =0.1...0.2.S. 

The  radial  di.stortion  of  ARCC  inlet  total  pres.sure  was 

6.. .12%  with  the  ga.sturbinc  core  wind-  milling  and 

7. . .14%  with  the  closed  gasturbine  core.  Nozzle  flap 
location  and  the  cooling  air  blowing  through  perforated 
screen  slightly  influence  the  shape  of  the  total  pressure 
fields  in  the  nozzle  throat  section.  Inlet  total  pres.sure 
distortion  dccrea.ses  along  the  ARCC  and  corresponding 
to  estimates,  in  the  throat  nozzle  section  it  is  not  more 

2.. ..!%  when  combustion  takes  place.  ARCC  combustion 
efficiency  under  the  conditions  considered  depends  mainly 
on  the  air-to-fuel  ratio  coefficient  and  is  in  a  range  typical 
for  afterburners. 

The  length  of  the  combustion  zone  significantly  influences 
di.siribution  of  cooling  air  along  the  perforated  screen  of 
ARCC.  Combustion  zone  length  can  be  characterized 
indirectly  by  the  static  pressure  drop  on  the  ARCC  screen 
measured  along  the  ARCC.  Asexperiments  .show  (Fig. 13). 
fuel  combustion  is  finished  in  a  di.stance  of  less  than  2/3 
of  ARCC  length. 

The  cooling  air  flow  variation  and  its  distribution  along 
the  ARCC  are  defined  by  very  complex  proccs.scs  in  non- 
uniform  flow  with  combustion  in  ARCC.  The  hydraulic 
charactcri.stics  of  the  ARCC  cooling  duct  depends  on  the 
discharge  coefficient  of  the  holes  and  duct  pressure  loss 
coefficient.  Thc.se  factors  variation  was  examined  in  the 
cour.se  of  the  investigation  (7). 

Analysis  of  the  cooling  air  parameters  in  the  ARCC 
cooling  duct  has  revc-aled  that  the  cooling  air  temperature 
along  the  cooling  duct  changes  slightly.  When  the  total 
pressure  ratio  is  Ptcol/Ptx  <  1  the  cooling  air  temperature 
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at  the  duct  exit  is  20...30%  higher  than  the  value  of  the 
duct  inlet  temperature  (Pig.l4).  This  temperature  variation 
is  explained  by  penetration  of  hot  gas  into  the  cooling 
duct  through  the  holes  in  the  perforated  screen  part  of  the 
duct.  However,  the  change  of  cooling  air  temperature  in 
this  case  is  not  great.  It  should  be  noted  that  a  small 
change  of  Ttcol  along  the  ARCC  has  no  practical 
influence  on  the  hydraulic  characteristics  of  the  ARCC 
cooling  duct,  and  it  is  possible  to  use  an  assumption 
about  the  constant  value  of  the  cooling  air  temperature 
along  the  ARCC  cooling  duct. 

The  results  of  experimental  investigations  showed  that 
distribution  of  cooling  air  along  the  ARCC  perforated 
screen  depends  on  the  variation  of  both  the  cooling  air 
and  the  ARCC  gas  parameters  in  a  wide  range.  The 
variations  of  the  corrected  airflow  in  the  underscreen  duct 
and  the  gasflow  in  ARCC  as  a  function  of  the  ratio  of 
total  and  static  pressures  in  the  characteristic  sections 
were  obtained. 

The  results  of  experimental  investigations  enabled 
definition  of  the  hydraulic  characteristics  of  the  cooling 
duct  and  ARCC  in  joint  operation.  In  this  case  the 
following  reasons  were  adopted  as  a  base  ; 

•  For  pressurec  defining  characteristi  cross  section  which 
is  located  at  approximately  half  length  of  ARCC  was 
adopted;  in  this  section  the  combustion  is  mainly 
completed  and  main  part  of  pressure  losses  is  realized:  • 
air  total  pressure  in  cooling  duct  characteristic  cross 
section  is  taken  as  equal  to  the  mean  value  between  the 
values  for  inlet  and  exit  of  cooling  duct;  ARCC  total 
pressure  is  taken  as  equal  to  the  ARCC  exit  total  pres.sure. 

-  one  part  of  the  cooling  air  from  the  cooling  duct  blows 
out  through  the  perforated  .screen  and  the  other  part  of  the 
cooling  air  is  used  for  nozzle  cooling.  Obtained  by  means 
of  experiment  and  calculation,  the  hydraulic  characteristic 
of  ARCC  and  its  cooling  system  is  shown  in  Fig. 1 5  in  the 
form  of  the  dependence  of  the  ratio  of  the  corrected 
airflow  in  the  cooling  duct  to  the  gasflow  in  the  ARCC. 
on  the  corresponding  total  pre.s.sures  ratio.  The  curves  are 
given  at  constant  values  of  corrected  flow  density  in  the 
duct  and  ARCC.  The  hydraulic  characteri.stic  obtained 
helps  to  form  the  principles  governing  coolant  flow. 

The  hydraulic  characteristic  of  the  cooling  sy.stcni  .show.s. 
that  when  the  total  pressure  ratio  is  near  to  I.  the  ma.ss 
flow  ratio  change  is  rather  small  in  a  wide  range  of  both 
ARCC  and  cooling  duct  parameter  variation. 

These  data  enable  an  approach  to  the  development  of  an 
optimally  controlled  cooling  sy.stem  for  ARCC.  For  the 
development  of  a  controlled  air  cooling  system  with  the 
possibility  of  cooling  air  flow  change  in  different  engine 
operating  modes  it  is  necessary  to  select  the  total  pressure 
ratio  somewhat  higher  than  I. 


4.2.  Heat  state  of  ARCC 

The  heat  state  of  ARCC.  which  is  characterized  by  the 
perforated  screen  temperature  Ts,  depends  on  the  engine 
operating  mode,  flight  conditions,  parameters  and  flow  of 
cooling  air.  Using  the  hydraulic  characteristic  of  the  air 
cooling  system,  one  can  consider  the  correlation  between 
relative  cooling  air  flow  Wcol/Wx,  mean  screen 
temperature  Tsm  and  flight  M  number  bearing  in  mind, 
for  example,  the  non  controlled  cooling  system  of  ARCC 
without  conditioning  of  cooling  air  (Ptcol.in  =  Ptx, 
Ttcol Jn  «  Ttx).  The  two  possible  laws  of  PS  control  in  RJ 
operating  mode  are  characteristic: 

•  with  a  constant  value  of  engine  inlet  corrected  air  flow, 
which  corresponds  to  the  constant  value  of  ARCC  inlet 
Mach  numbers  Mx  independently  of  flight  conditions; 

-  with  a  decreasing  value  of  inlet  engine  corrected  air 
flow  .vs  flight  M  number,  which  corresponds  to  a  drop  in 
ARCC  inlet  Mach  numbers;  in  this  case  the  air  flow 
through  the  engine  is  limited  by  maximum  inlet 
productivity. 

Tlie  variation  of  mean  screen  temperature  and  relative 
cooling  air  flow  is  shown  in  Fig. 1 6  depending  on  flight 
Mach  numbers  in  ramjet  mtxlc  operation  and  the 
air-to-fuel  ratio  coefficient  a  -  1.2. 

It  follows  that  the  relative  cooling  air  flow  changes  very 
little,  although  the  change  of  TRJ  parameters  for  these 
two  laws  of  PS  control  is  significant.  At  flight  Mach 
number  M  =  4  the  mean  screen  temperature  is  Tsm  = 
1 1.‘»0...1230  K  and  the  relative  cooling  air  flow  is  12% 
approximately. 

At  flight  Mach  numbers  M  <  4  the  cooling  air  flow  in  an 
uncontrolled  ctwiing  system  is  .significantly  higher  than 
necessary  for  optimum  cooling.  Because  of  this  the  mean 
screen  temperature  at  lower  flight  Mach  numbers  is  rather 
low.  For  the  two  laws  of  PS  control  there  is  very  little 
distinction  between  the  mean  screen  temperatures.  For 
example,  at  M  =  4  the  increase  of  Mx  from  0.13  to  0.18 
provides  a  decrease  of  Tsm  by  80  K.  In  this  ca.se,  the 
cooling  airflow  decreases  by  2%  approx. 

TRJ  throttling  at  flight  Mach  number  M  =  4  by  decrease 
of  fuel  supply  to  ARCC  causes  a  dccrca.se  in  Wcol 
because  of  lower  heat  pressure  losses.  However,  the 
decrease  of  air  cooling  flow  is  lower  than  necessary  for 
an  optimum  cooling  sy.stcm.  In  this  ca.se.  bigger  coolant 
flow  al.st)  provides  low  screen  temperature. 

The  results  of  full-scale  TRJ  experimental  investigations 
in  simulated  flight  conditions  at  Mach  numbers  M  = 
2.S...4  have  shown  that  with  an  uncontrolled  ARCC  air 
cooling  system  with  perforated  screen  in  non-design 
flight  conditions  (lower  flight  Mach  numbers  or  engine 
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throttling  at  M  «  4)  the  relative  cooling  air  flow  is 
significantly  higher  than  the  required  value.  This  leads  to 
thrust  performance  aggravation  in  these  modes.  Improving 
per-  formance  is  pos.siblc  by  choosing  rational  cooling  air 
parameters  and  using  the  controlled  cooling  air  flow 
system. 

The  results  of  TRJ  experimental  investigations  enabled 
development  of  a  method  to  compute  the  engine  thrust 
performance  characteristics  taking  account  of  the  influence 
of  cooling  air  flow  mixing  with  the  main  stream. 
Performance  estimations  were  made  according  to  the  two 
types  of  ARCC  which  are  used  in  different  types  of  TRE 
(9]:  ARCC  in  engine  common  exit  duct  ("cylindrical" 
ARCC)  and  ARCC  in  separate  ramduct  ("coaxial"  ARCC). 
In  performance  definition  account  was  taken  of  the 
nonuniformity  of  total  pres-  sure  and  temperature  in 
ARCC  and  noz/lc  and  the  screen  heat  slate. 

It  was  considered  that  the  cooling  system  was  operating 
in  opiimum  mode,  in  which  the  necessary  value  of 
cooling  airflow  is  defined  by  the  limit  value  of  screen 
temperature.  The  ratio  of  thrust  and  SFC  values  to  their 
conditional  quantities,  without  accounting  for  cooling  air 
How  output  (fig.l7)  was  used  as  a  measure  of  the  degree 
of  innucncc  of  cooling  air  How  output.  The  performances 
given  are  dependent  on  llighl  Mach  number  along  the 
trajectory  with  dynamic  pressure  q  =  5iX)()  kg/m2  and  .it 
air-to-fuel  ratio  coefficient  a  =  1.2  for  screen  materials 
with  different  temperature  limits. 

A  .significant  increase  of  cooling  air  How  takes  place  at 
llighl  Mach  numbers  M  =  4....'i.  At  the  higher  llighl  Mach 
numbers  the  necessary  value  of  the  cooling  air  How 
becomes  veiy  high  with  siguilicani  increase  of  loss  of 
performance  (Fig.  17). 

Il  is  possible  to  decrease  the  amount  of  cooling  air  at  high 
Highi  Mach  numbers  by  the  use  of  a  conditioning  sy  stem, 
which  decreases  the  cooling  air  temperature.  Fig. 1 8  as  an 
example  .shows  the  inlluence  of  cooling  air  temperature 
Ttcol  on  both  thrust  and  SFC  for  two  different  types  of 
ARCC  using  the  same  screen  material  in  the  llighl 
conditions  M  =  5.  H  =  2.S  km.  TRF  with  common  ARCC 
has  a  higher  thrust  value  of  7...  18%  and  lower  SFC  of  2% 
than  TRE  with  separate  ramduct  because  of  the  hitlers 
larger  area  of  cooling  .surface.  To  provide  equal  values  of 
cooling  air  How  output  in  both  engine  types  the  cooling 
air  temperature  in  TRE  with  "coaxial"  ARCC  must  be 
lower  by  100...  150  K  than  in  another  type  of  ARCC.  Tlic 
SFC  variation  vs  Ttcol  is  rather  small. 

To  ensure  ARCC  operability  up  to  flight  Mach  numbers 
M  =  4...4.5  there  is  no  need  for  a  conditioning  system.  At 
higher  flight  Mach  numbers  the  use  of  .such  a  sy.siem  is 
a  necessity.  A  rational  type  of  cooling  air  conditioning 
system  depends  on  duration  of  cruise  flight  at  the 


maximum  flight  speed,  fuel  cooling  capacity 
(hydrocarbons,  LH2)  etc. 


5.  BEARING  SUPPORTS  HEAT  STATE  IN  RAMJET 
MODE  OPERATION  (WINDMILLING  CORE) 


The  bearings  which  are  used  in  the  supports  of  the  TRJ 
gas  turbine  core  define  the  engine's  reliability  to  a  high 
degree.  Reliable  and  long-term  operation  of  bearings  is 
possible  only  when  the  bearing  temperature  is  lower  by 
40...50  C  than  the  tempering  temperature  of  the  bearing's 
material  (7). 

Synthetic  oils  are  u.scd  for  cooling  and  lubrication  of 
aviation  engine  bearings.  Increased  flight  speed  leads  to 
the  increase  of  inlet  engine  air  temperature  and  heat  loads 
on  units  and  construction  elements  of  the  engine.  The  heat 
flow  into  the  engine’s  supports  incrca.scs  if  an  oil  with 
limited  operating  temperature  is  used.  When  flight 
speeds  are  higher  than  M  =  2.5. ..3.  operability  of 
gasturbine  engine  .supports  should  be  achieved  using 
.special  structural  measures. 

One  of  the  most  effective  methods  to  ensure  bearing 
support  operability  is  the  use  of  active  Ihenno-proicction. 
This  compri.ses  the  .selling  up  of  a  protective  .screen  over 
the  support  case  under  which  conditioned  air  from  the 
engine  cooling  .system  is  supplied.  The  layout  of  an 
experimental  TRJ  support  is  shown  in  Fig.l9.  All  supports 
for  experimental  TRJ  had  autonomously  controlled  oil 
supply  and  themio-proteciive  screen  under  which  cooling 
air  with  controlled  parameters  was  supplied. 

Some  results  of  heat  .state  investigation  of  experimental 
TRJ  bearing  .supports  in  ramjet  operation  mode  with 
windmilling  of  gas-turbine  core  are  discussed  below. 

Hie  summary  value  of  heat  flow  into  the  oil  cavity  of 
supports  depends  on: 

-  heal  of  friction  in  bearings  and  seals; 

-  heal  flow  through  the  details  of  the  bearing  supports; 

-  heat  flow  from  hot  air.  which  penetrates  from  the  engine 
flowpalh  through  the  seals  into  the  oil  cavity. 

Tlie  experimental  investigation  of  TRJ  support  heat  state 
showed  that  along  with  the  IRJ  transition  to  ramjet  mode 
with  windmilling  of  gasturbine  core  the  redistribution  of 
rcLitive  values  of  each  of  the  above  mentioned  heat 
components  takes  place.  It  has  been  determined  that  part 
of  the  friction  heat  in  the  bearings  decreases  because  of 
the  decrease  of  both  the  rotor  RPM  and  the  axial  forces. 
Heat  flow  through  the  details  of  .supports  and  heat  coming 
from  hot  air  penetrating  into  the  oil  cavity  components 
rises  because  of  inlet  temperature  increase  and  aggravation 
of  seal  operating  conditions.  Tlie  total  heat  flow  into  the 
supports  rises  as  compared  with  gas-turbine  mode 
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(Pig20),  so  the  exit  support  oil  temperature  rises  too  and 
achieves  its  limit  at  certain  flight  Mach  numbers  (Fig.21). 

Autonomous  oil  supply  to  each  engine  support  in 
combination  with  air  cooling  supply  have  enabled 
investigation  of  the  influence  of  both  oil  and  cooling  air 
parameters  on  TRJ  support  operability.  The  experimental 
data  for  relative  cooling  air  flow  and  relative  .support  exit 
oil  temperature  depending  on  relative  cooling  air  pressure 
are  shown  in  Fig.22.  At  the  relative  pressure  ratio 
(Ptcol/Ptin)  >  1.7  the  cooling  air  flow  ceases  to  rise  and 
the  support  exit  oil  temperature  also  stabilises. 

A  cooling  air  supply  under  screen  space  enables  a 
significant  decrease  in  the  support  exit  oil  temperature  and 
ensures  engine  transmission  operability  at  flight  Mach 
numbers  M  >  2.5...3.  The  use  of  a  thermo-protective 
screen,  under  which  cooling  air  is  supplied,  ensures 
engine  support  operability  up  to  M  =  4...4.S  (Fig.2l). 


6.  TFRJ  PERFORMANCE  IN  THE  RJ  OPERATING 
MODE 


The  operating  parameters,  thrust  and  SFC  performances 
and  control  principles  of  TRE  types  based  on  TF  core 
(TFRJ  and  TFRJs )  at  higher  flight  M  numbers  (transition 
and  ramjet  operation  modes),  including  .some  experiments 
with  imitation  of  these  condition.s.  are  considered  below. 


6.1.  Fan  performance  in  the  RJ  operating  mode 

To  maintain  low  losses  in  the  air  intake  with  flight  Mach 
number  increa.se  the  fan  corrected  airflow  .should  be 
decreased,  as  follows  from  the  equality  of  airflows  in  the 
.stream  at  infinity  before  the  air  intake  and  in  the  fan  at 
the  area  ratio  fin  .  Ain  /  Af: 
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where  (Wfeor/Wfeor  o)  is  the  relative  corrected  airllow  in 
the  fan.  This  tendency  is  particularly  clear  when  ihe  area 
ratio  becomes  constant  (Fig.23). 

For  example,  when  area  ratio  is  equal  to  Ain/Af  =  I..S.  up 
10  certain  flight  M  numbers,  the  airflow  in  PS  is  defined 
by  the  fan  working  at  the  maximum  RPM  (fin  <  1.  the 
part  A-B  of  the  operating  line).  At  higher  llight  M 
numbers  the  airflow  is  limited  by  air  intake  maximum 
prcxiuctivity  (fin  =  1 .  the  B-C  part).  The  typical  area  ratio 
would  be  approximately  equal  to  I...2  (9|.  As  follows 
from  Fig.23,  at  M  =  4...5  .  corre.sponding  to  .such  area 
ratios  corrected  airflow  decreases  to  nearly  20...40%  of 


the  maximum  design  value.  The  fan  corrected  RPM 
decreases  by  the  same  order. 

Let  us  consider  the  peculiarities  of  fan  operation  at  low 
rotational  speed  (Ncor/Ncor  o<0.4).  On  Fig.24  (curve  A) 
the  typical  fan  characteristic  at  low  rotational  speed  is 
shown  (it  is  implied  in  the  conditional  fan  stage  which 
reflects  the  low  staged  fan  operating  process).  At  point  I 
the  flow  angle  of  attack  at  mean  radius  is  of  some 
positive  value,  the  difference  of  tangential  velocity 
components  Delta  Cu  >  0.  fan  expended  work  is  positive 
and  the  fan  pressure  ratio  value  is  near  1.  When  the 
counterpressure  behind  the  fan  reduces,  the  operating 
point  is  shifted  to  the  right  on  the  characteristic,  and  this 
is  followed  by  "stretching"  of  the  velocity  triangies, 
decreased  of  angle  of  attack.  Delta  Cu,  ex-  pended  work 
and  PRCf.  The  point  2  corresponds  to  the  case  when  the 
Delta  Cu  and  expended  work  values  are  equal  to  0,  i.e. 
the  fan  operates  in  the  free  wind-  milling  mode  and 
presents  hydraulic  drag  in  the  air  flow  (PRCf  <  1).  The 
combination  of  such  points  at  various  rotational  speeds 
gives  a  line  of  fan  windmilling  mode  operation  (curve  B). 
With  further  shift  of  the  operation  point  down  along  the 
characteristic  (up  to  exit  section  choking)  the  transition  to 
“turbine"  operation  mode  takes  place.  At  point  3  the 
Delta  Cu  and  expended  work  values  are  negative,  and  the 
fan  can  provide  some  power. 

The  example  of  zero  work  (free  windmilling)  performance 
lines  for  fans  with  different  design  pressure  ratio  values 
is  shown  in  Fig.25.  The  less  PRCfo.  the  less  pressure  loss 
and  the  wider  the  range  of  air  flow  in  the  fan  on 
windmilling.  At  design  pressure  ratio  values  2.. .2.5  and 
(Wcor/Wcor  o)  <  0.4  the  total  pressure  decrease  in 
windmilling  fan  flowpath  is  of  the  same  order  as  that  of 
the  pressure  losses  in  the  separate  ramjet  duct  of  the  TRE 
19). 

In  the  RJ  operating  mode  the  airflow  in  the  engine  inner 
part  (gasturbine  core  flowpath)  is  near  to  zero.  Under 
these  conditions  the  fan  turbine  becomes  the  consumer  of 
power  being  produced  by  the  windmil-  ling  fan.  The 
turbine  rcsi.stance  to  rotation  is  defined  by  so  called 
ventilation  los.ses,  which  ari.se  as  a  re.sult  of  energy  feed 
to  the  airflow  in  the  turbine  flowpath  and  also  by  the 
turbine  di.se  friction  losses.  Tire  turbine  driving  work  is 
proportional  to  the  air  density  and  to  the  rotational  speed 
value  in  the  power  of  about  2.7.  A  turbofan  working  in 
typical  RJ  operating  mode  condition  analysis  has  showed 
that  because  of  low  rotational  speed  ad-  ditional  pressure 
dccrea.se  in  the  fan  driving  the  turbine  is  usually  small 
19). 

Experimental  investigations  of  TFRJ  models  based  on 
production  TFs  with  replaceable  nozzles  (Fig.26)  and 
external  oil  supply  unit  were  performed  on  the  special 
CIAM  test  facility  on  the  connected  tube  scheme  (see 
above). 
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The  higher  the  flight  Mach  number  and  inlet  pressure 
recovery  and  the  lower  the  design  fan  pressure  ratio,  the 
less  the  pressure  loss  in  the  fan  on  windmilling. 
Experiments  on  full-scale  TFRJ  models  have  demonstrated 
the  possibility  of  RJ  mode  performance  with  rather  low 
losses  with  a  windmilling  fan  (Fig27).  It  is  possible  to 
use  a  windmilling  fan  for  driving  engine  accessories  in  the 
RJ  operating  mode.  The  expediency  of  using  the  fan  to 
drive  the  power  plant  accessories  in  the  ramjet  mode  of 
operation  depends  on  its  efficiency  as  a  "turbine",  values 
of  the  work  taken-off.  thermal  conditions  and  other 
factors. 

If  a  windmilling  fan  is  loaded  by  external  energy 
consumers  the  operating  points  on  the  performance  map 
lie  beneath  the  zero  work  line.  However  in  the  TFRJ 
ramjet  operating  mode  this  deflection  is  usually 
insignificant  and  it  is  possible  to  adopt  the  zero  work  line 
as  an  operating  line  for  the  engine  RJ  operating  mode. 

The  pos.sibility  of  using  a  windmilling  fan  to  drive  the 
acce.ssories  in  the  RJ  operating  mode  is  a  significant 
advantage  of  TFRJ  and  TFRJs. 

In  .some  cases,  particularly  when  the  fan  design  pressure 
ratio  is  rather  high  it  is  possible  for  TFRJ  thru.st 
performance  in  the  RJ  operating  mode  to  be  improved  by 
arranging  the  bypass  duct  around  the  fan  case  with  a 
corre.sponding  controlled  shut-off  device. 

6.2.  TFRJ  transition  to  RJ  mode 

Engine  transition  to  RJ  operating  mode  cs.scntially  consists 
of  switching  off  the  ga.sturbine  part  without  engine  thrust 
loss.  For  the  TFRJ  and  TFRJs  a  gradual  transition  prcKCSS 
is  typical  at  a  certain  range  of  flight  Mach  numbers.  The 
transition  proce.ss  begins  at  Mach  number  Mb  when 
engine  airflow  at  maximum  r.'’ting  approaches  the  inlet 
maximum  airflow  capacity  (point  B  on  Fig.2.1)  and 
fini.shcs  at  flight  M  =  Me  when  the  whole  (or  practically 
whole)  airflow  is  feeding  through  the  outer  (ramjet) 
engine  part  (b  =  1).  As  flight  speed  increases  in  the  range 
of  Mb  <  M  <  Me  it  is  necessary  to  gradually  decrease  the 
fan  corrected  airflow  by  decreasing  the  core  combustion 
chamber  fuel  .supply  and  the  throat  areas  of  air-inlet  and 
nozzle  thus  maintaining  minimum  intake  pressure  losses. 
In  the  transition  proceeding  the  operating  process  in  the 
ARCC  is  carried  out  at  maximum  inlet  flow  vekKity  Vx 
and  minimum  air-to-fuci  ratio  value. 

To  lower  the  TF  airflow  it  is  necessary  to  decrease  the 
engine  RPM.  It  is  expedient  to  use  a  rather  .simple  method 
of  RPM  reduction  by  gradually  decreasing  the  turbine 
inlet  temperature  until  the  engine  goes  into  windmilling 
mode.  In  this  case  the  nozzle  throat  areas  or  the  common 
nozzle  throat  area  must  decrease  just  after  cessation  of  the 
combustion  chamber  fuel  supply. 


An  example  of  engine  parameter  and  performance 
variations  in  transition  to  RJ  operating  mode  is  given 
firstly  for  TFRJs  (solid  lines  on  Fig.28...30).  As  a 
characteristic  value  the  area  ratio  Ain/Af  =  1.3  was 
adopted  in  this  case.  The  points  B  and  E  correspond  to 
the  start  and  finish  of  the  transition  to  RJ  mode  process; 
the  point  W  corresponds  to  the  TFRJ  parameters  just  at 
the  moment  of  going  to  the  windmilling  mode. 

At  M  s  2.7  the  inlet  maximum  airflow  capacity  is 
reached.  With  further  flight  speed  increase  the  engine-inlet 
matching  for  maintaining  finjnax  is  provided  by  a 
corresponding  decrease  of  the  combustion  chamber  fuel 
supply.  For  the  first  time,  the  inner  and  outer  nozzle 
throat  areas  An*l,  and  An*2  are  maintained  constant.  As 
a  result  at  M  >  Mb  the  temperature  ratio  Ttg/Ttin  and  the 
turbo-fan  RPM  quickly  decrease.  Maintaining  the 
maximum  ARCC  flow  capacity  in  conjunction  with 
decreasing  the  airflow  in  the  engine  gas-turbine  part  leads 
to  a  rapid  increase  in  the  bypass  ratio  and  the  b  value.  i.e. 
the  engine  operating  mode  approaches  the  RJ  mode 
(Fig.29).  As  a  result  the  overall  heat  supply  in  the  engine 
increases  because  of  maintaining  the  ARCC  rating  at 
minimum  air-to-fuel  ratio.  However,  reduction  of  the 
engine  nozzle  expanding  ratios  is  found  to  be  a  prevailing 
factor  in  this  case,  and  as  a  result  the  engine  specific 
thrust  slightly  decreases.  For  this  rea-son  the  thrust 
increase  rate  is  somewhat  lower  when  M  >  Mb:  the  SFC 
increa.ses  simultaneou.sly  (the  section  B-W  on  Fig.30). 

After  going  to  windmilling  mode  (point  W  at  M  *  3) 
engine  governing  is  provided  by  optimum  variation  of 
the  nozzle  throat  areas.  Under  ihe  flight  conditions 
corresponding  to  Mw  the  b  value  is  equal  approximately 
to  0.9.  i.c.  about  10%  of  the  overall  airflow  goes  through 
the  engine  inner  part  (Fig.29).  When  the  flight  M  number 
is  higher  than  Mw  it  is  expedient  to  decrease  the  airflow 
in  the  engine  gasturbinc  part  and  the  latter's  drag  by 
decreasing  the  An*  1 .  For  this  purpose  it  is  possible  .  for 
example,  to  shift  the  inner  nozzle  central  body.  The 
nozzle  area  decrcasc.s.  which  corresponds  to  inlet  engine 
matching  with  minimum  pressure  losses  and  the  ARCC 
inlet  flow  velocity  limitations:  the  outer  nozzle  throat  area 
being  constant  as  is  shown  in  Fig.29  (section  W-E). 

Along  with  An*  I  decrease  the  turbine  expansion  ratio  and 
work  fall  off.  which  leads  to  a  decrease  in  fan  RPM  and 
pressure  ratio  (Fig.28).  When  the  flow  in  the  fan  turbine 
becomes  sub<ritical.  the  inner  nozzle  area  decrease  leads 
to  a  decrease  in  compressor  turbine  work  along  with  core 
RPM  and  corrected  airflow  lowering.  As  a  result  the 
engine  airllow  redistributes  in  favour  of  RJ  part,  and  with 
full  gas-turbine  part  .shut-off  (An*l  =  0)  b  =  1.  At  this 
moment  (M  =  3.4  on  Fig.29.30)  the  transition  to  RJ 
operation  mode  is  being  completed.  The  corres-  ponding 
operating  point  on  the  fan  performance  map  is  found 
practically  on  the  zero  work  line  (point  E  on  Fig.28). 
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Along  with  inner  nozzle  area  lowering  the  engine  specific 
thrust  increases  because  of  the  decrease  in  core  losses 
and  increase  of  the  overall  heat  supply.  For  this  reason  in 
the  range  Mw-Me  engine  thrust  rises,  and  SPC  varies 
slightly.  At  M  >  Me  flight  conditions  the  TFRJs 
parameters  differ  from  the  "pure"  RJ  parameters  by  the 
value  corresponding  to  the  additional  pressure  losses  in 
the  windmilling  fan. 

In  the  RJ  operation  mode  (M  >  Me)  inlet/engine  matching 
is  provided  by  a  corresponding  decrease  of  the  RJ  part 
nozzle  throat  area  An*2.  The  fan  RPM  and  pressure  losses 
are  gradually  decreasing  (PRCf  ->  1),  and  the  engine 
thrust  performance  is  approaching  RJ  performance. 

Now  let  us  consider  some  peculiarities  of  the  TFRJ 
operating  process  when  transition  to  RJ  mode  is  carried 
out.  using  as  an  example  the  engine  with  the  same  cycle 
parameters  and  transonic  (M  =  1.3)  to  hypersonic  (M  = 
4...S)  thrust  ratio  as  discussed  above.  For  this  condition 
the  area  ratio  Ain/Af  would  be  somewhat  higher  than  for 
the  TFRJ  engine  type  (in  correlation  of  transonic  specific 
thrust  values).  In  this  ca.se  the  area  ratio  for  TFRJ  would 
be  about  1.4.  as  against  1.3  for  TFRJs. 

The  TFRJ  operating  parameter  variation  peculiarities  are 
conditioned  mainly  by  the  mutual  influence  of  gas  and  air 
flows  in  the  common  ARCC  inlet.  As  a  result  of  core 
pressure  ratio  decrease  vs  flight  speed,  which  is  not 
compensated  by  fan  duct  outlet  pressure  variation,  fan 
turbine  specific  work  decreases.  Bec.'",ise  of  the  fan  duct 
now  inHuence  the  fan  operating  lire  on  the  performance 
map  deHects  down  from  the  corresponding  line  for  TFRJs. 
and  the  bypass  ratio  vs  Hight  M  number  rises  more 
rapidly  (Fig.28.29).  Meanwhile  corrected  airHow  vaiialion 
vs  night  M  number  is  approximately  the  same  as  for  the 
TFRJs. 

As  a  result  of  the  higher  Ain/Af  ratio  the  TFRJ  propulsion 
plant  approaches  the  maximum  inlet  capacity  conditions 
at  a  higher  night  M  number  than  that  of  TFRJ  (Fig.29). 
and  corresponding  fan  pressure  ratio  is  nearer  to  1.  Then, 
since  the  transition  beginning  the  TFRJ  operation  mode  is 
nearer  to  the  RJ  mode.  Lowering  of  the  turbine  inlet 
temperature  at  M  >  Mb  leads  to  b  value  increa.sing  to 
almost  I  when  TFRJ  approaches  the  windmilling  mode. 
The  corresponding  fan  operating  point  lies  practically  on 
the  fan  zero  work  line  (Fig.28).  Then,  in  the  case  of  TFRJ 
the  completion  of  tran.sition  to  RJ  mode  practically 
coincides  with  cessation  of  the  fuel  supply  to  the 
combustion  chamber.  As  a  result,  the  Me  number  for 
TFRJ  is  lower  than  that  of  the  TFRJ  (in  the  example 
considered  re.spectively  Me  =  3.1  against  3.4.  Fig.29). 

A  rather  fast  TFRJ  tran.sition  to  RJ  mode  is  a  consequence 
of  the  simultaneous  effect  of  the  turbine  inlet  temperature 
decrease  and  the  gas  dynamic  influence  of  fan  duct  flow 
on  gasturbine  part  performance. 


TFRJ  thrust  performance  variation  vs  flight  M  number  is 
nearly  the  same  as  in  the  case  of  TFRJs.  Any  difference 
is  connected  with  fan  efficiency  decrease  and  higher  fan 
duct  pressure  losses.  In  the  RJ  operation  mode  (M  >  Me) 
inlet/engine  matching  is  provided  by  a  corresponding 
nozzle  area  decrease,  and  this  is  accompanied  by  RPM 
and  engine  flowpath  pressure  losses  decreasing  (dotted 
lines  on  Fig.2930). 

When  analysing  engine  parameter  variation  on  transition 
to  RJ  mode  it  was  assumed  tliat  the  air  inlet  operates  at 
maximum  capacity  rating.  This  approach,  although  it  does 
not  account  for  possible  inlet  capacity  limitations  when  M 
<  Mmax,  still  enables  simplification  of  the  analysis  and 
reveals  the  main  correlations.  The  taking  into  account  of 
real  variable  geometry  inlet  performance  characteristics 
would  not  change  engine  parameter  variation  principle, 
but  in  the  event  of  lower  inlet  capacity  the  transition 
flight  M  numbers  range  would  shift  to  lower  flight 
speeds. 

The  thrust  performances  of  TRE  in  the  RJ  operation  mode 
differ  from  that  of  the  "pure"  RJ  and  are  conditioned 
mainly  by  additional  pressure  losses  in  the  engine 
flowpath.  The  TRE  performance  aggravation  in 
comparison  with  "pure"  RJ  at  hypersonic  flight  speeds  is 
po.ssible  also  in  connection  with  higher  airflow  or  other 
agent  expenditure  for  engine  structure  cooling. 

Some  engine  thrust  performance  aggravation  is  also 
possible  in  connection  with  the  part  of  airflow  energy 
used  for  driving  auxiliaries.  In  this  case  the  u.sc  of  a 
windmilling  turbofan  would  be  possible.  When  power 
take-off  is  low.  this  type  of  auxiliaries  drive  would  be 
expedient  in  spile  of  rather  low  fan  efficiency  when 
running  in  the  turbine  mode  (Fig.3l). 

CONCLUSION 

The  set  of  problems  posed  in  connection  with  the 
application  of  the  new  types  of  ABE.  concern  the  need  to 
increa.se  flight  speed  to  M  =  4...6. 

Broad  programmes  of  investigation  of  engines  for  high 
speed  flights  were  carried  out  in  Russia  from  the  60's  to 
the  80's. 

In  the  framework  of  the.se  programmes  an  investigation  of 
advisable  engine  concepts  and  operating  process 
parameters  of  TRE  were  conducted.  Test  programmes  on 
experimental  full-scale  TRE  of  different  types  were 
carried  out  at  CIAM.  The  experimental  TRE  were 
a.ssembled  from  units  of  production  gasturbine  engines. 
Flight  conditions  corrc.sponding  to  Mach  numbers  M  = 
4.0...4.S.  were  simulated  at  the  facility. 

Ute  results  of  theoretic  and  experimental  investigations  of 
TRE  allow  us  to  define: 


•  rational  methods  of  transition  from  gasturbinc  to  ramjet 
mode: 

-  the  conditions  of  stable  operation  of  the  propulsion 
systems  with  TRE  in  the  transition  mode: 

-  performance  characteristics  and  pressure  losses  in  the 
windmilling  mode  for  TRJ  and  TFRJ  turbo-compressors: 

•  the  expediency  of  the  application  of  windmilling  mode 
in  the  lU  operation  mode: 

•  the  performance  of  ARCC  with  distortion  of  ARCC  inlet 
total  pressure  fields: 

-  the  conditions  of  joint  operation  of  ARCC  with  an  air 
cooling  system  and  the  hydraulic  characteristics  of  the 
cooled  ARCC: 

-  the  heat  state  of  ARCC  with  perforated  screen  and  of  the 
bearing  supports: 

-  the  influence  of  ARCC  air  cooling  on  TRE  thrust 
performance: 

-  the  possibilities  of  heat  protection  of  bearing  supports  by 
controlled  oil  and  cooling  air  supplies. 

Solving  the  complicated  problems  posed  by  the 
development  of  new  aviation  techniques  requires  high 
expenditure.  International  cooperation  in  the  building  up 
of  a  scientific-technical  base  for  advanced  powerplants  is 
one  of  the  important  factors  in  the  successful  realisation 
of  projects  for  21st  century  air  tran.sport. 
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Fig  2  Scientific  base  for  AE  development  [8] 
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F4[  3  Engine  altitude  cell  for  testing  at  steady 
state  and  transient  conditions  [3] 


•  Complex  Study  of  operation 

•  Engines  switching  modes 

•  Altecbuming  and  ramjet 
combustor  fARC)  operation 

•  Ramjet  operation  mode 
characteristics  (M  >  2.5) 

•  VYmdmitling  mode 

•  Power  output 

•  Passage  hydraulic  characteristics 

•  Structure  heat  state 

•  ARC  and  noule  cooling 
at  M  -  3.5  -  4.5 

•  Transmission  operability 

•  Cooling  system  impact 
on  T  and  SFc 


Fig  4  CIAM  experimental  TRi  [1,4,5,10] 
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Fif  9  Flow  velocity  at  ARCC  entiy 
distortion  [4.6] 


Fi{  8  TRJ  performance  at 
transition  mode  [5] 

1  <•  stable  operation 

2,3  -  imstable  operation 
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corrected  air  flow 


Fig  11  lindmilling  TJ  with  power  offtake 
relative  efliotency  [4] 


Fig  10  TRJ  pressure  losses  at 

RJ  mode  (windmilling  core)  [6] 
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Flf  12  ARCC  lohematio  li^out  [7] 


Fif  13 

Static  pressure  variation 
aloni  ARCC  [7] 
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Fif  14  Coolinf  air  temperature  variation 
along  coolinf  duct  [7] 


Fif  IS  ARCC  bjdraulie  chartcieiiiUct 
cooling  duet  [7] 
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Fif  16  RelatiTO  cooling  aiiflow  and  mean  screen 
temperature  tv  flight  Mach  number  [7] 
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Fig  17  Relative  thrust  end  SFC  TtrUtioD 
T8  flight  M  number  [7] 

1 - common  "cylindri^*  ARCC 

2- 8epartte  "cotxiar  ARCC 


Fig  18  Relative  thrust  and  SFC  variation  vs 
cooling  air  temperature  [7] 
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Fig  22  Relative  support  exit 
oil  temperature  and 
cooling  air  flow  in 
dependence  of  air 
pressure  ratio  [7] 
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Fig  23 

Relative  fan  corrected  airflow  in 
dependence  on  free  stream  to  fan 
areas  ratio  and  flight  M  number  [9] 
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Pig  24  Fan  stage  parameters 
variation  along 
the  fan  characteristic 
(low  RPM  region)  [9] 
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Fig  25 

Zero  work  lines  for  fans  with 
different  design  pressure  ratios  [9] 
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Pig  29  TFRJ  parameters  variation 
when  going  to  RJ  mode  [0] 
- TFRJs 

—  TFRJ  ► 


Fig  30 

TFRJ  relative  thrust  and  SFC 
variation  vs  flight  M  number  [0] 


Relative  thrust 
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Fig  31  Power  offtake  influence 
on  engine  SFC  at 
RJ  operation  mode  [10] 


H-l 


SCRAMJET  CFD  METHODS  AND  ANALYSIS 
PART  2.  SCRAMJET  CFD  ANALYSIS 

NUMERICAL  SIMULATION  OF  SUPERSONIC  MIXING  AND  COMBUSTION  APPLIED  TO  SCRAMJET 

COMBUSTOR 

by 

V.KOPCHENOV, 

K.LOMKOV,  S.ZAITSEV.  I  BORISOV 


CIAM  (Central  Institute  of  Aviation  Motors) 
Aviamotornaya  street  2 
1112S0  MOSCOW 
RUSSIA 


2. 1  Introduction 

2.2  Mathematical  model  and  numerical  method 

2.3  The  main  results  of  the  CIAM  investigations  on  supersonic  mixing  and  combustion  enhancement 

2.4  Some  notices  about  the  jet/shock  interaction  and  mixing  enhancement 

2  .S  Evaluation  of  combustion  efficiency  and  choice  of  acceptable  design  parameters  for  combustor 
2.6  Estimation  of  the  role  of  chemical  kinetics 


2.1  Introduction 

It  is  necessary  to  note,  that  the  problem  of 
supersonic  combustion  of  hydrogen  in  air  stream  was 
investigated  in  Russia  both  experimentally  and 
numerically  It  is  not  possible  to  give  the  full  survey  of 
publications  about  investigations  concerning  with 
numerical  simulation  in  short  description.  As  an 
examine,  monographs  [1,2]  may  be  pointed  out.  The 
boundary  layer  mo^l  was  used  in  [1].  The  experience 
in  numerical  simulation  of  supersonic  combustion 
within  the  scope  of  Reynolds  averaged  Navier-Stokes 
equations  and  their  parabolized  version  is  presented  in 
12]. 

The  influence  of  finite  rates  of  chemical 
reactions  and  concentrations  fluctuations  on  combustion 
efficiency  in  duct  was  investigated  in  [3-3]  with  the  aid 
of  boundary  layer  model.  By  this,  the  diffusion  flame 
sheet  model  was  used  in  [3],  and  sufficiently  detailed 
kinetical  scheme,  including  20  reactions  for  9 
components  was  considered  in  [3].  The  influence  of 
duct  geometry  factors  on  combustion  efficiency  was  also 
analyzed. 

The  supersonic  combustion  process  near  the  wall 
was  numerically  simulated  within  the  boundary  layer 
approach  [6-8].  The  necessity  to  take  into  account  the 
fluctuations  of  scalar  parameters  was  shown.  The  model 
of  unmixedness  [9]  was  used  to  describe  the  influence  of 
concentrations  fluctuations  on  the  chemical  kinetics. 

The  system  of  mathematical  models  and 
numerical  codes  using  the  boundary  layer  and 
parrdwlized  Navier-Stokes  equations  for  two- 
dimensional  flows  was  developed  in  [10-12]  for  the 


numerical  simulation  of  supersonic  combustion.  The 
modified  k-e  turbulence  model  of  Launder- Jones  was 
used.  The  equilibrium  and  nonequilibrium  combustion 
models  were  realized.  The  influence  of  the 
concentrations  fluctuations  on  the  reactions  rates  was 
also  taken  into  account  with  the  aid  of  the  model  [9] 

The  numerical  investigation  of  supersonic 
combustion  of  hydrogen  jet,  injected  tangentially  along 
the  wall  into  supersonic  air  stream,  was  performed 
within  the  scope  of  two  -  dimensional  parabolized 
Navier-Stokes  equations  [13-15]  .  The  system  of  13 
reactions  for  9  components  was  considered.  The 
algebraic  turbulence  models  were  used  (modified 
Prandtl  and  Baldwin-Lomax). 

Detailed  survey  of  modem  numerical  investi¬ 
gations  of  the  supersonic  combustion  on  the  base  of 
three-dimensional  Reynolds  averaged  Navier-Stokes 
equations  or  their  parabolized  version  is  presented  in 
[16-19].  It  is  necessary  to  note,  that  simplified  kinetical 
scheme  [20]  was  most  commonly  used.  The  possibility 
to  include  more  detailed  kinetical  mechanism  into  this 
class  of  mathematical  models  is  directly  dependent  upon 
the  progress  in  computer  power. 

The  short  description  of  the  mathematical 
model  developed  in  CIAM  for  numerical  simulation  of 
supersonic  mixing  and  combustion,  which  permits  to 
amdyze  the  three-dimensional  effects,  is  presented  in 
this  paper.  Some  aspects  of  mixing  and  combustion 
enhancement  will  also  be  considered  on  the  base  of 
CIAM  experience. 

The  scramjet  combustor  efficiency  depends 
strongly  upon  the  efficiency  of  the  mixing  process 
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between  fuel  and  oxidizer.  There  are  two  reasons  for 
this  effect.  The  first  reason  is  that  the  mixing  efficiency 
of  supersonic  flows  decreases  with  Mach  number 
increase  because  of  the  influence  of  compressibility  |2I- 
23 1 .  The  increase  of  the  so  called  convective  Mach 
number  is  accompanied  by  the  essential  mixing 
efiicicncy  decrease  in  comparison  with  the 
incompressible  fluid  at  the  same  velocities  and  densities 
ratios.  This  decrease  observed  in  the  experimental 
investigations  for  the  plane  shear  layer  spreading  rates 
at  supersonic  convective  Mach  numbers  may  be  near 
70%  of  that  value  in  incompressible  case  (24).  The 
similar  data  for  axisymmetrical  coflowing  jets  were 
obtained,  for  example,  in  [29]. 

Second  reason  consists  in  the  decrease  of  the 
residence  time  in  the  combustor  as  the  flight  Mach 
number  increases.  It  is  obvious  that  the  problem  of 
mixing  and  combustion  enhancement  is  very  important 
to  create  high  effective  scramjet  combustor. 

The  following  factors  must  be  taken  into  account 
at  estimation  of  possible  mixing  and  combustion 
enhancement  methods.  It  is  necessary  to  evaluate  the 
additional  losses  connected  with  the  mixing 
augmentation  process  and  the  influence  of  this  losses  on 
the  overall  performances  of  the  propulsion  system  such 
as  momentum  or  thrust  |2S|.  It  is  desirable  to  use  the 
own  momentum  of  hydrogen  jet  injected  into  the  air 
stream  as  better  as  possible.  This  hydrogen  has  been 
heated  by  using  in  the  inlet  and  airframe  cooling 
systems.  This  circumstance  is  particularly  important  for 
high  flight  Mach  numbers  and  makes  advantageous  the 
axial  hydrogen  injection.  Moreover,  the  possibility  to 
use  injection  struts  is  doubtful  at  high  hypersonic  flight 
Mach  numbers  (26|  and  then  it  is  necessary  to  analyze 
the  opportunity  to  apply  the  near  wall  injection  system. 

One  can  distinguish  the  following  control 
methods  for  the  mixing  enhancement  at  present : 

1)  direct  influence  on  the  hydrogen  jet  shape 
with  the  aid  of  the  hydrogen  injector  nozzle  design  or 
use  of  special  heads  to  distort  the  jet  |27-34|; 

2)  the  shock-jet  or  mi.xing  layer  interaction  |35- 
42|.  Some  enhancement  mechanisms  including  the 
unsteady  effects  may  exist  in  this  case; 

3)  the  hydrogen  strut  design  in  such  manner  to 
create  intensive  secondary  flows  with  the  convective 
mixing  mechanism  |43-  47|; 

4)  the  swirling  of  the  hydrogen  jet  |48  -  49|; 

5)  the  wall  jet  injection  at  some  angle  to  the 
main  air  stream  as  an  alternative  to  the  slot  injection  in 
axial  direction.  The  permissible  angles  of  injection  must 
be  evaluated  from  the  compromise  between  mixing 
enhancement  and  hydrogen  momentum  and 
gasdynamical  losses  |5U-53|; 

6)  the  use  of  unsteady  effects,  including  acoustic 
influence  on  hydrogen  jet  (see.  for  example.  |S4|). 

It  must  be  pointed  out  that  the  following 


mechanisms  responsible  for  the  mixing  enhancement 
may  be  revealed  when  using  the  above  mentioned 
mixing  control  methods:  the  increase  of  the  mixing 
surface;  the  vorticity  generation  in  the  flow;  the 
influence  on  the  stability  characteristics;  the  influence 
on  the  large  and  small-scale  turbulent  structures.  This 
mechanisms  revealing  in  the  specific  control  method  is 
very  difficult  task  and  requires  using  of  very  sensitive 
modem  measuring  techniques  and  complex 
mathematical  models  elaboration.  At  the  same  time  it 
seems  to  be  justified  to  use  more  simple  measurements 
and  existing  mathematical  models  to  predict  the 
efficiency  of  special  mixing  control  methods  and  to 
evaluate  the  additional  losses.  Such  evaluations  for  the 
special  mixing  control  methods  make  possible  the 
analysis  of  the  efficiency  of  the  real  ,  injection  systems, 
which  include  several  control  methods  simultaneously 
as  a  rule.  But  the  physical  investigations  of  the  mixing 
enhancement  mechanisms  arc  of  primary  importance. 


2.2.  Mathematical  model  and  numerical  method 

The  3-D  parabolized  Navier-Stokes  equations  arc 
used  for  the  numerical  simulation  of  two  supersonic 
flows  mixing.  These  equations  arc  derived  from  the  full 
3-0  Navier-Stokes  equations  with  exception  of  the 
second  derivatives  with  differentiation  in  longitudinal 
direction  |55|.  The  equations  are  written  in  cartesian 
coordinates  X.Y.Z  and  longitudinal  X-axis  coincides 
with  the  air  stream  direction.  The  multicomponent  flow 
of  perfect  gases  is  considered.  The  heat  capacity  of 
components  depends  upon  temperature.  The  chemical 
reactions  arc  not  taken  into  account  at  mixing 
calculations.  The  turbulent  regimes  are  considered  in 
the  quasilaminar  approach.  In  this  case  the  turbulent 
viscosity  is  introduced.  The  turbulent  heat  and  mass 
transfer  coefficients  arc  expressed  through  turbulent 
viscosity  coefficient  using  Prandtl  and  Schmidt 
numbers.  The  differential  turbulence  model  with  one 
equation  for  turbulent  viscosity  is  used  |S6.57|. 

The  approximate  diffusion  flame  sheet  model  is 
used  for  the  numerical  simulation  of  flows  with 
combustion.  This  approach  (58.591  is  based  on  the 
assumption  that  the  combustion  is  controlled  only  by  the 
mixing  of  fuel  and  oxidizer.  Additionally,  it  is  assumed 
that  one  global  infinitely  fast  reaction  takes  place  with 
formation  of  reaction  products  from  fuel  (hydrogen)  and 
oxidizer  (oxygen)  and  with  heat  release.  The 
instantaneous  reaction  occurs  at  the  surface  of  the  front 
where  the  diffusion  fluxes  of  fuel  and  oxidizer  are  in 
stoichiometric  relation.  Only  fuel  is  contained  on  one 
side  of  the  flame  sheet,  only  oxidizer  -  on  the  another . 
The  products  of  combustion  difliises  in  both  sides  from 
the  flame  front  surface  (58|. 

It  IS  known  for  the  flame  sheet  model  that  if 
diffusivities  of  all  components  are  the  same,  and  initial 
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concentrations  profiles  and  boundary  conditions  for 
them  are  self-similar,  it  is  possible  to  introduce  the 
mixture  fracture  and  to  solve  the  single  equation  for  this 
value  with  following  definition  of  fuel,  oxidizer  and 
reaction  products  mass  fractions  taking  into  account 
their  initial  profiles. 

The  total  enthalpy  profile  may  also  be  obtained 
by  use  mixture  fracture  profiles  with  some  additional 
assumptions.  It  is  assuined  that  Prandtl  and  Lewis 
numbers  are  equal  to  unit,  and  the  initial  profile  for 
enthalpy  is  piecewise  constant  as  for  the  component 
mass  fraction.  Also  it  is  necessary  to  omit  some  terms 
from  the  energy  equation  of  PNS  Qratem,  which  are  not 
essential  in  inviscid  region  and  in  shear  layers. 

Thus,  in  the  case  of  diffusion  flame  sheet  model, 
it  is  necessary  to  solve  numerically  the  continuity 
equation  for  the  mixture,  three  momentum  equations, 
and  equation  for  the  mixture  fracture.  Then  the  total 
enthalpy  and  components  mass  concentrations  are 
calculated  on  the  baM  of  mixture  fracture. 

In  supersonic  regions  the  marching  procedure 
may  be  used  in  downstream  direction  for  the  numerical 
solution  of  PNS  equations  (55|.  In  initial  cross-section 
the  distributions  of  all  parameters  must  be 
predetermined.  The  conditions  on  the  lateral  boundaries 
of  computational  region  depend  upon  the  physical 
problem.  Some  boundary  coiiditions  will  be  discussed 
later.  But  it  is  necessary  to  note  that  the  boundary  layers 
on  the  channel  walls  with  subsonic  regions  are  not 
taken  into  account,  because  it  requires  special 
consideration  including  global  pressure  iterations  (S5|. 
The  wall  boundary  layer  effects  were  neglected  because 
the  mixing  process  is  the  main  object  of  our 
consideration. 

The  governing  equations  are  solved  numerically 
using  the  method,  which  is  based  on  the  higher  order 
accuracy  monotone  Godunov's  finite  volume  scheme  for 
the  steady  supersonic  flow  (60-62],  generalized  to  three- 
dimensional  case  by  A.Kraiko  and  S.Schipin.  This 
explicit  predictor-corrector  scheme  induing  the 
modified  |63j  principal  of  minimal  increments  of 
functions  (64)  provides  the  monotonicity  condition,  the 
second  order  accuracy  on  regular  uniform  grids,  and 
approximation  on  arbitrary  nonuniform  grids.  The 
generalization  of  this  method  on  the  multicomponent 
flows  taking  into  account  variable  heat  capacities  for 
PNS  equations  was  performed  by  V.Kopchenov  and 
K.Lomkov. 

The  proposed  method  permits  to  use  the  adaptive 
and  regular  grids.  When  the  mixing  layer  is  thin,  the 
ad^tive  grid  is  used.  This  grid  is  matched  to  the 
dividing  stream  surface.  When  the  shear  layer  becomes 
thick,  the  regular  grid  is  used.  In  this  way  the  accuracy 
of  the  results  obtained  is  increased  and  the  run  time  is 
reduced. 


The  mathematical  model  presented  here  is  based 
on  the  assumption  that  the  chemical  processes  are 
infinitely  fiut  and  the  combustion  is  controlled  only  by 
mixing  rate  (flame  sheet  model).  Nevertheless  there  is  a 
number  of  scraiqjet  operational  regimes  with  the 
residence  time  in  combustor  is  the  same  order  as 
characteristic  time  scale  for  chemical  processes.  There 
are  two  difierent  cases  here.  The  first  one  is  the  "low” 
fli^t  Mach  number  operational  regimes  (Mf^-8).  As  a 
rule  the  air  flow  temperature  at  the  entrance  of 
combustor  is  not  sufificiently  high  for  self-ignition  at 
these  regimes.  The  combustion  is  possible  in  this  case 
only  if  reli^Ie  flameholders  and  igniters  are  available. 

The  second  case  is  more  important  for  high 
flight  Mach  numbers.  The  residence  time  dramatic 
decreasing  in  this  case  may  lead  to  incompleteness  of 
sufficiently  slow  relaxation  processes,  berause  these 
processes  are  controlled  by  third  order  slow  reactions. 
On  the  other  hand  these  are  the  processes  responsible 
for  main  part  of  energy  release.  Hence  the  combustion 
inefficiency  controlled  by  chemical  kinetics  may  be 
observed. 

It  is  obviously  seen  that  in  both  cases  the  flame 
sheet  model  is  not  valid  and  more  complex,  based  on 
detailed  kinetics  approach,  mathematical  model  is 
needed.  To  detect  such  kinetically  controlled  operational 
regimes  and  to  avoid  the  possible  errors  connected  with 
the  usage  of  the  flame  sheet  model,  the  simplified 
mathematical  model  for  reacting  gas  flow  in  combustor 
was  suggested  by  S.Zaitcev  and  I.Borisov.  Here  it  is. 

Let  us  suppose,  that  the  flow  field  is  one 
dimensional,  and  the  static  pressure  is  constant  in 
combustor.  The  heat  transfer  from  the  reaction  zone  is 
neglected.  The  variation  of  the  axial  velocity  u  along  the 
combustor  is  supposed  to  be  negligible  (the  results  of 
calculations  show  that  u  remains  nearly  the  same  and 
equals  U  along  the  combustor  length  unlike  the  Mach 
number  decreases  dramatically).  Hence,  the  equations 
for  species  concentrations  and  the  energy  conservation 
law  are  to  be  taken  into  account 

UdC,/dx  =  W,. 

H=const. 

Here,  C,  is  the  .vpcci^'S  concentrations,  Wj  - 
chemical  production  rate,  H  •  total  enthalpy  including 
species  formation  specific  heats.  The  initial  conditions 
at  the  entrance  of  combustion  chamber  have  to  be 
formulated  to  complete  this  problem.  Two  different  sets 
of  initial  conditions  were  us^  for  calculations.  The  first 
set  corresponds  to  infinitely  fast  fuel  and  air  mixing 
with  conservation  of  the  total  mass,  momentum  and 
energy  (  MIX  ).  The  second  set  of  initial  conditions 
corresponds  to  assumption  that  the  chemical  processes 
take  place  at  the  stoichiometric  mixture  surface  placed 
closely  to  the  external  boundary  of  jet.  It  was  assumed 
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that  initial  temperature  and  presiure  here  are  equal  to 
the  air  parame^,  and  the  hydrogen  concentration  it 
itoichiometric  (DIF).  The  Dimitrov*!  detailed  kinetics 
scheme  was  used  in  calculations  [63].  It  includes  30 
elementary  reactions  between  8  reactants:  H2, 03,  H,  O, 
OH,  HO2.  H2O2,  H2O.  The  q)ecific  enthalpies  of  qjecies 
were  approximated.  The  Oear-baaed  numerical  code 
was  us^  to  solve  the  problem  [66]. 

There  were  two  values  of  main  interest  in  the 
calculations.  The  first  one  is  the  Lj-U  *  ti  •  the 
characteristic  ignition  length  scale  (  estimated  for  5% 
enlarges  of  the  temperature  from  its  initial  value).  The 
second  one  is  the  L,-U  *  t,  •  characteristic  length  scale 
for  energy  release  (estimated  as  the  length  for 
temperature  reaches  99%  of  its  equilibrium  value).  The 
results  of  calculations  are  presented  in  section  2.6. 


2  3  The  main  results  of  the  CIAM  investieations 
on  supersonic  mixing  and  combustion  enhancement 

The  three-dimensional  effects  due  to  the 
interaction  of  the  supersonic  H2  jet  with  supersonic  air 
flow  were  analyzed  as  possible  mechanism  for  mixing 
and  condnistion  enha^ment  [67].  The  design  of 
supersonic  part  of  the  nozzle  for  hydrogen  injection  is 
considered  as  one  of  the  possible  passive  control 
methods.  The  second  meth^  includes  injection  of 
hydrogen  jet  at  an  angle  to  the  main  air  stream. 

The  mixing  efficiency  calculations  were 
performed  for  four  cases.  In  the  first  case,  the  hydrogen 
was  injected  through  the  axisymmetric  nozzle  with 
conical  supersonic  part  (the  reference  case  C|).  In  the 
second  case  (C2),  the  hydrogen  was  injected  as  circular 
uniform  jet  at  an  angle  10°  to  the  air  flow  in  horizontal 
direction,  and  in  the  third  case  (€3)  -  at  an  angle  10°  in 
vertical  direction.  In  the  fourth  case  (C4),  the 
nonaxisymmetric  hydrogen  injection  nozzle  is  used.  The 
nozzle  has  elliptical  exit  cross-section  with  2:1  aspect 
ratio.  The  walls  take  straight-line  form  in  meridional 
planes.  The  elliptical  and  axisymmetric  nozzles  have 
the  same  expansion  ratio. 

The  test  problem  is  formulated  in  the  following 
maimer.  It  is  assumed  that  the  cascade  of  struts  is 
placed  in  the  combustor  without  skew  angle.  The  H2  is 
injected  in  the  air  flow  from  the  base  surface  of  each 
strut  through  individual  nozzles.  The  number  of  nozzles 
is  large  enough.  Therefore,  the  influence  of  the  wall  on 
the  "central"  jet  may  be  neglected.  Afqiroximately,  it  is 
possible  to  divide  the  flow  field  into  tlie  elementary 
regions  with  some  symmetry  or  periodicity  conditions 
on  the  elementaiy  computational  region  boundaries. 
The  computational  regions  for  each  of  considered  cases 
(C1-C4)  are  shown  in  Fig.2.3.1-a-d.  The  direction  of 
transversal  injection  component  is  indicated  by  pointer. 
It  is  supposed,  that  the  air  flow  in  initial  section  is 


uniform.  When  the  jet  is  iiyected  at  an  angle  to  main  air 
flow  (Fig.2.3.1-b,c),  the  jet  parameters  are  given  as 
uniform,  including  constant  vertical  or  horizontal 
velocity  component.  At  the  investigation  of  the  cases  C| 
and  C4,  (Fig.2.3.i-a,d)  the  hydrogen  jet  parameters  in 
initial  cross-section  are  obtained  from  the  calculations 
of  the  inviscid  supersonic  nozzle  flow. 

To  investigate  possibilities  of  the  mixing 
enhancement  two  series  calculations  were  performed. 
The  design  Mach  number  for  the  hydrogen 

axisymmetric  nozzle  was  equal  to  3.0S  and  the 

temperature  T  of  the  hydrogen  at  the  nozzle  exit  is 
equal  to  340°  K.  The  air  flow  parameters  for  three 
regimes  are  shown  in  table  2.3.1.  The  ratio  of 

longitudinal  velocity  components  of  hydrogen  and  air 
approaches  to  unit  for  the  second  regime.  The  tuibulent 
viscosity  generation  mechanism  is  switched  off 

according  to  the  turbulence  model,  and  the  mixing 
efficiency  is  determined  in  this  case  by  the  initial 
turbulent  viscosity  level.  Let  us  consider  some  results, 
obtained  for  regime  Rj . 

The  mixing  efficiency  is  evaluated  with  the  aid 
of  the  following  characteristics.  The  value  q  is 
introduced  as 

q  =  (l-C  J/(1-<C>). 

Here  is  maximum  value  of  H2  mass  fraction  in 
cross-section  and  <C>  is  massflow  averaged  H2  mass 
fraction 

<C>=JJpuCdF/J|pudF, 

F  F 

where  F  is  the  chaimel  cross-section  area.  This  value 
varies  from  zero  in  the  initial  cross-section  up  to  one  at 
full  mixing.  This  characteristic  permits  to  determine 
accurately  the  initial  region  length  and  the  mixing 
efficiency  on  transition  and  main  regions.  To  evaluate 
the  mixing  efficiency  in  the  whole  region  the  second 
characteristic  is  introduced 

D  =  /Jpu  (C  -<C>)2dF  /  fjpu  dF/<C>2  , 

F  F 

which  defines  the  nonuniformity  of  mass  fraction 
distribution  in  the  chaimel  cross-section.  The  mixing 
efficiency  characteristic  q,  plotted  as  a  function  of 
streamwise  coordinate  X,  is  shown  in  Fig.2.3.2.  The 
curves  M  correspond  accordingly  to  investigated  cases 
CrC4. 

The  mixing  process  itself  is  connected  with 
irreversible  losses.  It  is  necessary  to  analyze  the 
influence  of  the  mixing  control  method  on  the 
additional  losses.  For  example,  the  additional  losses 
origin  may  be  concerned  with  shock  generation  in 
supersonic  flow.  The  losses  are  estimated  by  the  total 
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pressure  averaged  by  the  massflow.  The  value  C 
defined  as  the  ratio  of  the  averaged  total  pressure  to  the 
same  parameter  in  the  initial  cross-section.  The 
dependence  of  losses  upon  mixing  efficiency  6  is 
presented  in  Fig.2.3.3.  The  value  6  is  introduced  as 

e  =  (l-D/Do), 

where  Do  is  value  D  in  initial  cross-section.  It  varies 
from  zero  in  initial  cross-section  to  unit  at  full  mixing. 
The  total  pressure  losses  level  for  ideal  full  mixing  is 
designated  by  a  marker.  The  results  comparisons  for 
these  four  cases  confirms  that  the  total  pressure  losses 
are  approximately  the  same  for  identical  mixing 
efficiency,  determined  by  6.  But  it  is  necessary  to  note, 
that  identical  mixing  efficiency  is  achieved  on  different 
distances  from  initial  cross-section  (see  Fig.2.3.2). 
Hence,  the  mixing  is  enhanced  for  this  regime  without 
noticeable  additional  total  pressure  losses.  The  mixing 
enhancement  is  also  illustrated  in  Fig.2.3.4,  where  the 
H:  mass  fraction  fields  are  shown  for  cases  C|  -  C4  in 
different  cross-sections. 

The  H2  jet  injection  at  an  angle  10°  is 
accompanied  by  momentum  losses  of  hydrogen  jet  of 
1.3%,  these  losses  are  equal  to  2.2%  for  conical 
axisymmetric  nozzle,  and  for  elliptical  nozzle  -  3.3%. 
Thus,  the  additional  momentum  losses  for  elliptical 
nozzle  in  comparison  with  axisymmetrical  nozzle  are 
equal  1.3%,  and  are  approximately  the  same,  as  in  the 
cases  C2  and  C3.  Hence,  providing  the  superior  mixing 
level,  the  mixing  enhancement  using  elliptical  nozzle 
does  not  introduce  visible  additional  losses  in 
comparison  with  others  alternative  mixing  control 
methods  investigated  at  this  paper. 

It  is  important  to  reveal  the  cause  of  mixing 
enhancement.  As  follows  from  the  analysis  of  the 
numerical  results,  presented  in  Fig.2.3.4,  the  hydrogen 
jet  strongly  changes  its  form  with  increase  of  "mixing" 
surface  in  the  cases  C2-C4.  The  hydrogen  mass  fraction 
fields  give  evidence  about  mixing  enhancement.  But  for 
cases  C2,  C3,  the  confluence  of  neighboring  hydrogen 
jets  takes  place  at  smaller  distances  from  initial  cross 
section  thw  in  the  case  of  elliptical  nozzle.  Moreover, 
the  lateral  eruption  of  hydrogen  jet  is  less  intensive  in 
the  case  C3  in  comparison  with  elliptical  jet. 

The  second  effect,  arising  at  the  three- 
dimensional  fluid  dynamic  interaction  of  hydrogen  jet 
and  air  flow,  is  concerned  with  intensive  second^ 
flows  formation.  The  fields  of  the  transverse  velocity 
components  are  shown  for  all  cases  in  Fig.2.3.3.  It  is 
evident,  that  the  axial  vortices  are  formed  as  a  result  of 
three-dimensional  interaction  for  cases  C2-C4.  These 
vortices  are  observed  far  from  the  initial  cross-section 
and  provide  the  convection  mechanism  for  mixing 
enhaiicement.  Significance  of  longitudinal  vortices  for 
mixing  and  combustion  augmentation  was  also 
mentioned  for  example  in  (33).  But  the  nature  of 


vortices  arising  is  different.  In  our  case,  the  longitudinal 
vortices  are  the  result  of  three-dimensional  fluid 
dytuimic  interaction  behind  the  nozzle  exit  cross- 
section.  This  vorticity  is  not  generated  in  the  nozzle 
flow. 

In  order  to  illustrate  the  influence  of  the  mixing 
enhancement  on  the  combustion  efficiency,  the  same 
regime  was  calculated  using  the  flame  sheet  model.  The 
combustion  efficiency  as  a  function  of  streamwise 
coordinate  is  shown  in  Fig.2.3.6  for  axisymmetric 
nozzle  (N|),  and  for  two  elliptical  nozzles  with  2:1  (N2) 
and  3;1  (N3)  aspect  ratio  in  the  exit  cross-section.  The 
location  of  the  flame  front  is  presented  in  different 
cross-sections  of  the  channel  in  Fig.2.3.7.  The  change  of 
the  flame  front  surface  and  its  "interaction"  with 
computational  region  boundaries  may  explain  the 
dependence  of  the  combustion  efficiency  upon  the 
longitudinal  distance,  and.  in  particular,  the  reduction 
of  the  "combustion  rate"  at  some  distance,  and  also  the 
superiority  of  the  nozzle  N3  in  comparison  with  nozzles 
N2  and  N,. 

Thus,  it  is  seen,  that  the  three-dimensional 
effects,  arising  due  to  interaction  of  the  supersonic 
hydrogen  jet  from  nonaxisymmetric  nozzle  with 
coflowing  air  stream,  provide  the  mechanisms  for  the 
mixing  and  combustion  enhancement.  The  first 
mechanism  is  connected  with  the  increase  of  mixing 
and  combustion  surfaces.  The  second  convective 
mechanism  is  the  formation  of  intensive  secondary 
flows  with  longitudinal  component  of  vorticity.  It  is 
necessary  to  note,  that  for  the  mathematical  model, 
presented  in  this  paper,  the  investigated  mixing  and 
combustion  enhancement  effects  are  not  connected  with 
additional  turbulent  viscosity  generation.  Therefore,  it  is 
interesting  to  verify  the  role  of  the  investigated  effects 
for  regimes  with  weak  turbulent  viscosity  generation 
and  simultaneously  with  low  initial  turbulent  viscosity 
level. 

For  the  regime  R2  the  turbulent  viscosity 
generation  is  small,  because  the  ratio  of  longitudinal 
velocity  components  approaches  to  one,  and  the 
turbulent  mixing  efficiency  is  determined  by  the  initial 
turbulent  viscosity  level.  The  dependence  of  the  mixing 
efficiency  q  upon  the  longitudinal  distance  for 
axisymmeuic  and  elliptical  nozzles  is  represented  in 
Fig.2.3.8  by  curves  1  and  2  respectively.  The  initial 
dimensionless  turbulent  viscosity  level  is  equal  to  3*10^ 
(the  ratio  of  the  turbulent  viscosity  to  hydrogen  velocity 
and  radius  of  axisymmetric  nozzle  in  the  initial  cross 
section).  The  curve  1  shows,  that  at  small  initial 
turbulent  viscosity  levels  the  turbulent  mixing  is 
unessential.  It  is  r^ous,  that  in  this  case  the  elliptical 
nozzle  provides  much  more  superior  mixing 
characteristics  relative  to  axisynunetric  one. 

In  order  to  investigate  the  influence  of  the  nozzle 
design  on  combustion  efficiency  for  regime  R2,  some 
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calculations  were  performed  for  axisymmetric  N|  and 
elliptical  N2  nozzles  with  two  different  initial  levels  of 
tiuMent  viscosity  (10-<  and  2*10-3)  and  for  elliptical 
nozzle  Ns  with  small  initial  turbulent  viscosity  level. 
The  combustion  efficiency  as  a  function  of  streamwise 
coordinate  is  shown  in  Fig.2.3.9.  The  curves  1,2 
correspond  to  axisymmetric  nozzle  with  small  and  high 
levels  of  turbulent  viscosity.  The  similar  results  for  the 
elliptical  nozzle  Nj  are  represented  by  curves  3,4  and 
curve  S  corresponds  to  the  nozzle  N3  and  low  initial 
level  of  turbulent  viscosity.  The  elliptical  nozzle 
provides  superior  mixing  characteristics  relative  to 
circular  no^e  for  both  initial  levels  of  turbulent 
viscosity.  In  the  case  of  elliptical  nozzle  Nj  with  small 
initial  level  of  turbulent  viscosity,  the  combustion 
efficiency  is  higher  at  large  distances  from  initial 
section,  than  in  the  case  of  circular  nozzle  with  large 
turbulent  viscosity  level.  Taking  into  account  the 
influence  of  the  initial  turbulent  viscosity  level  on  the 
combustion  efficiency  for  the  elliptical  nozzle,  it  is 
possible  to  assume,  that  the  mixing  and  combustion 
surface  increase  has  the  main  significance  for  this 
regime.  Possibly,  the  convective  mechanism,  provided 
by  the  secondary  flows,  is  less  essential  in  any  case  for 
the  higher  initial  level  of  turbulent  viscosity.  The 
comparison  of  curves  1,3,5  shows,  that  the  nozzle  N3 
provides  superior  combustion  efficiency. 

At  the  third  regime,  air  flow  has  high  Mach 
number,  hydrogen  jet  is  strongly  underexpanded, 
besides  that  the  air  flow  velocity  exceeds  jet  velocity. 
The  comparison  was  made  for  three  nozzles;  N,,  N2  and 
N3.  One  can  see  from  Fig.2.3.10  that  the  nozzle  N3 
provides  the  best  combustion  efficiency  again. 

Thus,  it  may  be  noticed,  that  the  elliptical  nozzle 
for  hydrogen  injection  provides  the  superior  combustion 
efficiency  in  wide  range  of  regimes  in  the  duct  with  the 
rectangular  cross  -  section.  It  seems,  that  it  is  possible  to 
choose  the  nozzle  aspect  ratio,  which  provides  the  best 
level  of  combustion  efficiency  for  this  duct. 


2.4  Some  notices  about  the  iet/shock  interaction 
and  mixing  enhancement 

The  problem  of  hydrogen  jet  passage  through  an 
oblique  shock  wave  was  investigated  in  [39-42,68].  It 
was  pointed  out  that  a  strong  interface  distortion  and 
baroclinic  torque  take  place  as  a  result  of  shock- 
impingement  [39-42}  except  the  possible  jet 
compression  [68|.  This  distortion  and  baroclinic  torque 
are  connected  with  the  generation  of  the  vorticity 
located  along  the  fuel/air  interface  [39-41]. 

The  goal  of  this  stutfy  was  to  investigate 
numerically  the  process  of  shock-impingement  itself 
and  conditions,  providing  mentioned  effects.  Free  air 
stream  conditions  corresponded  to  M2=6,  T2=2000‘’K. 


The  ramp  with  angle  of  7. 1°  produced  the  oblique  shock 
with  pressure  ratio  about  2.5.  Computational  grid 
consists  of  75x50  cells  in  cross-section.  In  the  base 
(reference)  case  the  hydrogen  jet  Mach  number  M|  was 
equal  to  2,  and  jet/air  density  ratio  p'  was  equal  to  0.5. 

The  density  ratios  0.125,  0.5,  1.0  and  2.0 
(corresponding  to  hydrogen  temperatures  1120°  K, 
280°  K,  140°  K  and  70°  K  )  were  studied  in  the  first 
series  for  the  inviscid  case  (Fig.2.4. 1  and  table  2.4.1).  In 
this  series  M)  was  equal  to  2.  The  peculiarity  of  the  case 
with  p'=l  consists  in  the  absence  of  the  baroclinic 
source  term  in  the  vorticity  equation  [40],  because  the 
normal  component  of  density  gradient  on  the  jet 
boundary  is  turned  off,  and  in  unviscid  case  the  density 
gradient  as  the  pressure  gradient  is  caused  only  by  wave 
structure  if  the  numerical  scheme  dissipation  is 
negligible.  However,  the  patterns  of  density  fields  (see 
Fig.2.4.2,  2.4.3)  show,  that  jet  shape  deformation 
doesn't  depend  on  p',  and  remains  even  if  the  density 
gradient  is  parallel  to  the  pressure  gradient. 

In  the  second  series,  p'  was  fixed  and  equal  to 
0.5,  but  jet  Mach  number  M|  was  changed;  M|=2,4,6. 
Air  stream  Mach  number  was  equal  to  6.  To  provide  the 
identical  shock  slope  in  the  jet  and  in  the  air  in  the  last 
case,  the  air  and  hydrogen  specific  heat  ratios  were  set 
equal  to  1.4.  The  rapid  interface  deformation  is  proved 
to  be  reduced  with  the  increase  of  jet  Mach  number. 
Fig.2.4.4  shows,  that  jet  is  only  compressed  by  the 
shock  in  vertical  direction  at  equal  Mach  numbers  and 
then  retains  its  shape.  The  non-dimensional  circulation 
is  presented  in  Fig.2.4.5  for  the  investigated  cases.  It  is 
interesting  to  note,  that  there  is  no  switching  of 
circulation  sign  with  reversing  of  density  ratio,  as  it 
would  be  supposed  according  to  [40].  Moreover,  the 
essential  influence  of  the  density  ratio  on  the  circulation 
level  is  not  observed.  But  the  level  of  circulation 
diminishes  with  the  rise  of  jet  Mach  number.  So  one  can 
suppose  that  just  the  Mach  number  difference  but  not 
the  density  ratio  is  responsible  for  the  rapid  Jet 
distortion. 

Some  explanation  may  be  proposed  on  the  base 
of  the  detailed  pattern  of  density  concurs  obtained  with 
the  grid  95x70  for  the  reference  t  (see  Fig.2.4.6). 
After  the  jet  and  shock  touching  the  part  of  shock  inside 
the  jet  "moves"  faster  than  shock  in  air  due  to  the  Mach 
numbers  difference.  Besides,  the  expansion  wave  arise 
on  the  lower  part  of  jet  boundary  and  moves  toward  the 
ramp  surface.  Probably,  these  waves  result  in  secondary 
flows  with  longitudinal  vorticity.  At  some  distance, 
these  flows  induce  jet  dividing  on  two  parts  and 
considerable  increase  of  the  mixing  surface.  The  jet 
dividing  effect  is  clearly  discernible  in  the  Fig.  2.4.3. 

The  next  series  of  computations  was  run  for  the 
reference  regime  with  turned  on  viscosity  terms  to 
obtain  information  about  mixing  enhancement;  a)  for 
free  jet  without  any  shock,  b)  for  the  base  case,  when  the 
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ramp  leading  edge  is  in  the  same  section  where  jet  is 
injected  (X,«np=0),  and  c)  for  Xnmp=30.  Density 
contours  for  cases  b),  c)  are  shown  in  Fig.2.4.7,  2.4.8 
and  concentration  fields  in  section  XX120  •  in  Fig.2.4.9. 
One  can  see,  that  in  spite  of  different  Xnmp  the  resulting 
concentration  fields  are  similar.  Only  the  height  of  the 
jet  center  is  slightly  larger  in  the  case  of  Xnnip=U.  This 
fact  can  be  explained  by  longer  lifting  action  of  vortices. 
As  for  the  mixing  efficiency,  it  is  seen  in  the  Fig.2.4. 10 
that  the  presence  of  the  shock  provides  the  superior 
mixing  and  the  final  effect  is  we^y  dependent  on  the 
place  of  the  shock  impingement. 

But  two  others  curves  in  Fig.2.4. 10, 
corresponding  lo  hydregen^air  mixing  in  the  case  of 
equal  Mach  numbers  with  and  without  shock,  also 
demonstrate  some  mixing  enhancement  by  shock.  The 
reduction  of  length,  where  the  mixing  efficiency  0.4  is 
achieved,  constitutes  37%  for  jet  Mach  number  6  and 
63%  for  jet  Mach  number  2  (comparisons  of  lengths  are 
made  for  cases  with  and  without  shock  impingement).  It 
is  difficult  to  divide  the  influence  of  general 
compression  in  the  shock  (the  decrease  of  the  jet  cross- 
section  area)  and  jet  distortion  on  mixing  enhancement, 
but  the  quantitative  comparison  allows  to  suppose,  that 
the  jet  distortion  may  provide  the  additional  mixing 
enhancement. 

It  is  necessary  to  note  that  numerical  simulation 
of  shock/jet  interaction  was  performed  in  CIAM  by 
V.Vasiljev  and  S.2^otenko  [68].  They  point  out  that 
the  compression  of  the  jet  at  processing  through  the 
shock  is  followed  by  decrease  of  the  jet  cross  •  section 
area.  At  the  same  time,  the  turbulent  viscosity  does  not 
change  its  level  after  processing  through  the  shock.  The 
decreased  cross  -  section  area  and  the  unchanged  level 
of  turbulent  viscosity  at  the  shock/jet  interaction  provide 
the  main  mechanism  of  the  mixing  enhancement  from 
the  point  of  authors  view  [68|.  The  secondary  flows  with 
vortical  structure  were  observed.  But  from  the  authors  of 
paper  [68|  opinion,  this  mechanism  docs  not  influence 
mixing  process. 

Thus,  from  our  point  of  view,  the  rapid  jet/air 
interface  distortion  and  intensive  secondary  transversal 
flows  are  promoted  by  the  difference  of  Mach  numbers 
in  the  hydrogen  jet  and  air  stream,  but  not  only  by  the 
density  gradients  in  the  baroclinic  torque  effect.  This 
distortion  increases  the  mixing  enhancement.  The  jet 
contraction  may  become  the  prevailing  enhancement 
mechanism  at  small  Mach  number  difference. 


2.5  Evaluation  of  combustion  efficiency  and 
choice  of  acceptable  design  parameters  for  combustor 

Let  us  consider  the  question  about  the  injector 
design  parameters  choice.  It  is  necessary  to  choose  the 
number  of  struts  for  hydrogen  injection,  the  number  of 


nozzles  for  hydrogen  injection  in  each  stmt,  and  to 
contour  the  nozzle  for  hydrogen  injection.  The  injector 
design,  the  stmts  and  nozzles  disposition  must  provide 
the  uniform  hydrogen  jet  distribution  in  the  combustor 
cross-section.  For  example,  it  is  desirable  to  divide  the 
combustor  cross-section  on  the  elementary  square 
regions  of  the  air  stream  and  to  inject  the  circular 
hydrogen  jet  to  the  center  of  this  region  with  the  aid  of 
injection  system.  The  uniform  hydrogen  jet  distribution 
in  air  stream  is  realized  in  this  case.  But  the  following 
circumstances  should  be  taken  into  account.  The  stmt 
system  induc;»  the  drag,  besides  it  is  necessary  to  solve 
the  stmt  cooling  problem.  Therefore,  the  number  of 
stmts  is  limited  and  is  comparatively  small.  Thus,  it  is 
neoctuny  id  desigi  dt  effinive  in^ediun  lyilkini  with  a 
fixed,  as  small  as  possihh  number  of  stmts.  But  the 
dimension  of  the  square  elementary  region  is  large  in 
the  case  of  small  number  of  stmts.  The  combustion 
length  at  given  parameters  in  initial  cross-section  is 
defined  by  chemical  reaction  rates  and  by  mixing 
process.  If  the  combustion  process  is  limited  by  mixing, 
then  the  absolute  flame  length  increases  as  the  hydrogen 
jet  radius  or  elementary  region  dimension  are  increased 
(at  given  air/fuel  equivalence  ratio  they  arc  correlated). 
Therefore,  really  the  absolute  combustion  length  is  large 
in  the  case  of  uniform  distribution  of  circular  hydrogen 
jets  for  small  number  of  stmts. 

It  seems  to  be  useful  to  increase  the  number  of 
nozzles  on  the  stmt  in  order  to  decrease  the  absolute 
combustion  length.  But  when  the  number  of  stmts  is 
fixed,  the  elementary  air  region  becomes  rectangular. 
The  partial  confluence  of  hydrogen  jets  may  cause  the 
decrease  of  the  mixing  and  combustion  efficiency  in  this 
case.  In  fact,  as  the  ratio  of  hydrogen  and  air  mass  flows 
IS  fixed,  then  the  distance  h  between  nozzles  is 
decreased  as  1/N  when  the  number  of  nozzles  N  in  stmt 
is  increased.  At  the  same  time  the  axisymmetric  nozzle 
radius  r  is  decreased  as  l/V^,  so  that  h/r  ->0  as 
N->QO.  The  confluence  of  hydrogen  jets  prevents  from 
the  effective  combustion  of  circular  hydrogen  Jet  in 
rectangular  elementary  region.  This  effect  was  shown  in 
the  previous  section.  But  it  is  possible  to  use  the 
potential  opportunity  to  decrease  the  absolute 
combustion  length  with  increased  number  of  nozzles 
and  decreased  hydrogen  Jet  absolute  dimensions  by 
choosing  the  "optimal"  elliptical  nozzle  for  rectangular 
elementary  channel.  As  it  was  demonstrated  in  the 
previous  section,  the  elliptical  nozzle  provides  the 
decrease  of  relative  mixing  and  combustion  lengths  in 
comparison  with  axisymmetric  nozzle  for  the  case  of 
increased  number  of  hydrogen  nozzles  with  rectangular 
elementary  channel.  The  gain  in  combustion  efficiency 
may  be  obtained  in  this  case  for  equivalent  absolute 
combustor  length  and  identical  number  of  stmts  in 
comparison  with  the  base  injector  version,  providing  the 
uniform  distribution  of  circular  hydrogen  Jets  in  the 
cross-section. 

Thus,  it  is  possible  to  fix  the  number  of  stmts 
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and  to  choose  the  humber  of  elliptical  no/./,les  on  the 
strut  with  the  "optimal"  axis  ratio.  The  previous 
investigations  showed,  that  it  is  possible  to  iii<-r  jase  the 
combustion  efllciency  with  the  increasing  the  elliptical 
nozzle  axes  ratio  up  to  value  3  and  more.  The 
simultaneous  variation  of  the  number  of  nozzles  in 
order  to  obtain  the  best  number  for  each  ellipticity  is 
needed  too.  But  such  two  -  parameteis  "optimization" 
procedure  seems  to  be  very  expensive  task,  because  it  is 
necessary  to  perform  direct  calculations  with  two 
parameters  variation.  But  some  practical  limitations 
allow  to  reduce  the  volume  of  calculations.  If  the 
elliptical  nozzle  aspect  ratio  is  too  large,  the  excessive 
expansion  angles  in  the  large  axis  direction,  and 
possible  converging  of  nozzle  with  circular  throat  in  the 
small  axis  direction  result  in  high  losses  in  comparison 
with  axisymmetric  nozzle.  Besides,  some  design 
restrictions  may  exist  on  the  nozzle  shape  and 
dimensions.  For  example,  it  may  be  the  overall 
dimensions  restriction. 

Taking  into  account  the  aforementioned 
circumstances,  the  following  design  procedure  seems  to 
be  justified.  For  a  given  number  of  struts  the  base 
injector  version  is  considered,  providing  the  uniform 
distribution  of  axisymmetric  hydrogen  jets.  The  injector 
with  greater  number  of  elliptical  nozzles  is  investigated 
as  alternative  version.  The  general  hydrogen  mass  flow 
through  the  elliptical  nozzles  is  equal  to  that  in  the 
axisymmetric  nozzles  ca.se.  Tlic  overall  dimensions  of 
the  nozzle  and  strut  for  the  alieniativc  injector  do  not 
exceed  that  for  base  version.  The  minimal  cross-section 
of  the  modified  nozzle  remains  circular,  but  it  has  some 
times  lesser  diameter  in  comparison  with  base 
axisymmetric  nozzle.  The  length  of  nozzle  supersonic 
part  remains  the  same  in  both  cases.  The  supersonic 
part  of  the  modified  elliptical  nozzle  has  the  rectilinear 
generatrices.  These  generatrices  connect  ti'iroat  and  exit 
cross-sections.  The  maximal  gencratri.\  inclination 
angle  is  obtained  taking  into  account  not  only  the 
geometrical  considerations  but  s' vj  '.n  desire  to  provide 
the  acceptable  level  of  no/  ic  pcrronnances.  This 
configuration  is  considered  is  alternative  injector 
version. 

But  simplirie'i  method  of  prc!tnii.<iniy  injector 
design  may  be  proposed,  which  provicic;  efllciency 
results  equivalent  to  two  times  larger  numbers  of  stmts 
and  axisymmetrical  nozzles  on  each  stmt  in  comparison 
with  base  injector  version.  The  corresponding  schemes, 
illustrating  the  suggested  method  are  shown  in 
Fig.2.5.1-aand2.5.1-d. 

The  base  injector  configuration  ensures  uniform 
distribution  of  hydrogen  jets  over  combustor  cross 
section,  but  absolute  dimensions  of  jets  and  /  or 
elementary  duct  falling  on  one  jet  are  too  great  to 
realize  acceptable  combustion  efficiency  levels  on 
chosen  combustor  length  with  chosen  number  of  stmts 
(see  Fig.2.5.1-a)  .  The  most  simple  solution  is  to 


increase  the  number  of  hydrogen  injection  nozzles  and 
the  number  of  stmts  and  to  decrease  simultaneously 
absolute  dimensions  of  jets  and  elementary  ducts 
maintaining  the  uniform  distribution  of  hydrogen  jets 
over  combustor  cross  section.  The  corresponding 
scheme,  illustrating  the  case  of  two  times  greater 
number  of  stmt  and  hydrogen  nozzles  on  each  stmt  is 
shown  in  Fig.2.S.  1-b.  In  this  case  it  is  possible  to  realize 
more  high  combustion  efficiency  levels  on  the  same 
combustor  length  or  to  decrease  required  combustor 
length  due  to  reduction  of  absolute  dimensions  of  jets 
and  elementary  ducts  under  condition  that  combustion 
process  is  controlled  by  mixing  rather  than  by  chemical 
kinetics. 

But  under  some  conditions  we  can't  select  this 
way,  because  of  increase  of  stmts  number.  On  the  other 
hand  the  simple  increase  of  nozzles  number  on  stmt  at 
constant  stmts  number  may  be  ineffective  due  to  quick 
confluence  of  jets  for  neighboring  elementary  ducts  with 
rectangular  cross-section.  The  situation,  corresponding 
to  doubled  number  of  nozzles  on  stmt  at  constant  stmts 
number  is  shown  schematically  in  Fig.  2.S.1-C.  It  is 
possible  to  avoid  negative  influence  of  jets  confluence 
for  rectangular  elementary  duct  by  use  of  elliptical 
nozzles  elongated  in  the  direction  of  greater  side  of 
elementary  rectangular  duct.  The  results  presented 
above  (see,  for  example  section  2.3)  show  that  jet  from 
the  elliptical  nozzle  divides  into  two  parts  at  some 
distance  from  injection  section.  This  provides 
practically  uniform  distribution  of  jets  over  duct  cross- 
section,  similar  to  distribution  with  two  times  greater 
stmts  number  and  simultaneously  two  times  greater 
number  of  axisymmetric  nozzles  on  each  stmt.  The 
latter  is  shown  schematically  in  Fig.  2.5.1-  d  (the  jets, 
into  which  breaks  down  the  jet  from  elliptical  nozzle  are 
shown  schematically  by  two  circles  near  the  ellipse). 
But  it  is  necessary  to  select  axes  ratio  of  elliptical 
nozzles  providing  the  best  dividing  of  hydrogen  jets 
from  the  considerations  of  their  mixing  and  burning. 

As  an  example  some  combustion  efficiency 
estimations  were  performed  for  the  model  combustor 
schematically  presented  in  Fig.2.S.2.  The  stmt  system 
for  hydrogen  injection  is  located  in  combustor  within 
the  symmetrical  angle  in  horizontal  plane,  which  is 
equal  to  36°.  The  number  of  stmts  was  chosen  to  be 
equal  to  15.  The  air  parameters  at  the  combustor 
entrance  are  presented  in  the  table  2.5.1.  The  Mach 
number  at  the  exit  of  hydrogen  nozzle  and  the 
parameters  (pressure  and  temperature)  are  also  shown 
in  table  2.5.1. 

Some  injection  schemes  were  tested  to  compare 
their  relative  efficiency.  In  the  first  case  the  hydrogen  is 
injected  through  the  slot  in  the  backward  face  of  the 
stmt.  The  slot  vertical  dimension  is  equal  to  stmt 
height.  In  the  second  case  the  high  slot  is  divided  into 
several  sections.  The  hydrogen  is  injected  through  the 
each  section  at  an  angle  10°  to  the  main  air  flow 
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direction  with  alternation  of  lateral  directions  of 
injection  in  neighboring  sections.  In  the  third  case  the 
injection  is  realized  through  the  individual 
axisynunetric  nozzles,  which  are  placed  inside  strut 
with  nozzle  exit  section  on  the  strut  backward  face. 
Then  using  the  number  of  struts,  the  number  of 
hydrogen  jets  injected  from  each  strut  the  elementary 
region  per  one  jet  was  obtained  in  accordance  with 
combustor  duct  geometry  (see  Fig.  2.S.2).  All 
estimations  were  performed  for  a  single  jet  in  the 
elementary  chaiuiel  with  coflowing  air  flow.  It  is 
obvious  that  such  evaluation  method  is  approximate. 
But  probably  it  is  possible  to  compare  alternative 
injection  schemes  efliciency  in  such  matuier. 

Let  us  coiLcider  some  results  about  the 
combustion  efliciency,  which  are  presented  in  Fig.2.5.3. 
It  is  necessary  to  note,  that  the  injector  with  indi\idual 
nozzles  was  chosen  to  provide  the  uniform  distribution 
of  hydrogen  jets  in  the  injector  control  cross-section. 
Therefore  the  number  of  nozzles  is  equal  to  20  on  each 
strut.  The  curves  1,2.3  in  the  Fig.2.S.3  show  the 
combustion  efliciency  as  the  fimetion  of  longitudinal 
coordinate  for  test  cases  1-3  (correspondingly  for  slot, 
section  slot  and  axisynunetric  nozzles  injection 
schemes).  It  is  necessary  to  note  the  low  combustion 
efliciency  in  the  cases  of  slot  and  section  slot  injection. 
The  better  results  are  obtained  in  the  third  case  for 
injection  with  the  aid  of  individual  axisymmetric 
nozzles 

The  proposed  scheme  of  combustion 
enhancement  due  to  doubled  number  of  elliptical 
nozzles  at  the  same  number  of  struts  was  also  tested  In 
this  case  the  elliptical  no/^Jes  with  aspect  ratio  2  :1  in 
exit  cross-section  were  used  The  results  obtained  in  this 
case  are  shown  in  Fig.2.S.3  by  curve  4.  The  obtained 
results  demonstrate  the  possibility  to  reduce  the 
necessary  combustor  length  with  the  aid  of  this  injection 
sy  stem  with  doubled  number  of  elliptical  no/yJes  So.  if 
the  combustion  efliciency  value  0  9  is  reached  on  the 
distance  approximately  one  conventional  length  unit  for 
injector  with  elliptical  no/.zlcs.  it  is  needed 
approximately  2.14  units  for  the  injector  with 
axisymmetric  noz.7Jcs.  and  the  distance  more  than  2.85 
units  is  necessary  to  reach  the  combustion  efliciency 
level  0.9  in  the  case  of  section  slot  and  slot  injectors 


2  .6  Estimation  of  the  role  of  chemical  kinetics 

To  estimate  the  role  of  chemical  kinetics  at  the 
different  scramjet  operational  regimes,  the  set  of 
parameters  at  the  entrance  of  combustor  presenied  in 
table  2.6. 1  was  used.  The  characteristic  ignition  length 
L,  versus  flight  Mach  number  is  presented  in  Fig.2.6.1. 
It  is  seen  that  L,  is  sufficiently  smaller  then  the  typical 
combustor  length  scale  (~lm),  and  the  self-ignition  can 
be  the  limitation  mechanism  only  if  the  flight  Mach 


number  Mf<  8-9. 

The  characteristic  energy  release  length  scale  Le 
versus  flight  Mach  number  is  presented  in  Fig.2.6.2  It 
is  seen  that  the  heat  release  zone  length  is  small  in  both 
(MIX  and  DIF)  approaches  at  Mf<l2.  Tho  role  of 
recombination  process'.'s  at  Mp  increase  (Mf>l2)  is 
dramatically  increased  too  and  at  flight  Mach  numbers 
Mf°=  14-20  these  processes  can  substantially  influence 
combustor  operation. 

The  obtained  results  indicate  that  the  reliable 
mathematical  model  for  scramjet  combustor  has  to  be 
developed  taking  into  account  the  detailed  chemical 
kinetics.  Nevertheless,  the  usage  of  the  developed 
simplified  mathematical  model  for  kinetics  effects 
estimations  makes  it  possible  to  apply  the  flame  sheet 
model  in  scramjet  combustor  flowTicId  calculations 
more  argumentally 
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TABLE  2.3.  i 

HYDROGEN  JET  PARAMETERS 
Mi=3.05,  T|=340‘»  K 


AIR  STREAM  PARAMETERS: 


Regime 

T2  "K 

Ri 

1050 

Rz 

1950 

R3 

2300 

P2/P1 

U2/U1 

0.98 

0.41 

5.88 

1.10 

6.37 

1.35 

TABLE  2.4.1 


AIR  STREAM  M2=6.0,  T2=2000°  K 


senes  case 


reference 

1.3 


reference 

2.1 


P1/P2 

M, 

T|  'K 

U|/U2 

2.0 

2.0 

70 

0.25 

1.0 

20 

140 

0.35 

05 

2.0 

280 

0.5 

0.125 

2.0 

1120 

1.0 

0.5 

2.0 

280 

0.5 

0.5 

3.0 

280 

0.75 

0.5 

4.0 

280 

1.0 

0.5 

60 

280 

1.5 
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c)  Initial  cross-section  for  case 


D>  Initial  cross-section  for  case  C  . 

4 

Fig. 2. 3.1  Initial  cross-sections  and  computational 

REGIONS  FOR  CASES  C  “C. 

1  4 


Mixing  efficiency  characteristic  q  for  regime,  R 


Fig.2.3.2 


mm  erriciocY 


The  dependence  of  total  pressure  losses  upon 

MIXING  EFRCIENCY 

Fig.2.3.3 
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AXISYMMETRICAL  NOZZLE 


a)  mass  fraction  felos  for  case 


VERTICAL  INTERACTION 


HORIZONTAL  INTERACTION 


B>  MASS  FRACTION  FELDS  FOR  CASE  C_ 
2  2 


ELLIPTICAL  NOZZLE 


O)  MASS  FRACTION  FELOS  FOR  CASE 


C>  MASS  FRACTION  FELOS  FOR  CASE 


MASS  FRACTION  FELDS  FOR  CASES  C,  -C, 
2  14 


Fig.2.3.4 


10.000 


COMBUSTION  EFFICJENCt 


H- 


O 


Fig. 2. 3. 10,  Combustion  EFFiaENCv  for  regime 


Fig.2.4. 1  THE  SCHEME  OF  SHOCK  -  JET  INTERACTION 

IN  CHANNEL 


SHOCK  -  JET  INTERACTION 


R/RH-C0NS7 


t11-2  rt2-6  R1/R2-0.S  SERIES  I 


Fig.2.4.2  -  A 

SHOCK  -  JET  INTERACTION 


R/RH-C0NS7 


SHOCK  -  JET  INTERACTION 


m>e  tQ-6  Ri/fo^.s 
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f11-2  t12-e  R1/R2-0.S  CASEXnaq,-0 

Fig.2.4.7 


Hl»2  t12i^  R1/R2-0.5  SHOCK  CASE  Xr*mp- 30 


Fig.2.4.8 


HYDROGEN  MASS  FRACTION  FIELDS 


COMBUSTION  EFFI 


LONGITUDINAL  DISTANCE 


Fig.2.5.3  THE  COMBUSTION  EFFICIENCY  FOR  VARIOUS 

INJECTION  SCHEMES 


Fig.2.6. 1 .  THE  CHARACTERISTIC  SELF  -  IGNITION  LENGTH 

V.S.  FUGHT  MACH  NUMBER 


Le  (meters) 


Fig.2.6.2.  THE  CHARACTERISTIC  HEAT  RELEASE  LENGTH 

V.S.  FUGHT  MACH  NUMBER 
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SOME  PROBLEMS  OPSCRAMJET  PROPULSION  FOR  AEROSPACEPLANES 
PART  II.  -  SCRAMJET:  DEVELOPMENT  AND  TEST  PROBLEMS 

by 

Dr  A.ROUDAKOV 
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Scramiet  development  strategy. 

Scramjet  is  considered  as  the  base  of  single 
stage  aerospace  plane  propulsion  system  providing  its 
acceleration  from  moderate  supersonic  (Mf  5)  up  to 
high  hypersonic  flight  speeds  (A/y  23) 

The  feature  of  scramjet  scheme  seems  to  be 
simple  and  comfortable  for  propulsion  system  and 
vehicle  integration  The  method  of  scramjet  specific 
parameter's  computations  seem  to  be  also  simple  due  to 
supersonic  flow  in  scramjet  (A/  /)  and  configuration 

simplicity  of  scramjet  duct  and  its  elements  inlet, 
combustor  and  exhaust  nozzle 

But  preliminary  analyses  of  computation  re¬ 
sults  show  high  difficulty  of  specific  parameter's 
scramjet  realization  and  rigorous  demands  to  its  design, 
operating  process  realization  and  its  simulation  in  test 
facilities  Aerospace  plane  flight  scheme  and  mam 
parameters  of  flow  in  its  duct  along  the  fliglit  path  pre¬ 
sented  in  Fig.  2.1  2  4  illustrate  it's  fact  Conventional 
flight  scheme  is  presented  m  Fig  2  I  in  coordinates 
flight  altitude  //  (kini  and  flight  Mach  luimber  M/ 

I  'ij  This  flight  scheme  is  limited  in  vertical  direction 
by  lines  of  maximum  2f}(ir)  and  miPimum 

(^min  2har)  air  ram  value,  and  it  is  limited  m  .lori- 
zontal  direction  by  minimum  (Mnim  3)  and 
maximum  (\(max  --)  Mach  number  values  at  which 
scramjet  specific  impulse  exceed  specific  impulse  of 
ramjet  and  liquid  propellant  engine  respectively  The 
grid  of  constant  total  enthalpy  and  of  engine  entrance 
pressure  is  presented  in  the  same  Fig  2  1.  One  can  see. 
that  total  enthalpy  change  along  the  trajectory  more 
than  20  times  and  reaches  20  SU  k^.  that  rouses  large 
problem  of  scramjet  design  and  creation 

The  lines  of  constant  values  of  quasi  equilibri¬ 
um  total  temperature  To  and  equilibrium  total  pressure 
1*0  and  the  engine  entrance  computation  with  the  as¬ 
sumption  of  thermodynamic  equilibrium  isotropic  com¬ 
pression  process  are  presented  in  Fig.  2.2  in  the  same 
coordinates  //  and  Mj-.  These  parameters  correspond  to 
air  parameters  in  high  pressure  cylinders  that  can  be 
used  at  tests  of  scramjet  duct  and  its  element  in  test 
facilities  One  can  see,  that  since  Mf  H  total  tempera¬ 
ture  To  ^SOOK  and  total  pressure  l*o  '3(XJbar  exceed 
the  possible  values  of  these  parameters  that  can  be  re¬ 
alized  stationary  at  earth  conditions. 

The  lines  of  constant  value  of  the  Reinolds 
number  calculated  for  unit  length  of  main  stream  {Ke,} 


and  temperature  factor  T  Iw'To  are  presented  in  Fig 
2  3  in  coordinates  II,  Mf  Wall  temperature  of  scramjet 
duct  IS  taken  to  equal  lUOUH  One  can  see.  that 
Reynolds  number  is  approximately  constant  along  the 
fli^t  trajectory  When  characteristic  length  of  duct 
element  I.  is  about  10  m,  real  Reynolds  number  for  all 
duct  elements  is  very  high,  He  Hf  KT* 

Since  Mf  12,  temperature  factor  values 
become  lesser  than  that  in  liquid  propellant  engine 
combustors.  Ttv  0  2  In  this  case,  overcooling  wall 
layer  corresponds  to  higli  enthalpy  core  flow  Besides, 
flow  in  combustor  and  exhausts  nozzle  in  characterized 
by  high  level  of  turbulence  generated  by  shock  waves 
The  structure  of  these  shock  waves'  changes  along  the 
fliglit  trajectory  and  is  determined  by  flight  Mach 
number  A/yand  engine  operating  regime 

The  dependence  of  inlet  throat  Mach  number 
Mfi  on  the  flight  Mach  number  A//  is  shown  in  Fig  2  4 
The  values  of  Mach  number  at  the  exit  of  hydrogen 
combustor  with  constant  cross  section  area  at  air-fuel 
ratio  a  I  I  M*  are  presented  in  the  same  fig  2.4  It  is 
evident,  that  flow  Mach  number  m  such  combustor 
remains  approximately  constant  at  given  fliglit  speed, 
changes  strongly  along  the  fliglit  path  and  reaches  value 
M*  4  A  at  higli  flight  Mach  number  Mf  15 

Scramjet  specific  parameters  depend  on  given 
fliglit  path  optimized  with  taking  into  account  restric¬ 
tions  concerned,  in  particular  with  ecology  problems 
The  restriction  due  to  condition  of  minimum  distur¬ 
bance  of  atmospheric  ozone  layer  is  shown  in  Fig.  2  I 
by  section-lined  belt. 

Scramjet  specific  impulse  this  shown  along  the 
flight  path  corresponding  to  </  0  73  aX  u  II  in  Fig 

2  S  with  Uiking  into  account  different  components  of 
losses  The  losses  of  specific  impulse  arc  taken  into 
account  by  integral  factors  inlet  total  pressure  recovery 
factor  a  olMl,  combustion  efficiency  factor  ri^  nozzle 
impulse  factor  and  nozzle  under  expansion  factor  n 
l*cT*ll  I  Solid  line  1  shows  calculated  specific 
impulse  of  hydrogen  scramjet  with  taking  into  account 
real  losses  of  total  pressure  in  inlet  (a  ofA^),' losses 
due  to  combustion  incompleteness  (i)^^0.93)  and  im¬ 
pulse  losses  in  nozzle  0.97)  at  nozzle  expansion 
ratio  Fa  3.  Solid  line  5  presents  specific  impulse  of 
ideal  scramjet.  The  rest  of  dotted  lines  2,3,4  show  the 
values  of  components  of  specific  impulse  losses,  de¬ 
scribing  perfectinn  ''f  scramiet  duct  elements  Influence 
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coefficiinii  of  every  component  of  losses  A'/,  or  par- 
ticui'r  loi^ithmic  derivatives  of  specific  impulse  J  on 
appropriate  loss's  factor  J]  (Ki  (InJ)  f,)  arc  shown  by 
deshed  lines  It  should  be  noted  that  losses  in  exhaust 
nozzle  and  other's  scramjet  duct  elements  have  strong 
effect  on  engine  specific  impulse  and  this  fact  imposes 
special  requirement  for  physical  or  numerical  simula¬ 
tion  of  scramjet  operating  process  along  the  flight  path 

Thus,  scramjet  design  and  development  de¬ 
mand  realization  of  operating  process  in  its  duct  with 
flow  parameters  in  the  range  that  can  be  realized  in  test 
conditions  stationary  only  at  A/y  S  Reliable  data  on 
physical  chemical  conversions  in  flow  combustion,  tur¬ 
bulence.  three-dimensional  and  unsteady  structure  of 
flow  v^all  flows  and  heat  exchange  and  their  coupling 
are  absent  for  high  Mach  miinber  at  present  The  ex¬ 
tension  of  scramjet  operating  domain  and  improveineni 
of  scramjet  performances  is  connected  with  duct  com¬ 
plication  and  in  particular  with  transition  to  multimode 
ducts  with  variable  geometry,  with  use  of  gasgenerator 
like  liquid  propellant  engine  and  so  on  For  this  reason, 
the  problems  of  new  materials  creation  and  development 
of  active  heat  protection  system  of  structure  arc  of 
important  significance 

Thus,  in  spite  of  apparent  simplicity  of 
scramjet  scheme,  the  development  of  this  engine  is 
extremely  complex  problem  and  solution  is  connected 
with  working  out  some  fundamental  and  applied  scien¬ 
tific  leads,  methods  of  investigation  and  simulation  of 
scramjet  operating  process  scientific  and  methodical 
accompaniment  of  general  conception  of  scramjet. 
which  IS  fully  integrated  with  vehicle  and  deieriiiincs 
preliminary  design  of  aerospace  plane  in  general 

If  we  take  into  account  mutual  interaction  of 
considered  problem  elements,  time  and  cost,  which  are 
necessary  for  developments,  the  possibility  of  appear¬ 
ance  of  new  results,  which  can  change  former  concep¬ 
tions  and  technical  approaches,  it  seems  to  be  expedient 
to  have  scheme  of  scientific  research  and  design  works 
for  scramjet  development  This  scheme  is  presented  in 
Fig  2  6 

The  whole  of  works,  presented  in  Fig  2  (>  are 
divided  into  three  different  directions 

"  hypersonic  technology 

-  scramjet  conceptions 

"  lest  base 

The  first  of  these  directions  is  the  most  exten¬ 
sive  It  is  the  complex  of  fundamental  and  applied  sci¬ 
entific  researches  and  design  works  with  common  pur¬ 
pose  scramjet  creation  It  covers  field  of  physical- 
chemical  processes  in  high  enthalpy  supersonic  turbu¬ 
lent  flows,  their  physical  and  numerical  simulation  and 
methods  of  measurements  and  diagnostics,  instruments 
materials  and  appropriate  technical  equipment  and  sys¬ 


tems  These  works  create  the  basic  of  knowledge,  data, 
and  experience  for  new  stage  of  scientific  and  technical 
advance,  named  conventionally  hypersonic  technology 
in  parallel  with  solution  of  main  problem  (scramjet 
development) 

The  second  lead  is  connected  iiiiinediatelv  with 
development  and  realization  of  scramjet  starling  with  its 
preliniinary  design  and  including  tests  of  engine,  that 
determines  lock  of  aerospace  transport  of  Wl-st 
century 

And  finally,  the  third  lead  of  works  is  con¬ 
nected  with  creation  of  industrial  base  foi  tests  of  full 
scale  units  of  scramjet.  their  development  and  dcvclop- 
nieiit  of  engine  in  general,  including  full  scale  service- 
life  tests  of  scramjet  in  real  range  of  parameters 

On  one  hand,  all  three  leads  are  siifficieniU 
independent,  and  on  the  other  hand,  they  interact  es¬ 
sentially  for  a  long  time  This  fact  causes  the  necessity 
of  coordination  of  effects  in  each  of  mentioned  leads 
The  conception  works  on  scramjet  initiate  works  on 
leads  I  and  A  But  new  results  in  field  of  hypersonic 
technology,  the  time  of  appearance  of  which  can't  be 
predicted,  can  change  essentially  assumed  design  of 
scramjet  Long  time  high-cost  design  and  developmeni 
of  test  facilities  can  not  give  expected  results  wiihoui 
taking  into  account  this  fact 

Hypersonic  technology  (see  Fig  2  7)  includes  o 

pans 

-  fundaniciital  scientific  iiivestigitions. 

-  applied  scientific  studies  of  scramjet 

operating  process. 

-  experimental  siinulation  of  engine  process. 

"  numerical  simulation  of  operating  process. 

-  new  technical  approaches  and  systems. 

-  control  systems  and  units  of  scramjet 

I  Fundamental  scientific  investigations  (Fig 
2  8)  will  cover  physical-chemical  processes  m  high- 
eiithalpy  flows  with  shock  waves,  new  materials 
creation  and  ecology  problems  It  seems  to  be  very 
important  to  obtain  new  theoretical  and  experimental 
data  on  kinetics  of  chemical  reactions  m  high-cnthalp\ 
flows  with  shock  waves,  detonation  and  combustion  on 
turbulence  structure  in  such  flows  and  also  on  stability 
and  control  of  these  processes 

These  data  are  the  necessary  data  base  for 
mathematical  simulation  of  processes  of  propagation  of 
diffusion  and  detonation  combustion  in  supersonic 
combustors  and  also  for  practical  realization  of  energy 
supply  to  supersonic  flow. 

New  material  problem  is  the  key  problem  for 
scramjet  development  because  the  use  of  existing  and 
promising  materials  doesn't  provide  scramjet  flight  at 


high  flight  Mach  numbers  A/y  Ifi  due  to  restrictions 
caused  by  structure  thermal  state 

Ecology  problem  of  high-speed  motion  in  at¬ 
mosphere  and,  in  particular,  in  ozone  layer  demands 
also  in-depth  study 

2  Applied  scientiric  studies  of  scramjet  oper¬ 
ating  process  (Fig  2  9)  will  cover  new  sections  of  tech¬ 
nical  sciences,  connected  with  selection  of  design 
scheme  and  parameters  of  scramjet  inlet,  combustor  and 
exhaust  nozzle  and  with  organi7,ation  and  control  of 
operating  processes  in  them  in  a  wide  range  of  de¬ 
termining  parameters  and  conception  of  reacting  gas 
mixture 

The  development  of  computational  model  of 
operating  process,  of  methods  of  duct  unit's  computa¬ 
tion.  representing  the  basis  for  technical  approaches  is 
connected  with  investigations  in  the  fields  of  thermo¬ 
dynamics,  gusdynaniics,  thermal  physics  and  combus¬ 
tion,  which  are  relied  on  new  methods  of  measuiements 
of  supersonic  reacting  gas  flow  parameters  and  on 
results  of  numerical  processing  and  simulation  of  three- 
dimensional  and  unsteady  phenomena  of  various  scale 
Wide  use  of  super  computers  is  necessary  for 
mathematical  simulation  of  scramjet  operating  process 

3  Experimental  simulation  of  scramjet  operat¬ 
ing  process  (Fig  2  10)  will  be  carried  out  in  ground  lest 
complex  and  m  flying  lest  laboratories  Ground  lest 
complex  IS  the  most  prepared  m  spile  of  it  is  necessar> 
to  modernize  it  and  equip  it  by  laser  methods  of 
measurements  of  reacting  gas  parameters  This  complex 
includes  of  stationary  supersonic  wind  tunnels, 
hypersonic  facilities  of  short-time  action,  impulse  tun¬ 
nels.  ballistic  facilities  and  special  equipment  for  pro¬ 
duction  of  high-enthalpy  air  flows  with  extremely  clean 
composition  with  the  aid  of  fire,  plasma  and  electric 
heaters 

The  problems  of  diffusion  and  detoiuition 
combustion  in  supersonic  flow,  of  control  of  bounchiry 
layer  and  wall  flow  at  presence  of  shock  waves  and  lie.it 
flux  peaks  can  be  considered  m  ground  conditions  .it 
MH  and  global  Reynolds  number  Hc'IlP  Air  chemical 
composition  and  initial  turbulence  levels  do  not 
practically  correspond  by  this  to  conditions  at  fliglit  in 
atmosphere  almost  always  The  use  of  flying  laborato¬ 
ries  IS  for  this  reason  of  extremely  importance  Wing 
flying  laboratories  of  ballistic  flying  labor.nories, 
launched  by  ballistic  rocket  can  realize  design  flight 
path  of  aerospace  plane  in  atmosphere  //  both 

on  separate  parts  and  in  a  whole  and  to  ensure  the 
condition  of  scramjet  vehicle  interference  without  sim¬ 
ulating  real  Reynolds  numbers  due  to  snuall  dimensions 
of  model  scramjet  duct  The  orbital  laboratories  with 
planning  descent  and  following  return  to  orbit  or  land¬ 
ing  can  be  useful  for  studies  of  final  period  of  scramjet 
operation  at  A/y  '  /6 


4  Numerical  simulation  of  scramjet  operating 
process  permits  to  generalize  the  whole  experimental 
data  accumulated  in  test  studies  and  interpolate  they  on 
real  conditions  of  engine  operating  in  test  facility  and  in 
flight  (Fig  2  11) 

Numerical  simulation  of  operating  process 
should  be  based  on  mathematical  model  of  turbulence  m 
high-enthalpy  hypersonic  flow  of  reacting  g;is  inixlure 
with  taking  into  account  the  absence  of  equilibrium  of 
physical-chemical  conversions  Supercomputers  are 
necessary  for  computations  of  three-dimensional  and 
unsteady  interaction  of  shuck  waves  with  channel 
boundary  layer  determining  thermal  slate  of  structure 
Tlie  ptdilems  of  flow  stability  ai  coinbuslion  m  Ixrunded 
supersonic  flow  m  essential  in  connection  with 
combustor  operating  process  control 

5  New  technical  approaches  (Fig  2  12) 
Scramjet  realization  is  impossible  without  creation  of 
new  technical  approaches  It  should  be  noted  the  fol¬ 
lowings 

-  the  control  of  three-dimensional  gtisdvnannc 
structure  of  supersonic  flow  in  duct  with  the  aim  of  its 
stabilizing,  avoiding  boundary  layer  separation  and 
eliminating  heat  flux  peaks. 

-  the  control  of  combustion  and  mixing  m 
supersonic  flow  with  the  aim  of  burning  length  redne 
lion  and  combustion  elficiencv  of  livdrogen  iiKie.ise  m 
wide  range  of  M.icli  mimlxMs 

the  control  of  stiuctme  ilieimal  state  m  high 
enthalpy  supersonic  flow  by  use  of  active  cooling  system 
operating  heat  flux  pe.aks  moving  along  the  scramjet 
duct  surface. 

■  the  use  of  hydrogen  slush  as  coolant  and  fuel, 

■  the  use  of  comp.ict  hydrogcn-air  heat 
exchangers, 

-  the  use  of  light-weight  structures  of  compos¬ 
ites  for  coiiliolled  scramjet  duct 

()  Scramjet  systems  and  elements  (Fig  2  13) 
Unique  systems  and  elements  should  be  made  on  the 
base  of  new  technical  approaches,  materials,  technology 
diagnostic  and  control  systems  in  the  process  of 
scramjet  developing  It  is  possible  to  point  out  for  ex¬ 
ample  the  followings 

-  supersonic  mixers  on  the  base  of  gas-genera¬ 
tors  like  liquid  propellant  engines  for  thrust  creation 
and  subsequent  effective  mixing  of  supersonic  air  flow 
with  supersonic  fliel  jet  in  wide  ranges  of  Mach  num¬ 
bers  and  fuel  components  ratios. 

-  multimode  supersonic  combustor,  permitting 
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to  realize  conditioni  of  lubconic  and  lupersonic  com- 
bullion  in  wide  range  of  Mach  numbers  and  fUel  com¬ 
ponents  ratios; 

-  active  cooling  system  with  system  of  diag¬ 
nostic  and  control  of  coolant  injection,  ensuring  struc¬ 
ture  thermal  state  at  conditions  of  changing  heat  flux 
with  high  nonuniformity. 

Scramjet  conception,  that  will  be  developed 
jointly  with  aerospace  plane  conception,  can  be  realized 
step  by  step  in  the  form  of  modules,  at  first,  in  the  form 
of  sub-scale  module  and,  then  in  form  of  full-scale 
module,  and  in  the  end-in  form  of  full  scale  scramjet  as 
a  main  engine  of  flying  aerospace  plane  propulsion 
system  (Fig.  2  14) 

In  the  process  of  scramjet  development,  its 
elements  and  modules  should  be  subjected  to  various 
tests  with  the  aim  of  providing  design  parameters  along 
the  flight  path,  reliability  and  service  life  (Fig.  2.15). 
The  necessary  industrial  base  should  have  available 
specialized  test  facilities  for  development  of  each 
element  and  system  for  module  development  and  for  full 
scale  scramjet  tests.  Let's  cite  as  example  specialized 
test  facility  for  combustor  development  both  in  respect 
to  thermal  state  and  in  respect  to  combustion  efficiency 
and  impulse.  In  particular,  combustor  impulse 
measurements,  which  is  connected  with  appreciable 
error  at  test  facility  conditions.  Let's  cite  as  the  second 
example  supply  system  of  liquid  or  slush  hydrogen, 
which  is  connected  with  system  of  active  cooling  of 
duct  The  main  restrictions  of  ground  tests  are 
connected  with  restricted  ranges  of  Mach  number 
(Mj-  H)  and  Reynolds  number  {Re  and 

incomplete  simulation  of  interference  of  scramjet  with 
vehicle.  It  is  necessary  to  use  the  set  of  methods  of 
scramjet  study  and  development  to  eliminate  these 
disadvantages;  operating  process  simulation  in  the 
laboratory  and  in  test  facility,  flying  tests  of  models, 
mathematical  simulation  and  full-scale  flight  tests 

This  point  is  illustrated  by  comparison  of  var¬ 
ious  methods  of  scramjet  duct  operating  process  in  Fig 
2  16.  The  objects  of  the  investigation,  merits  and 
demerits  of  various  methods  and  their  interaction  are 
formulated  in  presented  Fig.  2  17  2  20 

I.  Operating  process  investigation  objects  (Fig. 
2. 17).  Tests  in  laboratory  pursue  the  objects  of  revealing 
and  elaborating  of  physical  flow  pattern  and  some 
characteristics  of  phenomena  in  scramjet  duct  elements 
(inlet,  combustor,  exhaust  nozzle)  with  possible  simu¬ 
lation  of  physical-chemical  conversions  in  high 
enthalpy  flow  with  taking  into  account  influence  of  high 
cooled  walls. 

Simulation  of  operating  process  in  test  facility 
permits  to  investigate  it  at  close  to  real  conditions  both 
for  duct  in  whole  and  for  its  elements  in  possible  range 
of  M  and  Re  corresponding  to  different  parts  of  flight 


path. 

Fliglit  tests  of  sub-scale  models  permit  to  in¬ 
vestigate  operating  process  at  conditions  made  more 
realistic  as  for  duct  in  whole  and  for  its  elements  along 
the  fliglit  paths  close  to  real  flight  path. 

Mathematical  simulation  of  flows  including 
physical-chemical  conversions  has  as  objectives  the 
investigations  of  scramjet  performances  in  whole  range 
of  external  and  internal  parameters,  the  investigation 
various  parameters  influence  on  efTiciency,  economy 
and  specific  weight  of  scramjet,  and  the  optimization  of 
duct  parameters  for  given  goal  function. 

Full-scale  fliglit  test  of  modules  and  propulsion 
system  on  the  whole  permit  to  investigate  all  parameters 
of  scramjet  along  possible  flight  paths 

2.  The  advantages  of  various  methods  of  in- 
vestigations.(Fig.  2.18) 

Experimental  investigations  in  laboratory  per¬ 
mit  to'  study  non  stationary  and  non  equilibrium 
gasdynamic  phenomena  in  detail  including  viscosity 
and  turbulence  and  mechanism  of  flow  stabilization  at 
its  separation  and  energy  release  diffusion  and  detona¬ 
tion  combustion  in  range  2  .  5  in  core  on  the  flow 
and  in  wall  region.  These  studies  permit  to  obtain  ex¬ 
perimental  information  with  the  aid  of  optics-electronic 
methods  of  measurements. 

Operating  process  simulation  in  test  facility 
permits  to  simulate  phenomena  on  comprehensive  in 
limited  test  duration.  Flight  tests  of  sub-scale  models 
permit  to  simulate  comprehensive  the  phenomenon  for 
real  air  composition  along  the  whole  flight  path  of  real 
scramjet  in  limited  range  of  Re  and  at  limited  test  du¬ 
ration.  Flight  test  permit  to  simulate  propulsion  system- 
vehicle  interference  and  to  use  independent  methods  of 
measurements  of  thrust  balance  and  drag,  and  scramjet 
specific  impulse. 

Mathematical  simulation  of  flows  including 
physical-chemical  conversions  permits  to  calculate  all 
parameters  of  problem  in  limitless  ranges,  gives  neces¬ 
sary  for  design  detailed  data  on  flow  patterns  both  on 
the  whole  and  in  the  small,  permits  to  generalize  ex¬ 
perimental  result  obtained  in  laboratory,  test  facility  and 
flight  tests  and  to  simulate  interference  of  propulsion 
system  and  plane. 

Full-scale  flight  tests  of  modules  and  propul¬ 
sion  system  on  the  whole  permit  to  simulate  all  real 
conditions  of  scramjet  operation. 

3  The  disadvantages  of  various  methods  of 
investigations  (Fig.  2.19) 

Unfortunately,  each  of  mentioned  methods 
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doesn't  exhibit  neceiiary  completeneii  for  comprehen¬ 
sive  investigation  of  scramjet  operating  process.  Exper¬ 
imental  studies  in  laboratory  don't  comprehensive  sim¬ 
ulation  of  operating  process  (xith  in  scramjet  duct  on  the 
whole  and  in  its  elements  d  c  to  impossibility  to  keep 
all  similarity  criteria,  detail  .d  duct  configuration  and 
initial  and  boundary  conditions  of  flow.  They  permit  to 
simulate  only  some  characteristic  features  of  flows  and 
physicochemical  phenomena  and  to  obtain 
heterogeneous  qualitative  results. 

Operating  process  simulation  in  test  facility  is 
possible  only  in  limited  range  of  A^  and  Re  (enthalpy 
and  absolute  flow  velocity)  and  for  limited  model  di¬ 
mensions  This  leads  to  only  partial  simulation  of 
physical-chemical  composition  of  air,  initial  and 
boundary  conditions  of  flow  in  model  scramjet  duct. 
Limited  nature  of  information  obtained  by  measure¬ 
ments  in  test  facility,  together  with  mentioned  above 
disadvantages  leads  to  necessity  to  use  a  set  of  facilities 
for  parameter's  simulation  along  the  flight  path. 

Small  dimensions  of  scramjet  model  duct  and 
limited  natures  of  measurements  methods  are  the  dis¬ 
advantages  of  flight  tests  of  sub-scale  models 

Disadvantages  of  mathematical  simulation  of 
flows  are  connected  with  use  of  semi-empirical  models 
of  turbulence  and  physical-chemical  phenomena  and 
with  impossibility  of  exact  integration  of  motion  equa¬ 
tions  for  real  numbers  Ay  and  Re  and  gas  composition. 

Full-si/.e  flight  tests  of  modules  and  propulsion 
system  on  the  whole  are  possible  only  for  limited 
number  of  tests  The  disadvantage  of  this  kind  of  tests  in 
the  limited  information  about  operating  process  and 
extremely  higli  cost  and  high  risk  of  tests 

4  Interaction  of  investigation  methods  (Fig. 
2.20)  As  to  experiment  in  laboratory,  the  comparison  of 
results  obtained  by  different  methods  is  necessary  for 
estimations  of  their  reliability  and  measurements'  errors 
and  to  obtain  reference  data,  verification  and  ex¬ 
trapolation  of  experimental  results  by  use  of  all  others 
(mentioned  above)  methods  are  necessary. 

The  use  of  results  of  experimental  tests  m  lab¬ 
oratory  and  mathematical  simulation  of  flows  in  neces¬ 
sary  at  operating  process  simulation  in  tests  facilities 


The  verification  and  extrapolation  of  test  facilities  re¬ 
sults  by  methods  of  sub-scale  flight  tests  are  also  nec¬ 
essary. 

Flight  tests  of  sub-scale  models  should  use 
results  of  experimental  laboratory  studies,  operating 
process  simulation  in  test  facilities,  and  mathematical 
simulation  of  flows. 

The  verification  and  extrapolation  of  obtained 
results  are  necessary  a  full-size  flight  test. 

Mathematical  simulation  of  flows  including 
physical-chemical  conversions  permits  to  use  the  whole 
date  base,  obtained  in  experiments  in  laboratory,  in  test 
facility,  at  sub-scale  model's  fliglit  tests  and  at  full  size 
fliglu  tests.  All  previous  results  obtained  by  all  methods 
of  study  are  also  used  at  pre  starting  procedure  of  full- 
scale  fliglit  tests  and  at  their  result's  analysis. 

Finally,  it  should  be  noted  that  scramjet  design 
and  development  are  the  key  problem  for  transorbital  air 
transport  The  solution  of  this  problem  w*!!  result  in 
creation  of  hypersonic  passenger  into  orbit  enough 
space  industrial  opening  up 

In  accordance  with  high  complexity  and  a  large 
body  of  fundamental  and  applied  problems,  scramjet 
problem  can  be  classified  as  one  of  the  most  difficult 
scientific-technical  problems.  Scramjet  development  is 
connected  with  parallel  and  interacting  development  of 
its  conception,  hypersonic  technology  and  industrial  test 
base 

The  realization  of  scramjet  duct  operating  pro¬ 
cess  should  be  carried  out  on  the  base  of  all  available 
scientific  and  technical  means  including  ground,  flight 
and  orbital  laboratories  with  comprehensive  mathemat¬ 
ical  simulation. 

The  solution  of  considered  problems,  due  to 
their  importance,  complexity,  cost,  and  risk,  are  possible 
and  expedient  on  the  base  of  international  collaboration 
and  coordination  of  efforts  of  scientists,  engineers  and 
governments 
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Sub$C(,teMod€lSCRAMJET  Flight  Test,. 

Ground  teit  facility  can  not  realize  all 
condition  of  scramjet  operations.  The  limitations  of  air 
enthalpy,  air  chemical  composition  breaking, 
turbulence  conditions  breaking  and  some  other  are 
typical  features  of  hypersonic  test  facility.  These 
defects  can  be  corrected  practically  by  flight  tests  only. 
But  real  size  aerospace  plane  scramjet  flight  tests  are 
extremely  expensive  and  possible  as  final  stage  of 
system  creation.  But  many  necessitate  data  may  be 
obtain  due  to  flight  testing  of  subscate  model  scramjet. 

Subscale  model  scramjet  flight  test  can  not 
to  use  real  size  intake  to  save  condition  of  boundary 
layer  transition  and  limited  sizes  of  nozzle  don't 
permit  to  obtain  good  thrust  efficiency  of  scramjet.  All 
another  conditions  may  be  very  close  to  real  size  flight 
vehicle  and  propulsion. 

The  first  scramjet  flight  test  could  be  X-i5 
scramjet  flight  test.  But  plane  wreck  disturbed  this 
project. 

Some  preparation  of  scramjet  flight  test  was 
beginning  in  Soviet  Union  by  ClAM  as  head  company 
in  70-ths  beginning.  The  preliminary  engineering  by 
M.M.  Bondarjuk  and  E  S  Schetinkov  have  effect  on 
flight  tests  preparing.  The  works  were  conducted 
under  leadership  of  R.I.  Kursiner,  D  A  Ogorodnikov 
and  V.A.  Sosounov 

Our  model  scramjet  fliglit  tests  were  planed 
as  part  of  scramjet  researches.  A  small  surface-to-air 
rocket  is  suggested  as  booster.  Ground  tests  of  similar 
scramjet  must  be  carried  out  before  flight  tests  and 
many  kinds  of  theoretical  and  computational 
investigated  were  planed  too. 

The  axisymmetrical  double  mode  scramjet 
was  developed  and  created  by  Russia  aviation 
specialists  for  flight  tests  specially.  Due  to  strong 
financial  limit  the  first  unburning  scramjet  fliglus 
were  in  end  of  80-ths.  Flight  tests  of  the  Hypersonic 
Flying  Laboratory  (HFL)  with  hydrogen  scramjet 
firing  have  been  conducted  on  November  28  1991  on 
firing  ground  in  Kazachstan  for  the  first  time  The 
preliminary  analysis  has  shown  that  experimental 
scramjet  had  started  in  flight  and  was  operating  with 
fuel  injecting  corresponding  (b  subsonic  and 
supersonic  combustion  modes. 

Due  to  high  altitude  and  not  enough  ram 
value  stable  operating  duration  of  supersonic 
combustion  mode  was  several  seconds  only  at  the  first 
fliglit  test  of  scramjet. 

The  second  flight  test  was  in  November  1 7. 
1992.  The  works  on  the  second  flight  test  were 
conducted  by  Russian  and  French  aviation  specialists 


jointly.  The  purpose  of  the  second  fliglit  test  was  to 
define  more  exactly  engine  inside  parameters  at 
subsonic  and  supersonic  combustion  modes  in  during 
HFL  flight  along  the  trajectory  with  higher  ram 
values.  Stable  operation  of  scramjet  on  both  subsonic 
or  supersonic  combustion  modes  was  in  during  more 
than  23  seconds  of  the  second  flight  test. 

Hypersonic  Flying  Laboratory  and 
Experimental  Double  Mode.SCRAMJET 

To  provide  the  HFL  flight  trajectory,  close  to 
a  standard  flight  trajectory  of  the  vehicles  with  the 
propulsion  system  incorporating  the  scramjet.  was  one 
of  the  main  causes  due  to  which  "Surface-to-Air" 
missile  SA*S  was  chosen  as  the  HFL  "Kholod" 
booster.  This  missile  flight  trajectory  is  very  close  to 
the  required  trajectory  of  the  HFL  "Kholod" 
Proceedings  from  the  requirements  of  aerodynamics, 
stability  and  control  ability  of  SA-S,  experimental 
scramjet  and  all  on-board  service  modules  were 
manufactured  in  a  form  of  axisymmetrical  circular 
body,  their  diameter  did  not  exceed  750  mm  diameter 
of  the  standard  SA-5  modules  (Fig.  2.2 1 ). 

Experimental  hydrogen  scramjet  of  axisym¬ 
metrical  configuration  was  installed  in  the  HFL 
forebody.  The  casing  of  the  section  N1  is  an 
intermediate  section  between  the  experimental 
scramjet  and  on-board  tank,  occupying  the  section  N2 

The  section  N  1  is  washed  from  the  outside 
by  high  temperature  jet  emerging  from  the  scramjet 
annular  nozzle  and  for  this  reason  it  is  protected  by  12 
mm  thermal-insulating  layer.  Hydrogen  consumption 
controller  (RPST-2)  with  actuating  units  and 
regulating  flaps,  ignition  system  electronics,  flow 
meter  devices  and  transducers  to  measure  the 
parameters  in  the  experimental  scramjet  were 
installed  within  the  section  N  I.  Hydrogen  supply 
lines,  measuring  tubes  for  pressure  transducers, 
thermocouples  and  electric  cables  are  also  installed  in 
the  above  section. 

On-board  hydrogen  tank  (section  N  2)  has 
shield-vacuum  heat  insulation  with  residual  pressure 
lesser  than  0.1  mm  Hg.  The  operational  pressure 
within  the  internal  vessel  at  hydrogen  supply  to  the 
scramjet  is  2,2  MPa.  Hydrogen  level  monitoring 
during  on-board  tank  filling  is  carried  out  by 
capacitance  level  transducer  and  by  internal  vessel 
wall  temperature  sensor. 

Expulsion  system  of  hydrogen  supply  from 
the  on-board  tank  to  the  scramjet  combustor  is 
installed  in  section  3A.  Hydrogen  expulsion  system 
incorporates  high  pressure  helium  spherical  container 
(37  MPa),  the  volume  of  which  is  42  liters,  pressure 
reducers,  isolating  and  safety  valves,  and  sensors  for 
parameters  monitoring  in  the  hydrogen  supply  system 


9-7 


High  preuure  nitrogen  ipherical  container  (37  MPa) 
it  alio  located  in  lection  3A.  The  volume  of  this 
container  ii  17  literi.  Nitrogen  if  used  for  functioning 
of  pneumatic  actuated  valvei  and  hydrogen  supply 
lyitem  units  in  flight.  Joining  units  of  on-board  t^ 
filling  by  hydrogen  and  spherical  containers  by  helium 
and  nitrogen  are  placed  in  the  same  section, 
electropneumatic  joints  to  fulfill  the  technological  and 
control  operation  on  maintenance  position  and  on 
launching  pad  during  integrated  checks  of  on-board 
systems  and  hydrogen  filling  is  also  installed  in 
section  3A.  Telemetry  system  units,  electric  power 
batteries,  automatic  pilot,  warning  indicator  of 
scramjet  combustor  wall  hazardous  temperature  and 
the  ignition  equipment  of  SA-S  missile  control  system 
are  located  in  the  section  3B. 

HFL  measuring  complex  together  with  RTS 
(radio  telemetry  station)  makes  available  recording 
signals  of  boost  rocket  systems  transducers,  pressure 
transducers,  temperature  transducers  and  indicators  of 
scramjet  and  HFL  equipment  operation  from  the  start 
time  up  to  144-th  s  of  flight.  HFL  was  equipment  by 
83  transducers  of  pressure,  vibration  and  overload 
detectors,  S8  temperature  sensors  and  46  indicators  of 
equipment  operation.  Engine  and  its  elements' 
parameters  were  measured  by  68  pressure  transducers, 
49  thermocouples  and  temperature  sensors  and  by  20 
indicators  of  equipment  operation.  Inforniation  from 
the  measuring  complex  was  transmitted  to  telemetry 
station  with  SO  Hz  sampling  rate  (from  temperature 
sensors  it  was  transmitted  with  l.S  Hz  sampling  rate) 
througli  on-board  telemetry  station.  External  trajectory 
measurements  were  fulfilled  by  radar  and  phase 
direction  finder  complex. 

The  experimental  dual  mode  scramjet  of 
axisymmetric  configuration  consists  of  the  uncooled 
three-shock  inlet,  the  combined  cooled  combustor  and 
the  exhaust  nozzle  with  one-sided  expansion.  The 
design  of  the  mentioned  engine  was  carried  out  as  four 
basic  units;  intake  central  body,  combustor  central 
body,  lips  of  combustor  and  outside  shell  (Fig  2.22). 

The  engine  is  designed  to  operate  in  a  wide 
range  of  flight  conditions  (M^  =3,S...6  and  H=IS...3S 
km)  at  subsonic  and  supersonic  combustion  modes 
experimental  scramjet  is  made  with  constant  duct 
dimensions  to  simplify  engine  structure  and  to  ensure 
more  high  reliability. 

The  first  part  presents  a  small  divergence  and 
includes  at  its  beginning  a  row  of  injectors  followed  by 
a  flame  stabilization.  The  second  one,  which  is 
divergent,  comprises  at  its  entrance  a  step  and  two 
rows  of  injectors,  each  followed  by  a  flame  stabilizing 
cavity.  The  last  one  has  a  constant  area.  For  subsonic 
combustion  mode.  (Mi=3,S...S.O)  the  fuel  is  supplied 
through  the  injectors  of  the  collectors  with  fuel 
burnout  in  the  second  and  in  the  third  part  of  the 


combustor.  At  supersonic  combustion  mode  (M,^ 
S.O),  part  of  a  fuel  is  additionally  supplied  through  the 
first  collector  with  combustion  in  the  first  part  of  the 
combustor.  The  injectors  are  located  uniformity  along 
the  circle  and  their  number  is  the  same  in  all 
collectors  (N=42  holes).  The  injector  nozzle  diameter 
is  1.7  mm  for  the  first  row  of  injection,  the  injector 
diameter  is  2. 1  mm  for  the  second  and  the  third  rows 
of  injection.  Hydrogen  is  injected  into  the  flow  at 
angle  30  degreases  in  the  first  and  the  second  row  of 
injection  and  it  is  injected  at  angle  90  degreases  in  the 
third  row  of  injection. 

The  walls  of  both  the  central  body  and  the 
external  ring  are  cooled  by  the  hydrogen  used  for 
combustion.  At  the  exit  of  the  tank,  hydrogen  first 
flows  along  the  combustor  double  walls  and  then  is 
sent  to  the  injection  valve  supplying  the  last  two 
collectors  and  to  that  supplying  the  first  injectors'  row 
If  necessary,  the  third  valve  permits  to  increase  the 
hydrogen  flow  rate  in  the  cooling  jacket  and  to 
exhaust  the  extra  hydrogen  out  of  the  combustion 
chamber. 

The  chart  of  fuel  supply  system  and  basic 
principles  of  fuel  consumption  control  system  design 
are  presented  in  Fig  2.22.  As  operating  regimes 
change  should  be  ensured  only  by  fuel  consumption 
variation  and  by  fuel  redistribution  over  fuel  injector 
rings,  basic  requirements  to  computer-aided  control 
system  of  dual  mode  scramjet  are  concerned  only 
with  fuel  consumption  control  and  change  of  fuel 
injection  position  in  accordance  with  flight  Mach 
number.  The  requirements  of  providing  necessary 
cooling  of  engine  structure  elements  and  engine  stable 
operation  at  maximum  heat  supply  regimes  are  also 
important 

As  it  is  shown  in  Fig.  2.22a,  engine  internal 
parameters,  i  e.  static  pressures  P,,  P4,  Pj.  Ph,  and  Puj 
and  total  pressure  Po  determines  fuel  consumption  and 
temperatures  of  structure  elements  (there  can  be 
several  elements)  determine  coolant  consumption 
through  cooling  jacket  By  this,  inlet  first  cone 
pressure  determines  incoming  flow  Mach  number 

Po/P,=  f(M„) 

pressures  Pm  and  Pm  determine  real 
performances  of  combustor  operating  process. 

Phi  /P4  =flMn,a)  and  P,Q/P4=f(MH  .a) 

and  pressures  P4  and  P5  characterize  flow 
regime  at  duct  entrance.  If  P4  <P) ,  then  designed  flow 
without  detached  shock  wave  takes  place,  if  P4  >P)  , 
then  flow  with  detached  flow  shock  wave  and  decrease 
air  flow  mass  rate  occurs. 
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Incoming  Flow  Paramotcn, 

The  main  parameteri  of  the  incoming  flow, 
neceuary  for  analysis  of  engine  operation  in  flight, 
are  the  following  pressure  Ph  .  temperature  Th  and 
density  pn,  as  well  as  the  angle  of  attack  of  the 
incoming  flow.  External  tr^ectory  measurements  .md 
special  meteorological  measurements,  are  used  [n 
determine  these  parameters  (H,W) 

Mach  number  was  calculated  by  the  typical 
relation  M=W,|/(kgRTiOI/2  The  change  of  M,  H  and 
ram  value  qji  depending  on  HFL  flight  time  are 
presented  at  Fig.  2  23.  Presented  data  show  that  the 
maximal  flight  Mach  number  value  was  M  =3.3  and 
the  maximal  altitude  was  H  =  22.4kin 

SCRAMJET  Operation  in  Flight 
Conditions. 

The  changes  of  combustor  wall  temperature 
near  fuel  injection  positions  and  hydrogen  temperature 
measured  at  cooling  system  exit  are  shown  in  Fig 
2.24.  The  presented  data  testify  to  active  hydrogen 
combustion  in  dual  mode  scramjet  combustor  The 
analysis  has  shown  that  the  highest  wall  temperature 
at  subsonic  combustion  regime  Tw=lt40K°  was 
recorded  on  cowl  near  2  cavity  stabilizer  real  wall. 
The  maximal  values  of  Tw  at  supersonic  combustion 
regimes  T^  =1400  .1450  K®  were  recorded  on 
central  body  of  the  first  part  of  combustor  near  cavity 
stabilizer  rear  wall  at  t=70  .  72  s  Measured  value  of 
hydrogen  temperature  at  cooling  system  exit  was 
maximal  in  the  end  of  dual  mode  scramjet  operation 
duration  and  constituted  7^2=930  K°  (Fig.  2  24) 

We  can  see  from  considering  T^  and  T^ 
dependence  on  time  that  thermal  state  of  combustor 
structure  elements  at  engine  operation  at  subsonic 
combustion  regimes  was  close  to  steady  state  after 
coolant  consumption  increase  at  t=49  ...32  s.  But  after 
transition  to  supersonic  combustion  regimes  witii 
additional  heat  release  in  the  first  part  of  combustor, 
the  thermal  instability  increased,  gradients  cTTw/dx 
and  dT^o/dr  increased  too.  that  resulted  in  dual  mode 
scramjet  construction  break-down.  The  complete 
analysis  of  experimental  data,  taking  into  account 
combustor  walls  thermal  state,  combustion  efficiency 
and  pressure  losses  in  cooling  system  channels,  has 
shown  that  the  first  symptoms  of  combustor  walls' 
burnout  have  appeared  already  at  t=63  ...64  s.  The 
appearance  of  regimes  with  detached  shock  wave 
subsequently  was  caused  evidently  by  this.  For  this 
reason,  the  analysis  of  dual  mode  scramjet  main 
parameters  was  made  for  HFL  flight  time  from  39  till 
63  s. 

Effective  hydrogen  combustion  in  combustor 
and  producing  thrust  1^  experimental  dual  mode 


scramjet  is  corroborated  by  HFL  overload  factor  Nx 
measurements.  The  difficulties  of  such  integral 
measurements  are  caused  by  rocket  engine  operation 
till  37  s  of  flight  and  after  its  termination  -  ^  small 
value  of  dual  mode  scramjet  thrust  in  comparison  with 
air  drag  force  of  the  whole  complex  HFL-dual  mode 
scramjet  But  overload  sensor  has  recorded  dual  mode 
scramjet  thrust  in  the  initial  period  of  test  at  t=40  44 
s(Fig.  2.25) 

Experimental  Dual  Mode  SCRAMJET  Parameters. 

Gas-air  flow  parameters  engine  duct  and 
scramjet  inlet  and  combustor  performances  were 
determined  by  use  of  measured  values  of  static 
pressure  and  wall  lenipcrature,  incoming  flow 
parameters,  air  mass  flow  rale,  fuel  and  coolant 
consumption's.  The  calculations  were  carried  out  on 
one-dimensional  gas  dynamic  equations  including  real 
thermodynamic  properties  of  combustion  products, 
drag  forces  of  struts  and  cavity  stabilizers,  friction  and 
heat  removal  into  duct  walls.  Heat  fluxes  qw 
accumulated  by  wall  substance  was  calculated  with 
use  of  unsteady  heat  conduction  method  In 
accordance  with  this  method,  qw  is  proportional  to 
dTw  /dt  {qw~dTw  /dt)  Heat  amount  removed  by 
coolant  in  cooling  system  channels'  cowl  and  central 
body  were  calculated  with  the  assumption  that  coolant 
consumption  on  cowl  constitutes  80%  of  coolant 
consumption  on  central  body 

The  typical  data  on  changes  of  flow  pressure 
increase  ratio  P=P/Pu,  wall  temperature  Tw,  and  total 
heat  fluxes  Qsw  along  experimental  dual  mode 
scramjet  duct  at  subsonic  and  supersonic  combustion 
regimes  are  presented  in  Fig  2.26  One  can  see  from 
considering  dependencies  P(X)  that  pseudo-shock,  in 
which  air  stream  deceleration  from  supersonic  velocity 
to  subsonic  one,  accompanied  by  sharp  pressure 
increase  (Fig  2.26a)  occurs,  lies  at  subsonic 
combustion  regime  in  initial  part  of  combustor 
Disturbances  caused  by  heat  release  in  2  and  the 
second  parts  of  combustor  don't  extend  upstream  in 
the  first  part  of  combustor  farther  than  till  I  cavity 
stabilizer.  At  the  third  part  of  combustor  with  constant 
cross  section  area,  pressure  decreases  due  to  intensive 
heat  supply  and  reaches  minimum  value  at  combustor 
exit.  Unusual  for  such  regimes'  non  monotonous 
change  of  pressure  P  in  zone  X=6.3...7  3  can  be 
explained  apparently  by  combined  effect  on  the  flow 
of  fuel  jets  system  of  the  second  and  the  third  injection 
rows,  cavity  stabilizers,  active  heat  supply  and  change 
throat  are  of  the  second  part  of  combustor. 

The  analysis  has  shown  that  pseudo-shock 
moves  downstream  at  flight  speed  increase 
accompanied  by  decrease  of  relative  heat  supply,  and 
static  pressure  in  the  second  and  the  third  parts  of 
combustor  increases.  The  maximum  pressure  increase 
ratio  in  engine  duct  is  reached  values  P  =  30.. .32  at 


subsonic  combustion  regimes. 

The  flow  field  in  engine  duct  changes 
fundamentally  at  supersonic  combustion  regimes  with 
additional  hydrogen  supply  through  the  first  injection 
row  in  combustor  beginning  (see  Fig.  2.26b).  The 
region  with  maximum  pressure  is  located  in  the  first 
part  of  combustor  and  the  pressure  in  the  second  and 
the  third  parts  of  combustor  decrease  by  a  factor 
I.S...2.  The  maximum  pressure  increase  ratio  in  duct 
is  at  this  operation  mode  appreciably  higher  than  that 
at  subsonic  combustion  regimes  and  reaches  values 
P/Pif55  and  greater  t>63  s. 

P(X)  considering  in  other  flight  moment  has 
shown  that  the  flow  in  the  second  and  the  third 
combustor  parts  during  the  initial  period  of  engine 
operation  at  supersonic  combustion  mode  is  close  to 
isobaric  one.  The  flow  field,  characteristic  for 
subsonic  combustion  mode  ,  with  flow  deceleration 
and  subsequent  flow  acceleration,  is  reached  after  S8- 
th  second  of  flight  at  flight  Mach  number  decrease  in 
the  third  part  of  combustor  (X>7  8).  Therefore,  it  is 
possible  to  suppose  that  both  completely  supersonic 
flow  along  the  duct  and  that  combined  with  subsonic 
zone  in  the  third  part  of  combustor  are  realized  at  fuel 
supply  corresponding  to  supersonic  combustion 
regimes. 

It  should  be  noted,  that  the  pressure  in  the 
first  part  of  combustor  increases  appreciably  at  engine 
operation  with  detached  shock  wave  (P  =  72)  and 
disturbances  spread  upstream  and  give  rise  to  average 
pressure  increase  more  than  2  times 

Tw(X)  distributions,  shown  in  Fig.  2  20  give 
additional  insight  into  thermal  loads  of  dual  mode 
scramjet  inlet  and  combustor  as  compared  witii  data  of 
Fig.  2.24.  One  can  see  those  heat  fluxes  on  inlet 
compression  surfaces  (X<4)  are  small  and  values  of 
wall  temperature  Tw  of  central  body  increase  during 
time  interval  t=43.5  .57.5  s  not  higher  than  by  ATw 
=50...  100  K“.  The  comparison  of  Tw(X)  and  Q.sw(X) 
shows  that  specific  heat  fluxes  in  the  first  part  of 
combustor  increase  appreciably  at  feed  of  fuel  part 
through  the  first  row  of  injection  This  fact  together 
with  distributions  P(X)  change  testifies  to  hydrogen 
combustion  along  the  whole  engine  duct  at  subsonic 
combustion  regimes  at  x  >52  s. 

As  the  analysis  has  shown,  static  pressure 
values  P  measured  on  inlet  compression  surfaces  are 
close  to  design  values  and  experimental  data  obtained 
in  ground  test  conditions.  For  this  reason,  calculated 
experimental  dependencies  of  inlet  coefficient  cp  and 
liquid  streamline  additional  drag  force  factor  Cx  upon 
incoming  flow  Mach  number  and  angle  of  attack  were 
used  to  determine  engine  air  mass  flow  rate  and  flow 
parameters  in  inlet  throat  (section  X=4.2,  before  the 
first  injection  ring).  Experimental  dual  mode 


scramjet  inlet  parameters  determined  in  fliglit  test 
conditions  are  shown  in  Fig  2.27.  The  first  flight  test 
data  are  presented  in  the  same  figure  for  comparison 
Reynolds  numbers  calculated  on  incoming  flow 
parameters  and  cowl  sharp  edge  diameter  D„=0.226  m 
varied  within  the  limits  Re=(0.5*2. 1)1(X'  and  Re=(l  .4- 
2.7)10^  in  the  first  and  the  second  flight  tests, 
respectively.  One  can  see  a  good  agreement  of  inlet 
parameters  (pressure  increase  ratio  Pj,  Mach  number 
Mj  and  total  pressure  recovery  factor  Oj)  obtained  in 
both  tests  are  in  good  agreement. 

Some  distinction  between  M,  and  oi  values, 
obtained  m  different  tests,  appreciable  at  supersonic 
combustion  regimes  Mu  >5  is  caused,  apparently,  by 
heat  release  in  the  first  part  of  combustor  effects  on 
boundary  layer  and  separation  zone  in  inlet  throat  It 
is  possible  that  pressure  increase  on  central  body 
compression  surfaces  is  caused  by  the  same  reason,  at 
least  near  pressure  P5  points  of  measuring 

Flow  Mach  number  M.  total  pressure  losses 
and  hydrogen  fuel  combustion  efficiency  distributions 
along  the  dual  mode  scramjet  combustor  on 
characteristic  subsonic  and  supersonic  combustion 
regimes  are  illustrated  in  Fig  2  28  Flow  Mach 
number  change  in  the  first  part  of  combustor  at 
subsonic  combustor  regime  (Fig.  2.28a)  characterizes 
flow  deceleration  in  pseudo-shock  wave  zone.  The 
mentioned  above  peculiarity  of  pressure  distribution 
along  the  length  at  combustor  second  part  (see  Fig 
2.26a)  becomes  apparent  in  flow  acceleration  up  to 
transonic  velocity  in  section  x=7  0  with  two  strongly 
pronounced  subsonic  flow  zones  at  the  second  and  the 
third  part  of  combustor  Main  losses  of  total  pressure 
at  these  regimes  are  concentrated  in  the  first  part  of 
combustor  and  in  the  beginning  of  the  second  part  in 
the  region  of  air  flow  deceleration.  Combustion 
efficiency,  for  an  air  to  fuel  ratio  of  12  reaches  0  8 
The  most  active  fuel  jets  burning  occur  till  x=8.7.  in 
the  second  and  in  the  beginning  of  the  third  part  of 
combustor  (Fig  2  28a) 

The  results  presented  in  Fig.  2.28b  example 
of  operation  regime  for  which  supersonic  flow  is 
achieved  all  along  the  engine  duct.  Here  the  main 
total  losses  occur  in  the  first  part  of  the  chamber, 
where  combustion  takes  place  in  a  supersonic  flow 
with  high  initial  velocity  (about  Mach  2.2)  and  also  in 
the  second  and  third  flame  stabilizers  zone.  The  total 
pressure  decrease  is  about  50%  in  both  regions.  It  does 
not  exceed  30%  or  40%  in  the  rest  of  the  combustor 

Non  monotonous  variations  of  Mach  number 
M  in  the  first  part  of  combustor  is  explained  by 
combined  effect  of  heat  release  and  cross  section  area 
increase.  It  is  obvious,  that  the  effect  of  heat  release  is 
prevailing  in  stabilizer's  region  due  fuel  burns  in  the 
circulation  zone  and  heat  release  is  maximum  at  the 
beginning  of  hydrogen  jets  combustion. 
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The  analyiii  reiultc  also  show  that  the  total 
pressure  recovery  ratio  Oghunb  >•  constant  behind  the 
stabilizer  cavity  at  that  combustion  efficiency,  for  the 
first  injection,  tii  ,  is  about  0.7  at  the  end  of  the  first 
combustor  part.  This  can  lead  to  the  conclusion  that 
probably,  for  small  fliel  mass  flow  rate  combustion 
mainly  takes  place  in  the  flame  stabilizer  operates  not 
in  flame  regime.  The  global  combustion  efficiency  at 
the  combustor  exit  is  about  0.7--0  8. 

Data  scatter  at  combustion  efficiency  factor 
variation  along  the  combustor  in  both  examples 
presented  in  Fig.  2  28  is  explained  by  approximates  of 
one-dimensional  approach  to  the  analysis  of 
experimental  data  on  pseudo-shock  zone  and  high 
flow  nonuniformity  near  fuel  jets  burnout  beginning, 
including  region  near  the  second  and  the  second 
cavity  stabilizer.  But  the  results  of  comparison  of  gas 
dynamic  method  used  in  present  paper  with  thrust 
method  of  determination  results,  obtained  at 
experimental  investigations  of  scramjet  bed  models  , 
have  corroborated  the  authenticity  of  determining 
averaged  flow  parameters  in  region  with  moderate 
nonuniformity  extent:  at  combined  combustor  exit  and 
in  the  end  of  its  first  part 

The  generalization  of  the  first  and  second 
night  tests  experimental  data  related  to  combustion 
efficiency  is  presented  in  Fig  2  29  The  symbols 
indicated  experimental  data  and  the  solid  lines  the 
approximation  of  these  data  The  leading  parts  of 
diffusion  processes  in  hydrogen  combustion  are 
corroborated  by  typical  shape  of  correlation's  between 
combustion  efficiency  and  equivalence  ratio  p,  with 
efficiency  decrease  near  p  =  I  and  increase  when  p 
greater  or  low  then  1.  The  higher  values  of  efficiency 
in  supersonic  combustion  regimes  are  explained  by 
increase  of  fuel  injectors'  number  and  by  the  larger 
combustor  length  over  which  fuel  jets  mixing  with  air 
and  combustion  occurs 


Some  CoHclusiott. 

During  the  second  flight  test  of  the  duel 
mode  scramjet  in  the  Hypersonic  flight  Laboratory 
"Kholod",  the  engine  operated  in  the  range  of  flight 
Mach  number  running  from  M|{=3  S  to  M||=S  35  and 
between  altitude  of  15  km  and  24  km  is  subsonic  and 
supersonic  combustion  operating  modes.  Hydrogen 
combustion  in  a  flow  that  was  supersonic  all  along  the 
scramjet  duct  was  achieved  for  the  first  time  in  flight 
test  conditions,  between  Mach  number  of  5. 1  and  5  3 
and  with  air  to  fuel  ratio  of  about  1.8. 

For  subsonic  combustion  regime,  with  air  to 
fuel  ratio  running  from  1.2  to  2.5,  combustion 
efficiency  varied  from  0  65  to  0  88.  In  supersonic 
combustion  inode,  and  for  air  to  fuel  ratio  comprised 
between  1.7  and  2.  it  varied  from  0  7  to  0  95 

The  cooling  system  was  able  to  ensure 
normal  scramjet  operation  without  structure  break¬ 
down  during  23  s.  Hydrogen  supplying  system  and 
engine  regulation  could  also  achieve  engine  starting 
and  it's  in  two  different  combustion  modes 

Thus,  results  have  demonstrated  technical 
feasibility  of  fliglit  tests  with  rocket  boosters  and  their 
ability  to  provide  significant  information  about 
scramjet  operation. 
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FUQHT  PATH  REGION,  ENTHALPY  CONSTANT  LINES  AND  RAM  CONSTANT  LINES 


UNES  OF  CONSTANT  QUASI-EQUIUBRIUM  TOTAL  TEKf>ERATURE  T^,  TOTAL 
PRESSURE  P^  AT  SCRAMJET  ENTRANCE  AND  THE  FLIGHT  PATH  REGION 
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control. 
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control. 
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Scramict  Duct  Opcraring  Process  Study  Methods 


Experimental  Studies  in 
Laboratory 

Test  Facility 
Simulation  of 
Operating  Process 

Flight  Tests  of  Sub- 
Scale  Models 
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Simulation  of  Flows 
Including 
PhysicalChemical 
Conversions 
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System  on  The 
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1  Investigation  Objects 

-•Revealing  and 
elaboration  of  physical 
flow  pattern  and  some 
characteristics  of 
phenomena  in  scramjet 
duct  elements  (inlet, 
combustor,  exhaust 
nozzle)  with  possible 
simulation  of 
physicalcheniical 
conversions  in  high- 
enthalpy  flow  including 
influence  ofhigh  cooled 
walls 

-Investigation  at 
conditions  close  to 
real  both  for  duct  on 
the  whole  and  for  its 
elements  in  possible 
range  of  M  and  Re 
numbers, 
corresponding  to 
different  parts  of 
flight  path 

-Investigation  at 
conditions  close  to 
real  both  for  duct  on 
the  whole  and  for  its 
elements  along  flig!.. 
paths  close  to  real 

-Investigation  of 
scramjet 

performances  on  the 
whole  range  of 
external  parameters. 

-Investigation  of 
various  parameters 
influence  on  scramjet 
efficiency,  economy 
and  specific  mass. 

-Optimization  of 
duct  parameters  for 
given  goal  function. 

-Investigation  of 
all  scramjet  duct 
parameters  along 
possible  flight 
paths. 

Fig  2  17 


Scramiet  Duct  Operating  Process  Study  Methods 


Experimental  Studies  in 
Laboratory 

Test  Facility 
Simulation  of 
Operating  Process 

Flight  Tests  of  Sub-Scale 
Models 

Mathematical 
Simulation  of  Flows 
Including 
PhysicalChemical 
Conversions 

Real-Size 
Flight  Tests  of 
Modules  and 
Propulsion 
System  on  The 
Whole 

1  Various  Investigations  Methods  Advantages  I 

-The  opportunity  of  detailed 
investigation  of  unsteady  and 
nun  equilibnum  gasdynamics 
phenomena  including  flow 
viscosity  and  turbulence  and 
mechanics  of  flow  stabilization 
and  energy  release 
"The  same  for  dilTusiun  and 
detonation  combustion  process 
in  range  M  =  2  6  m  flow  core 
and  wall  region 
-The  grater  information 
obtained  by  optic-electronics 
measurements 

-Comprehensive 
simulation  of 
phenomena  in 
limited  ranges  of 

M  and  Re 
numbers  and  at 
limited  test 
duration 

-Comprehensive  simulation 
of  phenomena  fur  real  air 
composition  along  the  whole 
flight  path  of  real  scramjet  in 
limited  range  of  Re  number 
and  limited  test  duration 
—Simulation  of  propulsion 
system  plane  interference 
-Independent  methods  of 
measurements  of  scramjet 
thrust  and  drag  balance  and 
specific  impulse 

-Unlimited  range  of 
parameters 

-Detailed  data  on  flow 
pattern  on  the  whole  and 
in  the  small 

-Generalization  of 
experimental  results, 
obtained  in  laboratory, 
test  facility  and  flight 
test 

-Simulation  of 
interference  of 
propulsion  system  and 
plane 

Simulation  of 
all  real 
conditions  of 
scramjet 
operation. 

Fig  2.18 
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ScraroJct  Duct  Operating  Process  Study  Methods 


Experimental  Studies  in 
Laboratory 

Test  Facility  Simulation  of 
Operating  Process 

Right  Tests  of 
Sub-Scale 
Models 

Mathematical 
Simulation  of  Flows 
Including 
PhysicalChemical 
Conversions 

Real-Size 
Right  Tests  of 
Modules  and 
Propulsion 
System  on  The 
Whole 

1  Various  investigations  methods  disadvantages 

"Incomplete  simulation  of 
operating  process  both  in 
scramjet  duct  on  the  whole 
and  in  its  elements  due  to 
impossibility  to  keep  all 
similarity  criteria,  detailed 
duct  configuration,  initial 
and  boundary  conditions  of 
flow. 

"Simulation  of  only  some 
characteristic  features  of 
flows  and  phenomena. 

"Heterogeneous 
qualitative  results. 

"Limited  ranges  of  M  and 
Re  numbers(ehthalpy  and 
absolute  flow  velocity), 
model  dimensions, 
incomplete  simulation  of 
physical-chemical 
compositions  of  flow  in 
model  scramjet  duct. 

"Limited  nature  of 
information  obtained  by 
measurements. 

"Necessity  to  use  a  set  of 
test  facilities  for  simulation 
of  parameters  along  the 
flight  path. 

"Small 
dimensions  of 
model 

scramjet  duct. 
Limited  nature 
of 

measurements 

methods. 

"Use  of  semi- 
empirical  models  of 
turbulence  and 
physical-chemical 
phenomena  in 
connection  with 
impossibility  of  exact 
integration  of  motion 
equations  for  real  Re 
and  M  and  gas 
composition 

"Limited 
number  of  tests 
"Limited 
information  on 
operating 
process 
"Extremely 
high  cost  and 
risk  of  tests 

Fig  2  19 


Scramict  Duct  Operating  Process  Study  Methods 


Experimental  Studies  in 
Laboratory 

Test  Facility  Simulation 
of  Operating  Process 

Right  Tests  of  Sub- 
Scale  Models 

Mathematical 
Simulation  of 
Rows  Including 
PhysicalChemical 
Conversions 

Real-Size 
Right  Tests  of 
Modules  and 
Propulsion 
System  on 
The  Whole 

1  Investigation  M 

ethods  Interaction  I 

"Comparison  of  diflerent 
laboratory  methods  is 
necessary  to  estimate 
measurements  reliability  and 
errors  and  to  obtain  reference 
data. 

"Verification  and 
extrapolation  of  laboratory 
methods  results  by  methods 
2...S  is  necessary. 

"Results  of  methods  1 
and  4  are  used. 

"A  set  of 

measurements  methods 
is  necessary  to  obtain 
reference  results. 

"Verification  and 
extrapolation  of  results 
by  methods  3,4,5  are 
necessary. 

"Results  of  methods 

1.2.4  are  used. 
"Verification  and 
extrapolation  of 
results  by  methods 

2.4.5  are  necessary. 

-  Ihe  whole 
data  base 
obtained  by 
methods  1, 2.3,5 
is  used,  especially 
data  of  methods 
1.2. 

—Results  of 
methods  I...4 
are  used. 

Fig  2  20 
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UQUiURmS  TO  TU  tmUlHOTAL  DNSCBAlIJir  COHTBOI.  SYSTIH: 


•  rUCL  fLOH  MT(  CIMCIMC  AMD  OISTBIBUTIOM  OM  Tit  IIIJICTOB 
lOVS  (IMIMII)  IM  ACCOBOANCI  NITI  rilCIT  lUCI  MUHIIB 

•  STAILl  »{IMt  OPIBATIOM  TOD  TIE  STEADY  AMD  UMSTIADY  MODES 
(STAIT.  RAXIKUM  lEAT  ADDITIOM  MODES.  IMLET  TLOM  STALL, 
COOLIMC  STIUCTUIE...) 

•  MIDI  BAMSE  or  TIE  OPEBATIDMAL  MODES  lY  PUEL  TLOM  BATE  AMD 
ELICIT  NACI  MUMIEB  EOB  SUI80M1C  AMD  SUPEBSOMIC  COMIUSTlOM 

•  CIAMCIMC  OE  COMTBOL  PBOCBAMS  AMD  LIMITS 


SUEEICtUT  ACCUBACY,  SIMPLICITY,  BELIABILin... 


Fig.  2.22.  Conception  of  the  experiaental  discranjet  control  system 
a  -  functional  scheme  of  the  control  system; 
b  -  scheme  of  the  fuel  feed  and  cooling  system 


Oh  O.  Cn 


IIIM.S 


Fig.  2.23.  HFL  traiectQfv  parameters  (external  traiectorv  measurements 

EM  -  night  Mach  number;  EH:-  altitude  (km) ;  QH  -  dynamic  pressure  (kg/m^) 


OSU  ,KKflL/S 


OSU  ^KKPLAS 
300 


Changt  of  discraajtt  paraicters  by  tngine  length  (P  -  pressure  ratio,  TM  -  wall 
teiperature.  QSH  •  heat  flux;  light  syebols  -  cowling,  dark  syebols  -  central  body. 
-  regulator  aeasureients) 

a  -  subsonic  coebustlon,  TAUH3.S  s.  liH:4.32.  H>I7.4  ke.  ALFft:1.18; 
b  -  supersonic  coebustlon.  TAUs57.5  s.  llHt5.33.  K*-?!.’  hn.  illrn--!  .SI 


sicnCHRnB 


SlGHCHRnB 


Flow  paraieters  in  the  descraijet  coebustlon  chaeber  (M  -  Kach  nueber,  SIGHCHANB 
total  pressure  recovery  coefficient.  ETA  -  coebustlon  efficiency,  eodes  os  Fig. 8) 
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Fig.  Ill 


Dual  mode  scramiet  parameters  in  (light  conditions 
Pj  static  pressure  ratio  •  Mj  Mach  number  in  the  inlet  throat  • 
oj  total  pressure  recovery  coefficient 
■  first  flight  ♦  second  flight 


Hydroffen  coibuslion  efficiency  coefficients  at  the  experlaental  scraijet 
Fig.  2.29  #  -  fuel  feedli^  for  subsonic  coibustlon  aode  through  II  and 

III  Injector  rows;  OOD  fuel  feeding  for  supersonic,  coehuslion 
■ode  through  I,  II  and  III  injector  rous;  0OP-  start  chaiber  lodes 
or  near  "shock  out"  aodes 
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14.  Abstract 

Russia  has  a  long  tradition  of  achievement  in  ramjet  research  and  development.  This  tradition, 
and  aspirations  toward  new  and  effective  products,  have  led  to  establish  Russian  priority  in  the 
ramjet  field. 

This  Lecture  Series  will  present  and  discuss  the  scientific  problems  of  the  development  of  ramjets/ 
scramjets  and  turboramjets. 

Some  specific  aspects  of  liquid/solid  ramjet  development,  the  concepts  of  LH2  high  efficiency 
RAM  combustors,  the  results  of  full  scale  turboramjet  testing,  scramjet  or  CFD  analyses  and  their 
ground  flight  tests  will  be  studied. 
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